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INTRODUCTION OF CONGRESSMAN GEORGE MILLER

L, E. Root
President
Institute of the Aerospace Sciences

Tonight's main speaker is one of the key men
in the U, S. space effort. There is almost no one
of us here tonight, whose professional activitles
will not be affected in some way by the work of
Congressman George Miller, Chairman of the Standing
Committee on Science and Astronautics of the U, S.
House of Representatives.

I think it can be said without exaggeration
that we are fortunate to have "one of our cwn"
profession in this key spot in the national legis-
lative branch, Conpgressman Miller is one of the
few engineers in Congress. In fact, he is credited
with needling his fellow Congressmen, most of them
lawyers, with the comment: "You peoole &ll think
in eireles. I am one of the few suys around here
who has been trained to think in straight lines."
And it seems clear enough that a technical back-
ground is very useful in framing legislation for the
snace effort.

Dur speaker also has a long standing interest
in science and technical subjects. He has long
served on the House Armed Services Committee. And
with the creation of the Science and Astronautics
Committee, one of the major committees of the lower
house, he switched over to that body. On the death
of Overton Brooks of Loulsiana last September, he
took over as chairman.

However, perhaps equally significant was his
earlier Chairmanship of the House Subcommittee on
Deeanography. I suppose most of us are aware that,
like space, the oceans covering 71 per cent of the
earth's surface offer another frontier and that
growth of oceanography as a new science and base of
national power is inevitable,

One observer comments that George Miller has
done more for oceanography than any man in Congress
and this says a good deal about his scientifie
awareness. Our speaker has also broken the sound
barrier seven years ago in a navy fighter when
frankly he has damn well old enough to know better.
Personally, he is characterized by an easy-going,
story-telling manner and a quick, perceptive ana-
lytical mind, The book Californians in Congress
says of him that he makes no effort to obtain
personal publicity, that he is highly regarded in
his District of Alameda County, as attested by a
long series of sweeping electoral victoriss, The
same book adds that he is esteemed as a practical
politician and a hard worker.

According to a good many people, George Miller
seems best characterized by the law of conservation
of energy, or the most results for the least ex-
penditure of resources. In election campaigns, he
employs no election headquarters, no large bill
boards. He does call on a large cadre of friends,
including people from both parties. He has a deadly
efficient post card system, and relies on the long
memories of a great many constituents, of good
personal efforts in their behalf by their man in
Washington., He displays similar quiet efficiency
in other areas.

Our speaker was born in San Franecisco, son of
the captain of a Sacramento river dredger. He has
a civil engineering derree from the San Franecisco
Bay Area's St. Mary's College. He has been a civil
engineer, travel agent, fish and game official. He
was a First Lieutenant of Artillery in Werld War I,
and in the rreat depression of the 30's was forced
onto the WPA and put in some time as a street
sweeper=--a job which put him in contact with a lot
of people in his home county, and &lso into politics
where he was elected to the State Legislature in
1937. He has served 1° years in Congress and has
pursued a moderate liberal line with a continuing
strong interest in committee work, He is the senior
member from Morthern California. He likes to take
jaunts in the Washinpgton countryside and to hike in
the wilderness areas of our Slerra Nevada Range.

In 1927, he married the former Fsther Perkins,
who had come from Nebraska to head personnel oper-
ations in a San Francisco department store. He
likes to say jokingly of her that she's the "real
sizer-up of people" and politieian in the family.
Though the facts suggest that Congreasman Miller
personally swings a highly effective if not obvious
political stick. He has one daughter and two grand-
children.

Finally, Space Committee Chairman Miller is on
record as accepting the race to the moon as inevi-
table and necessary. Put he feels the scientific
results are at least as important as the race itself,
a view that T believe will find 1ittle quarrel in
this audience. He stresses he chalrs the Selence
and Astronautics Committee, in that order, and so he
strongly supports the Furean of Standards and the
National Science Foundation, as both directly sus-
tain the total national scientifie capability. In
back-home speeches, he stresses gquality scientific
education and equally hard the gap in production of
englneers, and the eritical role of the engineering
professions in over-all national power.

T believe it can be sald that as a Congressman,
George Miller has repreasented the engineering field,
as well as his constituents, in the way we would most
of us expect to see it represented by a competent
professional.

It i3 said that one of the axioms of the adver-
tising business is that "a smart dime can never beat
a dumb dollar," In the space business, I think, we
have been proving this axiom wrong a good part of the
time. Our smart, eleverly-instrumented, small-pay-
load dimes have often made a good showing. They have
frequently won out over the bigger, relatively dumber
payloads of the competition in the U.S5.S5.R.

Nonetheless, in general, it seems that the rule
holds good. It 1s still better to get there first
with "the mostest."

And our guest tonight is a man who has a key
part in seeing that in space we do---hare is to-
nieht's Speaker, The Honorshble Chairman George P.
Miller.



Banquet Speech

THE NEW ERA OF EXPLORATION

by

The Honorable George Miller

The Conpress of the United States of America

Today you have heard reviews of all of our
manned space programs - the X-15, Project Mercury,
Project DynaSoar, Project Gemini, and Project Apollo.
You have also heard the carefully chosen remarks of
Mr. D. Brainerd Holmes, Director of the National
Aeronautics and Space Administration's Manned Space
Flight Program. You have heard a detailed report on
Project Mercury which reveals the enormous progress
this remarkable program has made in the 3% years
since its inception.

I am sure that, like myself, you are impressed
with the scope of these programs and the progress
which is being made., I am proud to have had a close
assoclation with these programs as a member and
Chairman of the House Committee on Science and
Astronautics. I am sure you will agree with me that
the Committee has been one of the most faithful sup-
porters of the Manned Space Flight Programs.

However great the progress we have made to
date, it is a mere first step in the journey we have
bafore us. Man is going to explore space just as
surely as we meet here tonight.

The observation has been made that nations are
either dynamic and grow, or they stagnate and fade
away., I am proud that this nation has made the de-
ecision to push its frontiers forward. We are taking
steps to grow and to lead the world by the example
of our vigor. If we, the wealthiest nation on earth,
had failed to accept the challenge of space explo-
ration, and allowed this initiative to fall, by de-
fault, to a more vigorous nation, our stagnation as
a nation would have begun.

T am proud that this nation has committed it~
self so strongly to the task. We are privileged to
be part of this effort. But we, both as a nation
and as individuals, must give of our best to
accomplish the formidable tasks we have undertaken.

Consider our space programs against the his-
torical background of the period of about 1500 AD,
At that time, Europeans knew only dimly of the vast
land area of Asia and absolutely nothing of the
American continents. It was the ape of great
adventure and exploration, Columbus and Magellan had
the foresight to conceive plans for voyages which,
in a brief period of years, literally changed world
histary.

The voyages of Columbus and Magellan extended
man's vision as few voyages in history have - before
or since, The world was never the same again. Man
raised his eyes above the horizon and was fascinated
and drawn toward what he envisioned. I am convinced
that Space Flight has again raised man's eyes. We
are embarked on a series of voyages across distances
incomparably far.

Many sciences will contribute to this new
exploration. Most of you are well aware of the

magnitude of the number of sciences which must be
utilized. MNevertheless, I would emphasize that all
scientific disciplines available today must be
harnessed and make their contributions in order to
successfully conclude the voyages which we have
planned. This is truly a monumental task and will
call for the best efforts not only from all of us,
but also from the free world.

The United States has found that sclentists

all over the world are eager to associate themselves
with American space efforts. This overseas effort
among countries allied with the Western world will
become more and more important as Furope (and Asia
to a lesser derree) masses its own resources in the
tremendous endeavor which is now underway to probe
space.

Western Furope took a decisive step early in
1962 to become an active participant on its own in
space development and exploration. It established
the European Space Research Organization, ESRO,
Twelve nations will be included in the organization
and each will contribute to the space research
budget according to its participation and capacity.
ESRO's plans call for a first year budget of around
215 million, increasing to a minimum of %50 millien
within five years. It is expected that ESRO will
emphasize purely scientific research, beginning
first vith sounding rockets. Within four years, it
is anticipated that it will supplement this program
with earth satellites, space probes, astronomical
satellites, and lunar satellites. Approximately
800 people will be involved, plus an additional 150
for tracking, telemetry, data reduction, etc.

Four nations--the United Kingdom, Italy, West
Germany and France=-have also signed an agreement
formally establishing the European Space Launcher
Development Organization. The agreement will re-
main open until April 30 for the signature of other
nations and it is expected that Australia, Denmark,
Belgium, the Netherlands, Spain, and perhaps Sweden,
Switzerland and Norway, wlll join.

This organization, known as ELDO, will seek to
develop a three-stage satellite booster, The
launching wehicle will be composed, according to
present plans, of the British PFlue Streak rocket
for the first stage, the French Veronique as the
second stape, and the West Cerman third stare. The
goal is the development of the launcher in time to
boost a satellite into orbit from Woomera in 1965,
It is estimated that the program will cost approxi-
mately %200 million over the next five years, with
Fngland furnishing a third.

Resides this cooperative effort on the part of
Western Furope and Australia, various Furopean
nations are poing into sizeable space programs of
their own. The United Kingdom, for one, has es-
tablished a National Committee for Space Research,
which has been placed in charge of the program.



The UK program involves pavload work being done at
the, Edinburgh Royal Observatory, the University of
London, and the Royal Aircraft Establishment at
Farnborough. In addition, there will be launchings
at Woomera and at Aberporth, England.

In France, a National Center for Space Studies
has been created, to function &ireetly under the
Prime Minister, but to be administered by Civilian
Scientists. Western Germany 1s reported also to be
launching itas own space research program.

European space research experts, both on a
collective and individual nation basis, appear
anxious to keep in touch with the American space
program in order to avoid duplication of work as
well as keep up to date on the results of our
Programs.

The international aspects of the program ars
strong from the United States' point of view,
Existing agreements which call for the launching of
joint satellites and for mutual aid in tracking,
communications and otherfacets of the space effort,
will probably have to be widened ard implemented.
Simple geography is likely to demand this in the
more sophisticated future space programs. A good
example is the use of the Jodrell Bank radio-teles-
scope in Britain, which both American and Ruasian
Seientists have used from time to time,

No discussion of the International aspects of
space cooperation would be complete witheut mention
of the various educational programs in which NASA is
engaged. In the case of distinguished foreipgn
scientists, it is clear that they can made immediate
contributions to experimental space research,
Indeed, the leading research in a number of fields
was initiated abroad. But there is also a need to
train younger scientists, since space research by
means of instrumented satellites is only now
beginning in most countries abroad.

For carefully selected, recognized senior
scientists, the United States has established a
postdoctoral associateship program that provides
opnortunities to work on either theory or experi=
ments at NASA centers. Twenty-nine foreign nation-
gls from 13 countries have participated in this
program to date. Consistent with their senier
status, liberal one-year stipends are provided par-
ticipants by NASA through the National Academy of
Science, which administers the program,

For younger acientists, NASA conducts three
training proprams, Foreign graduate students
sponsored by their space commlttees or national
research counclls may be nominated for fellowshios
for periods of one to two years in American Tni-
versity laboratories carrying out space-related
projects. The sponsoring agency abroad provides
transocean travel and subsistence in this country
while NASA, through the National Academy of Sciences,
provides university costs and domestic travel, This
program is expected to accommodate up to 100 graduate
students per year at 25 to 30 universities beginning
this coming fall, It may also be utilized to support
extended visits by American university professors to
lecture to appropriate groups of graduate students
ahroad.

On~-the-job orientation and instruction of
foreipgn technicians and scientists are also pro-
vided for varying periods at NASA laboratories and
at the launching station at Wallops Island, Virginia,
on a non-funded basis, Finally, increased partieci-

pation in the operation of NASA's global network is
mneouraged through a training program under the di-
rection of NASA's Goddard Space Flight Center at
Greenbelt, Maryland.

NASA believes that these programs have stimu-
lated strong interest abroad in space research and
davelopment., National space committees have been
organized in nearly two dozen countries. The
prospect of United States assistance for space
research has been of great importance to nations in
the early stages.

Every effort is being made so that the ecivil-
ian space program of ths United States reduces
rather than increases the technological gap in the
Western world. This has the greatest long-range
implications for the economic well=being and the
security of the free nations.

What will be the tangible benefits to mankind
from these space programs we have undertaken? The
exact benefits are hard to detarmine at the start
of the voyage. Will the earth establish colonies
on other planets? Tt obviously is too early to
answer this question; however, I can wvisualize with
some clarity some of the benefits which are typical
of those we reasonably can expect,

As a first example, T point to the dewslop-
ments in the field of utilizing algae aa an inex-
pensive and rapid method of providing a constant
supply of very nutritious food. The developments,
aimed at providing food for space crews on long
trips, appear adaptable to use in providing food
for the over-populated and under-developed nations
of the earth. It might be that the algae tank
could become as important to a family as the garden
plot is today.

As a second example, I point out that today,
in order to manufacture some of the components
which are used in spacecraft, rooms of extreme
cleanliness (or "white rooms") must be used. The
gsame techniques of removing dust and drt from
these rooms are adaptable to the removable of germs
as well, Thus, it is reasonable that our hospital
operating rooms, and other rooms as well, could be
made almost completely germless. Thus, the chances
of infection during surgery would be decreased and
recovery from illnesses would be increased.

All of you who followed John Glenn's flight
are aware that his pulse rate, heart condition,
respiration rate and blood pressure were constantly
telemetered back to earth. Varlations of this tech-~
nique are already in use for more routine medical
purposes today.

It is vossible that, in the future, nersons
sugspected of heart trouble or key personnel of the
nation will carry with them micro-miniaturized in-
strumentation which will radio back to a central
medical facility constant information on their
physical condition. Automatic equinment at the
central facility would 'constantly monitor the read-
ings coming in and sound an alarm at the first sien
of an abnormality. Thus, the first sign of a "bad"
heart would be instantly detected, and medical at-
tention provided.

The development of space suits, with pro-
visions for not only countering the extremes of
the high and low temperatures which will be



encountered on the moon, but which will provide
constant communications, is proceeding on schedule.
This development could lead to the availability of
lightweight and comfortable "air-conditicned"
clothing suitable for year-round use here on earth.
Constant commnications could be maintained with
one's of fice, althouch this is looked upcn as a
mixed blessing.

One of the most perplexing problems of space
flight is that of waste disposal. However, de=
velopments to date indleate that this problem will
not be too diffiecult to solve. The solution shows
promise of being adaptable to the drastic reduction
of the pollution of our rivers and streams, and may
eventually lead to the elimination of costly com=-
munity sewage disposal systems.

All of us are thoroughly familiar with the
evolution of the aircraft seat belt or safety belt,
and its adaption to automobile use. The contour
eouches being used today for acceleration and vibra-
tion attenuating devices appear equally useful and
adaptable for use for both military and civilian
purposes in a number of modes of transportation.

This list could po on and on - new fuels, new
metal fabrication techniques, fuel cells, high-
temperature glasses, all of these developments will
be accelerated. As has been wisely said = the funds
we will expend for our space exploration programs
will be spent here on earth, and not in space. The
entire nation will benefit in a material manner.

To receive these rewards as we push our fron=-
tiera beyond what we had literally not conceived
several years ago will require a maximum degree of
cooperation. All Government agencies must share
their technical developments and information
learned in tests and flights. I am very gratified
at the efforts which have been made to distribute
the information gathered in Project Mercury.

I am equally pleased to see the cooperation of
NASA and the Department of Defense. This free
interchange of plans, developments, and test re=
sults will allow each Agency to carry out its indi-
vidually assigned responsibilities, utilizing what
has been learned by both.

Because of the extremely high cost of space
activity, particular attentlon must be paid to the
elimination of unnecessary duplication. However,
because the program is of swh significance to the
nation, it must be pushed vigorously.

In conclusion, let me say that I see the world
on the verge of an extension of our frontiers which
will match or succeed any expansion ever experienced
before. We must proceed vigorously with our space
programs both as a hallmark of the vigor of our
nation and to accelerate our national growth., Ve
must reap the benefits from ttese mroprams and the
technology which made them possible and dis tribute
these benefits throughout the Free World. As our
great President has so well stated, "We have a long
way to go in thls space race., We started late.

But this is the new ocean, and I believe the United
States must sail on it and be in a position second
to none,"



Luncheon Speech

ORGANIZING FOR THE CONQUEST OF SPACE

Deliverad for

D. Brainerd Holmes
Director, Office of Manned Space Flight
Mational Asronautics and Space Administration

By

George M. Low
Director, Spacecraft and Flight Missions
Office of Manned Space Flight, NASA

Mr, Holmes has asked me to express his sin-
cere regrets for being unable to be with you today
to deliver this address. Unfortunately, there was
a last minute change in the schedule for our
Congressional Hearings and Mr. Holmes had to stay
in Washington to testify before the House Appro-
priations Committee,

Today I will not talk about our manned space
flight program, about Projects Mercury, Gemini and
Apollo, since these subjects are thoroughly covered
in the technical presentations to this Conference.
Instead, I will discuss the organizational gtrue-
ture we are creating in mustering the afforts of
this Wation for the great task which lies ahead,

It is unfortunate that some seem to rerard our
current lunar program and the oroprams beyond as
stunts. Nothing could be farther from the truth;
on the contrary, we are firmly convinced that we
are embarked upon a venture which helds wvery deepo
gignificance for the future of this Country in
man's endless search for knowledge.

We can ill-afford to sllow any misconceotions
as to our program, or any thoughts that the
program smacks of the theatrical, to persist. It
iz up to all of us to help dispel any such errone=
ous views since we need the wholehearted support of
the entire country if we are to accomplish our
mission.,

The need for this support is, I believe, com-
pletely understandable since NASA is faced with one
of the most complex engineering tasks ever under-
taken by man, The number of Americans who will be
directly invelved in this program will be measured
in the hundreds of thousands, and the number of
industrial orpganizations in the many thousands.

In addition, there will be participation by
countless universities and research organizati ons.
If we do not execute this effort with efficiency,
it can cost our country dearly. At worst, it mieght
cost us the mission's success, along with a seri-
cus set=back in national prestige, a loss of knowl-
edge, and a loss of international leadershin, At
the least, it would cost us thousands of man-years
of the Nation's best technical talent and literally
billions of dollars in this decade. ‘

Why do we want to go to the moon? I'wve tried
to suggest an answer to that question, A proFram
designed to land a man on the moon and bring him
back to earth, will focus our scientific and

technical talents on a task that is exceedingly
broad in scope and high in complexity. By its very
nature, it will lead to a general advancement in
technology that has heretofore seldom been equalled.
This advancement will, of course, lead to progress
in all fields. The manned lunar landing program is
thus providing the catalyst and the tonic for new
advantures of the mind and spirit. Our Natlon
squarely faced this great technological challenge
last May when the Presgident said, "I believe that
the Nation should commit itself to achieving the
Fodl, before the decade is out, of landing a man on
the moon and returning him safely to earth.” |

I will, for the remainder of my time, discuss
the organization of NASA and, more particularly,
the orpanizati on of the office of Manned Spacs
Flirht, which has been established to direct our
efforts to establish man's proficiency in operating
in space, including a round trio to the moon within
this decade.

First, then, let me outline very briefly the
thinking behind NASA's over-all organization as it
relates to the OIfice of Manned Snace Flight.

No new department or asency in the recent
history of the Executive Branch of the Federal
Government was created through the transfer of as
many units from other departments and agencies as
in the case of NASA. Three and one-half years ago,
NASA did not exist. Today NASA comprises approxi-
mately 20,500 employvees, ten majior field centers,
and a proposed budget for FY 1953 of nearly $3.8
billion.

From a purely organizational and manaserial
point of wiew, it might have been much easier to
create an entirely new department or agsncy to
handle the MNation's civilian space program, This
possibility, I understand, was explored and ra-
Jected becanse of the time required to recruit and
organize the technical and scientific talent re-
quired,

Tnstead, therefore, NASA has been orgarized by
melding together a number of existing apencies and
parts theresf. The research centers of the NACA
formed the nmucleus of the new organization. They
were soon Joined by a eroun from the Naval Research
Center, and later on by the Jet Propulsion labora-
tory and by the Marshall Space Flipht Center in
Huntsville.



Our current concept of organization and
management within NASA is based upon the establish-
ment of Program Offices charged with the responsi-
bility of program direction utilizing the skills
and efforts of the various NASA Centers, The en-
tire effort is then pulled together by a central
general mamagement organization. Such an ar-
rangement permita top level focus on the "program
problems" while retaining the continuity of re-
porting, growth, and control of the skill centers.

The primary responsibility for each of NASA's
four major programs - Marmed Space Flight, Space
Sciences, Applications, and Advanced Research and
Technoleogy - 1la assigred to a specific Program
0Office. The director of a program office is the
prineipal advisor to the Associate Administrator
in regard to his program area. He is also the
principal operating of ficial in regard to manage-
ment. of his assigned program., His office directs
the program by working directly with the Center
directors and their project and systems managers,
In addition to handling such matters as budeeting
and programming of funds amd establishing and
issuing technical pguidelines and schedules, each
program diregtor i3 also responsible for providing
continiing leadership in external and interagency
relationaships related to his assigned program.

The Center directors are responsible to the
hssociate Administrator for their skill centers,
but to the Program directors for their efforts
performed on the various programs they are under-
taking.

Now I would like to turn from the over=all
NASA organization to the management channels and
technigues we have established within the Office
of Manned Space Flight.

We are firmly convinced that the unprece=
dented challenge we are facing in the management
of all of the diverse elements required for the
success of our mission calls for meticulous
nlanning, careful organization, and immediate
responsiveness.

I am not sugeesting that manapgement problems
of this kind have never been faced before. They
have. They are faced frequently by Government and
industry, but on a scale not usually so sweeping.
Neither am I suggesting that the organization we
have developed to meet the problems is unique. On
the contrary, we have borrowed liberally from our
knowledge of Government and industry organizations.

It was in the light of this backeround and
experience, and after considerable discussion and
soul-searching within NASA, that the Program Office
of Manned Space Flipght was organized. This organ=
ization has heen designed so that each of the im=
portant functional operating areas, particularly at
the Manned Spacecraft Center in Houston, the
Marshall Space Flight Center in Huntsville, and the
Launch Operations Center at Cape Canaveral, has a
corresponding home in the Program Office.

As a part of this Program 0Office, a basic
Systems Engineering organization has been created
and is beinp staffed., This organization will he
composed of scientlsts and highly-skilled engli-
neers, physieists, and mathematicians who will
analyze the varlous missions, gystems, and equin=
ments which are being considered for the manned
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space flight endeavor.

It is our firm conviction that such a Systems
office is vital. We are also convinced that the
basic gystems engineering decisions related to the
mission approach must be retained within NASA, and
exercised by employees of NASA, Tt would be de-
gsirable if we were able to find the total number
of scientific and engineering persomnel to support
these key people, and employ them directly within
the organization. This prospect, however, was
carefully considered, and it was concluded that 1t
could not possibly be achieved within the required
time scale. Consequently, we have recently entered
into a eontractusl arrangement under which the nec-
essary personnel can be supplied and their know-
ledee and assistance used by the key people within
the Systems Engineering organization in formulating
their decisions and recommendations.

The contractor selected for this task is
called BELLCOMM, a corporation owned jointly by
AT&T and Western Electric Corporation.

BELLCOMM will provide an organization which
can lend adequate support in developing the factual
basis required to make the wide range of Systems
Engineering decisions necessary. For example, we
will draw upon this group for such things as stud-
ies of mission objectives and methods by which they
can be achieved; and for trade-off studies to pro=
vide data required to reach management decisions on
technical problems.

I have gone into some detall with regard to
the concept under which we will draw upon con-
tractor suoport in this instance, I think it is
important to do this since this facet of our Sys-
tems Engineering operation is illustrative not only
of our approach to the specific problems, but also
of our basic management philosophy; that is, final
broad management control and decision-making to be
exercised by Government personnel.

In addition to the Systems Engineering organ-
ization, the Office of Manned Space Flight has a
project management directorate for each major area
of endeavor, including Aerospace Medicine, Space-
eraft and Flight Missions, Launch Vehicles and Pro=-
pulsion, Integration and Checkout, and Program Re-
view and Resources Management.

The directorates of Spacecraft and Flight Mia-
sions and of Launch Vehicles and Propulsion are
most closely associated with the two field centers
regpongible for the spacecraft and lauwnch vehicle
development: The Manned Spacecraft Center in
Houston, Texas, and the Marshall Space Flight Cen-
ter in Huntsville, Alabama.

The directorate of Aerospace Medicine will
concentrate its efforts on the knowledege required
for manned space flight missions; it has no respon-
gibility for bioastronautics research that is not

directly in support of the manned snace flight pro-
gram,

The Integration and Checkout directorate will
have the over-all responsibility for the integratea
check-out of the spacecraft-launch vehicle combina=
tion. Responsibility for check-out equipment for
the spacecraft by itself, and for the launch vehi-
cle by itself, will rest with our spacecraft and
launch vehicle contractors. However, in order to



meet our mission objectives without undue delay, we
will require a major effort at the launch site;
there we will have to utilize new technigues, dif-
ferent from those in current practice. For examols,
we plan to assemble the spacecraft and launch vehi-
cle in a building remote from the launch pad. There,
under eontrolled atmosphere conditions, several com-
plete space vehicles can be assembled, checked and
tested. The entire vehicle will then be moved, ver-
tically, to the launch pad. The actual time spent
on the pad should be quite small.

During the time in the vertical assembly
building, on the way to the pad, and on the pad,
the space vehicle will undergo a continuous high
speed check-out. The plans for this integrated
check-out, and the provision of the check-out
equipment, will be the responsibility of the direc-
torate of Integration and Checkout, assisted by its
contractor, the General Electric Company.

The sixth directorate, Program Review and Re=
sources Management, is the administrative arm of
the 0Office of Manned Space Flight.

Most of the contracting for the Manned Space
Flight Program is being carried on by two major
centers of the NASA organization. These are the
Manned Spacecraft Center and the Marshall Space
Flight Center. These centers will contract with
many industrial organizations and will serve to in-
tegrate the efforts of these companies, The third
NASA center, which provides very major support to
the Office of Manned Space Flight, is the Launch
Operations Center at Cape Canaveral. The integra-
tion of &ll center efforts will be done by close
coordination with the program directorates of the
Office of Manned Space Flight,

The general management of the Manned Space
Flight Program is carried out by the Manned Space
Flight Management Council. This Council is chaired
by Mr. Holmes, the Director of Manned Space Flight.
Tts members are the Systems Engineering and Program
Directors, Drs. Shea and Roadman and Messrs. Rosen,
Sloan, Lilly and myself; the Director and Deputy
Director of the Manned Spacecraft Center,Mr.Gilruth
and Mr., Williams; the Director and Deputy Director
of the Marshall Space Flight Center, Dr. von Braun
and Dr. Rees; and the Director of the Launch Oper=-
ations Center at Cape Canaveral, Dr. Debus, Here,
then, are the men within Government who bear the
specific responsibilities for carrying out this
Nation's effort in manned space exploration. It is
they who establish the detailed policies and tech-
nical approaches to carry out our program. To-
gether, they comprise the "Board of Directors" for
the manned space flight effort.

The organization T have described is now in
being; and the Management Council last week held
its fourth monthly meeting. Here are some of the
other recent accomplishments:

We have acquired a 1600 acre site in
Houston, Texas, and have started eonstruction on
the Manned Spacecraft Center.

We have initiated the Gemini program as a
prelude to Apollo, by awarding a contract for the
two-man Gemini spacecraft to McDonnell Aircraft
Corporation; ana by working out detailed arrange-
ments for the Titan IT and the Atlas-Agena launch
vehicles for Gemini with the Air Force.
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We have contracted with North American
Aviation, Inc., to design, develop and construct
the three-man Apollo spacecraft which is to land
men on the moon.

We have acquired the giant Michoud Flant
at New Orleans, Louisiana, and are converting its
1.8 million square feet of mamufacturing space into
the largest vehicle assembly area in the United
States, The Saturn, Advanced Saturn and Nova vehi-
cles will be agsembled at Michoud.

Forty miles from Michoud, on the Pearl
River in Mississippi, we are obtalning rights to
140,000 acres of land which will be called the
Mississippi Test Facility. In this sparsely set-
tled area we plan to construct captive tests stands
where we i1l test-fire stages of Saturn, Advanced
Satwrn and Nova.

The Chrysler Corporation is now under con-
tract to NASA for the production of Saturn first
stages at Michoud.

The second stage of Saturn has been in de-
velopment for over a year at the Douglas Aircraft
Company, which will also produce the third stage of
the Advanced Saturn.

We are negotiating a contract with the
Boeing Company to produce at Michoud the first stage
of the Advanced Saturn launch vehicle,

A contract for the second stage of Ad-
vanced Saturn is being negotiated with North
American Aviation, Inc.

The giant F-1 engine for the Nova first
stage has been under contract for several years. A
contract for the Nova second stage engine, the M-1
hydrogen-oxygen engine is now being negotiated.

Through our agent, the 1l. S. Army Corps of
Engineers, we are acquiring 73,000 acres along the
Florida coast and adjacent to existing Cape
Canaveral launching facilities. On this vast area,
five times the present size of Cape Canaveral, con-
struction will soon start on the larpest launch
sites in the free world,

We are also establishing close ties with the
Adr Force, the Navy, and the Army, whose assistance
is vital to the accomplishment of our mission. A
formal means for coordinating our efforts with the
Air Force is currently being established with the
Air Force Systems Command., Our mutual interests
involve a number of important areas inecluding pro-
curement and contractor relationships; construction;
technical support of the manned space flight efforts
of NASA by the Air Force, and vice versa; the Atlan-
tic Missile Range Operations; global commnications
and instrumentation; and, perhaps the most important
item of all, the continuous interchange of informa-
tion econcerning our space efforts and studies. These
matters have become sufficiently numerous and impor-
tant to require more formalized working relation-
ships than previously were needed if we are to pro-
ceed to work together in the most effective manner,

Let me conclude by reiterating a few of our
basic concepts., We believe that we must obtain the
very best efforts of the very best people we can
find, both in Covernment and industry, if we are to
achieve our National goal. We believe that our



organizational concepts and management techniques tion of the pecple involved, we will be able to
mist be no less excellent than our technical ef- carry out our responsibility to our Country to be
forts. We believe that with oconstant attention to second to none in man's conquest of space.

these concepts, and with the hard work and dedica-
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Luncheon Speech
THE MILITARY CONTRIBUTION TO SPACE EXPLORATION

General B. A. Schriever
Commander, Air Force Systems Command

It is a real pleasure to be with vou today. I
think it is very significant that the IAS and NASA
are holding a national meeting on manned space
flight. Only a few years age, such a meeting would
have been a highly theoretical gathering. It would
have attracted very little public attention--except
perhaps some ridicule. The fact that the situation
is different today, is a sign not only of increased
interest in space, but of concrete scientific and
technical progress.,

Recently I was reminded again of the startling
progregs that has been made. Winners from a high
school science fair were invited to show their dis-
plays in my headquarters at Andrews. Two of our
officers watched spellbound as one of the students
put his gadget through its paces. The student's
explanation grew more and more complex, till one of
the officers turned to the other and whispered:
"Very impressive—-but what's he talking about?"

In science and technology we have come go far
and so fast that our children today are familiar
with concepts that we could not imagine when we
were their age--or even just a few years ago. There
is even a tendency to take for granted much of
man's progress in space. Put that progress, as
this audience well knows, has not been automatic;
it has been the product of imagination, teamwork,
and gustained effort.

This afternoon I want to discuss with you the
military contribution toward man's prorress in the
conquest of space, In lookine at the nature and
extent of the military contribution, we may be able
to make a few useful predictions about the course
of future space developments. At the same time we
may notice interesting facts about the American
attitude toward technology.

We have long taken pride in being a wvery prac=-
tical people. TUntil comparatively recent years,
this attitude was responsible for a marked neglect
of basic scientific research. On the other hand,
it has stimulated a fantastic rate of technical and
industrial growth. 0Our basic precccupation has
been with the application of knowledse, rather than
knowledre for its own sake,

This concentration on the immediate benefits
of research and invention has paid off well. It
has given us the highest standard of living in the
world, built on a powerful industrial base. Put
there is another side to the coin. In our concen-
tration on our interests we have often forpgottem to
look at what other nations were doing.

The result has been a curious paradox: Ameri-
cans discovered two of the most outstanding inven-
tions of this century--the airnlane and the liquid-
fueled rocket. Yet in neither case did we realize
their significance to our national security until
after other nations had turned them to military
purposes and directed them against us and our
allies,

During World War I, American airmen flew

13

gallsntly in combat--but the planes they flew were
designed in Europe.

After World War II we made detailed studies of
cantured V-2 rockets--but the basic princioles had
been demonstrated by Robert Coddard in the 1%20's.
Goddard's work was largely neglected in this coun-
try, but during the 1920's and 1930's both the Ger-
mans and the Russians took his writings seriously.
Both Nazi Germany and Soviet Russia saw the possi-
bility that the rocket might give them a decisive
breakthrough in weapons development.

Hitler nearly achieved this breakthrough. If
the V-2 rocket--which was officially designated the
# =)' =~had been developed a bit earlier, it might
have led to more powerful and more accurate weapons
that could have inflicted direct damage on this
country. At the time of Germany's collanse the "A-G"
and "A-10" wvehicles--which were designed to reach
llew York=-were already on the drawing boards.

There is much evidence to sugrest that the
Soviet Union has similar hopes in regard to space,
This is a new medium for potential military opera-
tions, and it offers the chance to achieve signif-
icant technical breakthroughs. In addition to their
possible military application, space achievements
are dramatic indications of a nation's prestige and
seientific capabilities.

The Soviets have long been aware of both the
power and the pronaganda asvects of space exnlo-
ration. Much of their scientific and engineering
effort is devoted to this area, and their space
shots have been used as arguments for the alleged
superiority of the Communist system, For the Soviet
leaders, obviously, the conquest of space appears to
have great practical wvalue.

However, from a strictly scientific or commer-
cial point of view, space dees not appear to the
general public to have much immediate practical
value. The man in the street finds it hard to visu-
alize the tangible benefits of space exploration--
even though there have already been many.

In this country the real public support for a
viporous space program did not begin until after the
first Sputnik. As the Soviets continued to demon-
strate their space capabilities, our national atti-
tude toward space underwent a change. The nation
began to acquire the sense of urgency that is re-
flected in the decision to achieve a manned lunar
landing before 1970,

It was an earlier sense of urgency that laid
the foundation for many of the aspects of our na-
tional space program.. This came from the realiza-
tion that the Soviets were making an all-out effort
to develop the intercontinental ballistic missile,
To mee% this challenge, the Air Foree was assigned
the mission of developing the ICBM==a task that was
given top national priority.

Today ballistic missiles form an important and
grawing portion of the nation's deterrent strength.



In addition, ballistic missile technology has made
and is continuing to make essential contributions
to the national space program. Basically, it has
provided a pool of Imowledge amd experience that
can be drawn on as neesded.

In addition, a number of specific contribu-
tions can be identified. Space boosters are modi-
fied versions of military rockets, and they are
launched from military facilities. The Air Force
is assigned responsibility for range management,
and in addition 102 Air Force research and develop-
ment officers are now assigned to duty with NASA.

This does not mean that military and civilian
technological needs are identical in space, any
more than they are in other realms. Military sys-
tems have a number of unigque requirements, such as
quick reaction time, the ability to operate in a
hostile environment, and the high depgree of maneu=-
verability needed to intercept or avoid noncoopera-
tive objects.

In space development, we will undoubtedly find
the same relationship that has proved true through-
out the history of technology. This is the fact
that military systems often demand more urgent de-
velopment and higher performance requirements than
their commercial or seientific equivalents.

This relationship has been quite evident in
the evolution of modern airecraft. A passenger air-
liner is developed from a bomber or tanker air-
craft--not the other way around. Many of the ad-
vances in civilian aviation have stermed directly
or indirectly from developments that were first
required for military aircraft.

T think we can find the same pattern when we
compare two programs for manned orbital flight.
Mercury, which is a MNASA responsibility, has re-
ceived and contimues to receive full military
support. It is clearly a civilian scientific pro=-
gram, and the ballistie re-entry technique would be
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highly impractical for repeated, routine military
operations.

Dyna Sear, by contrast, is an Air Force pro-
gram and it receives support from NASA., Tts chiaf
aim is achievement of flexibility in re-entry,
which is primarily a military requirement. Un-
doubtedly the knowledge gained from Dyna Soar may
have future applications for civilian purposes, but
the real reason for the oprosram is to test conceots
and sub-systems that may be needed for national
security.

In today's world we cannot afford to lose sight
of the intimate relationship between technical ad-
vancement and national security. Our opponents in
world affairs seem clearly convinced that science
and technology will be decisive factors in the
contest between their system and ours,

If the Soviets should attain a really signif-
icant breakthrough in space technology, they may be
able to deny other nations access to space--even for
purposes of scientific research. Soviet attainment
of this capability would pose a grave threat to our
national security.

In the face of the possibility that the Soviets
might try to pre-empt the use of space, our military
canabilities in this realm are of utmost importance,
We must have the necessary strength to insure that
space is free to be used for peaceful purposes,

This is an essential military contribution to
the progress of space exploration. In order to
achieve success in our scientific endeavors, we must
insure that access to space is guaranteed and that
peace and freedom are preserved. Both the military
and civilian aspects of our space procram are vital,
and both must be pursued with urgency. They share
a cormon aim--the security and well-being of the
Inited States.



DESIGN FOR MANNED SPACE FLIGHT

Robert R. Gilruth
Director, Manned Spacecraft Center
National Aeronautics and Space Administration

In approaching the task of talking to you about
the subject, Design for Manned Space Flight, I
asked myself - just what is different between manned
flight in space and manned flight in airplanes?

Based on experience to date in the Mercury
program and the bepinnings of Gemini and Apollo,
weighed against almost twenty years of airplane and
missile projects, I am convinced that these are
gignificant differsnces both in the design itself
and in the environment the designer finds himself
in.

Manned flight with airplanes developed during
over half a century of time. In most of this peri-
od, the research laboratories were far ahead of the
operational vehicles, Design rules and flight pro-
cedures have beesn highly developed. The role and
risk of the test pilot is well understoocd. Flight
programs can progress in phases = usually without
publicity and public pressure and usually under
military classification.

In manned space programs there is intense
public interest. The exploration of the unknown,
the cold war situation, the spendipg of large sums
of public funds, combined with our completely open
poliey, keep the manned space program under full
public attention at all times. The designer must
learn to work and work well under this environment.

Unmanned space flight lacks one great elsment -
namely the man = a chief factor in the public inter-
est. Muoch more liberty can be taken with relia-
bility rules, Finally, the cost and scope of
unmanned programs have not anproached those of
manned programs and, therefore, they do not impose
the massive system and integration requirements
such as we find in Apollo,

The National program, of course, determines the
type and scope of dasiegns for manned space flight.
In May 1961, President Kennedy estahlished manned
lunar landing as a National goal. During the months
that have passed since his statement, that program
has moved forward on a broad front in support of
this objective:

The Saturn space booster has been placed
under contract by the Marshall Space Flight
Center, and initial flight tests have been
accomplished,

s

b. Large booster devel opment and test facili-
ties have been sited and are being ac-

quired,

The Manned Spacecraft Centsr has been es-
tablished. A vigorous program is continu-
ing on the Mercury project. The Gemini and
Apcllo spacecraft are under contract.

Ca
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d. The national range at Cape Canaveral is
being expanded.
e. A vigorous research and development

program in support of the lunar landing
mission is continuing,

Viewed from any angle, this is the be-
ginning of a gigantic technical program. What are
the problems of designing for this mission? How
can an effort of this complexity be manaped success-
fully? What have we learned from Project Mercury
that will help us know what to expect and what to do
about the problems?

Those of us who have worked on Mercury well
realize the size of that task, its complexity, the
painstaking system tests after assembly, the check-
out time at the Cape, the ground complex, and the
network problems. Many of us feel that in Mercury
we were approaching a limit of sorts in checkout
time and procedures for obtaining total complex
readiness under the rules set down for manned flight
with this system,

Yet the Mercury spacecraft is basically a very
simple vehicle, the booster has had a long period of
development, and the launch window is asimply
dictated by weather and daylight landing consider-
ations.

By contrast, Apollo will have an enormous 3-
stage booster, a spacecraft with a navipation
system, mid-course propulsion and steering, a lunar
landing and takeoff system, in addition to other
basic Mercury systems expanded in scope. It also
may have to rendezvous with another hooster before
it can even leave Farth orbit for the Moon.

Judging on the basis of either of several criteria
Apollo will be at least a full order of magnitude
more complex than Mercury.

These criteria are shown in the slide (Figure
1), where the relative mission times, total energy
of the gystems, and the costs are compared. These
are crude yardsticks but they indicate the size of
the step being made in all phases of technology in
this program. The mission time reflects the differ-
ences between a one-day Mercury flight and a voyage
of exploration. The energy comparison shows the
advance required in propulsion technology. The
cost comparison may also be interpreted in terms of
the people on the job - the size of the team - the
management - coordination and integration problems.

What can be done to bring the task into reason-
able bounds? T think all of us feel that the
technical problems can be solved. Such factors as
propulsion technology, guidance, reentry from escape
speeds, lunar landing, crew systems and human
factors will yield to intense research and develop-
ment efforts,



Other more intangible problems lie in the
integration of all these items into an overational
system. As in all things, know-how comes from
experience, We therefore need all the flight ex-
perience we can get to help in these areas. For
this reason we are pursuing additional Mercury
flights. We expect Project Gemini to provide
direct support for the lunar effort by exploring
rendezvous - long duration - and to provide for
extensive space flight experience with two-man
erews before the lunar wvoyage is attempted.

In Gemini we are dlso exploring advanced
concepts in system engineering for space vehicles
based on Mercury experience. Every effort is
being made to reduce system interfaces - to package
aystems to facilitate their development - access -
and checkout - and to minimigze problems of final
assembly and maintenance, This experience should

have a direct influence in Apeollo desien.

We are also exploring the preferred role of
man in the system. Properly used, man can con-
tribute greatly to the simplicity of system inter-
faces. He has no equal as a mode selector - for
commanding events in nontime critical coerations,
and as a sensor - overator in discriminating tasks
such as lunar landing and takeoff operations and in
rendezvous.

One other factor of great importance is the
margin of performance. Certainly a tradeoff exists
between performance = reliability = and schedule.
Too many of our space systems have had to be
optimized for absolute minimum weight regardless of
assembly = checkout = and maintenance difficulties.
In Apollo we have our first chance to use a booster
designed for the mission instead of a mission de-
gigned for the booster.

APOLLO MERCURY

ENERGYP




THE X-15 PROGRAM

Joseph A. Walker
Chief of Reseurch Pilots Branch
NASA Flight Research Center
Edwards, California

Abstract

The X-15 has essentially attained its design
performance in the flight research program accom-
plished to date.

The high-temperature structural design
approach utilized for the X-15 configuration has
been successful; no major design deficiencies were
encountered nor major modifications required.

With but few exceptions, the local thermal problems
encountered have not affected primary structural
Ar2as.

In general, the serodynamic derivatives ex-
tracted from flight-test data have confirmed the
estimated derivwatives cbtained from wind-tunnel
tests and thereby provided increased confidence in
wind-tunnel evaluations at hypersonic speeds.

The aerodynamic flight control system and the
simple stability augmentation system of the X-15
airplane have proved to be good technical designs.
The airplane can be flown with satisfactory han-
dling gualities through the range of dynamic
pressures from about 1,500 1b/sq ft to below
100 1b/sq ft through the range of Mach numbers
from about 6.0 to subsonic landing conditions.

Although only limited flight experience has
been gained with the reaction-control system, its
basic design appears to be completely adequate.
This type of system apparently provides an adeguate

means of attitude control for future space vehicles.

Pilot transition from aerodynamic controls to
reaction controls has been accomplished without
problems.

Reports from the X-15 pilots indicate that
there are no piloting problems peculiar to the
X-15 flight regime other than conventional pilot
workload tasks.

Introduction

Since the first government flight in March
1960, the X-15 research program has been conducted
in accordance with requirements for determining
answers to the problems which the airplane was
primarily built to study--aerodynamic and struc-
tural heating, hypersonic stability and control,
control at low dynamic pressure, and piloting
aspects. In addition, significant information,
which was not considered to be of primary impor-
tance initially, has been derived relating to
landing, aeromedical studies, simulation, and
flight control systems. Other valuable data have
been obtained on panel flutter, structural defor-
mation, landing loads, structural effects on the
stability augmentation system, engine nozzle
erosion, and serodynamic noise. This information
was derived from several sources, including instru-
mentation of the X-15 airplane itself, postflight
inspection of the X-15, medical data and commentary
from the X-15 pilots, launch-airplane instrumen-
tation and commentis of the launch-airplane crew,

comment of the escort-airecraft pilot and thotog=
raphy from the escort aircraft, and, on the ground,
tracking, photography, and telemetry.

Flight Test Prmra.m

The ¥-15 was built with the objective of
achieving & maximum velocity of at least 6,000 feet
a second, an altitude of 250,000 feet, and a struc-
tural temperature of 1,200 F. Also, the airplane
was constructed to be flown from launch through
landing under direct control of the pilot. The
validity of this approach has been verified by the
successful progress of the research program. The
maximum speed performence of the X-15 has been
achieved at a Mach number of 6.04 (4,093 mph); an
altitude of 246,000 feet has been exceeded; and a
maximum temperature of 1,150° F has been obtained.

Shown in figure 1 is the performance capability
of the X-15, inecluding a shaded area which indi-
cates the portion of the profile covered by flight
test as of April 4, 1962. In addition, this per-
formance envelope shows the relationship of dynamic
pressure to altitude and velocity. As is apparent
from the figure, the flight test dynamic-pressure
has been intentionally limited to 1,500 1b/sq ft,
thus allowing a margin for inadvertent overshoot.

Aerodynamic and Structural Heating

Heat-transfer data have been obtained on the
X-15 in flight at speeds near free-stream Mach
numbers of 3, 4, and 5, and at relatively low angles
of attack. Turbulent heat-transfer methods were
utilized and the results compared with X-15 flight
data. The level of heat transfer predicted by
reference-temperature methods is from 15 percent to
60 percent higher than the measured data, depending
upon the assumed total-pressure level. Closer
agreement with measured data has been cbhtained when
the effective heating rate was neglected and
attached-shock total-pressure levels were used.

Surface pressure and heat transfer which have
been measured on the lower wing surface about mid-
semispan and on the lower fuselage centerline are
shown in figure 2. In the upper part of the figure,
measured pressures are compared with caleulated
pressures for the lower wing and lower fuselage.
In the lower part of the figure, measured heat-
transfer data are compared with calculated values.
For the wing, the surface pressures are closely
estimated by assuming an attached shock and expanded
flow over the wing. Similarly good agreement is
shown for the lower-fuselage centerline where a
tangent-cone approximation has been used to calcu-
late the local-pressure levels. Whether the
approach shown by the solid line in this figure can
be generalized depends largely on measurements of
the actual total-pressure levels in flight over a
range of skin heating rates.

Some evidence of the manner in which boundary-
layer transition takes place on the airplane in
flight has been determined by utilizing temperature-



sensitive paint. In figure 3 a plot of wing
boundary-layer transition for a selected midsemi-
span station on the wing is shown with a postflight
temperature-sensitive-paint pattern. The correla-
tion between the paint and calculated laminar and
turbulent flow is illustrated on the plot. Illus-
trated also is the critical nature of the shift
between laminar and turbulent flow. Results
suggest the advisability of continuing to use con-
servative estimates for the transition locatilon.

Maximum temperatures measured on the X-15
show that speeds in excess of a Mach number of 6
have been accomplished without extreme structural
temperatures. Comparison of calculated and meas-
ured internal temperatures has shown that satis-
factory thermal gradients through the structure
can be predicted from known heat input to the ex-
posed surfaces, as illustrated in figure 4. In
general, the hot-structure concept used for the
primary structure of the X-15 has proved to be
quite satisfactory. Structural problems have
developed during the flight program as a result of
local hot spots and discontinuities in the struc-
tural elements. Many .of these problems pertain to
the X-15 only; However, thermal problems with
windshield glass, airflow through openings in the
external structure, and structural discontimuities
can be expected to appear on all hypersonic
vehicles until adequate design information is
available in these problem areas.

Landing

landings with the X-15 airplane have shown
that the main-gear loads measured during the second
reaction after nose-gear contact are several times
larger than the loads experienced during the ini-
tial phase of the landing, as illustrated in
figure 5. The large loads during the second main-
gear reaction are attributed to the main-gear
location as well as to the large tail loads, the
negative wing lift, and the airplane inertial locads
after nose-gear touchdown. The high nose-gear
contact velocities caused by the airplane pitching
down result in high nose-gear loads and, conse-
quently, high accelerations on the pilot during
this phase of the landing. Calculated results
show that the main-gear reaction can be reduced by
proper control of the elevator angle during touch-
down. Theoretical results show that increasing
the skid coefficient of friction reduces the main-
gear reaction slightly, but increases the nose-
gear reaction. The present gear system of the
X-15 has proved to be adeguate in general and has
required very little attention.

Lift and Drag

Generally good agreement has been obtained
between flight and wind-tunnel measurements of
aerodynamic forces on the X-15 for the low angle-
of-attack range covered. In the future, flights
will be extended to higher angles of attack where
interference and nonlinear effects are the pre-
dominant flow characteristics. Throughout the
Mach number range considered, up to & Mach number
of about 5, and in the low angle-of-attack range,
wind-tunnel trim 1lift and drag obtained on models
showed excellent agreement with flight results in
the X-15. Furthermore, at least up to a Mach
number of 3 and for the Reynolds number range
greater than 5 million, flight data indicate that
reasonable values of the full-scale minimum drag
can be obtained from extrapolations of the
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wind-tunnel results to flight Reynoclds numbers,
provided the condition of the boundary layer is
known and a representative wind-tunnel model is
tested, even to the extent of including all of the
protuberances found on a full-scale airplane.
Existing theoretical methods were adequate for
estimating the X-15 minimum drag. These thecries,
however, underestimate the drag due to 1ift and
overestimate the maximum 1ift-drag ratio, primarily
because of the inability of the theories to predict
the control-surface deflections for trim. The two-
dimensional theory which has been known to predict
base pressure on relatively thin wings with blunt
trailing edges also predicts satisfactorily the
base pressure behind the extremely blunt vertical
surface of the X-15.

Stability and Control

The X-15 flight program has established
fairly well-defined derivative trends for Mach
numbers approaching the design limit. With few
exceptions, these trends have agreed well with the
wind-tunnel predictions (fig. 6). Also, many of
the basic stability and control design parameters
have been confirmed as a substantial portion of
the overall flight envelope. A gradual development
of these basic trends from one flight to the next
has, in fact, generated & high level of confidence
in proceeding to the more critical flight areas
during the past several months.

No serious flight control prcblems have been
encountered in the longitudinal mode. However, one
serious deficiency in the lateral-directional mode
has been observed in the form of an adverse dihe-
dral effect at high Mach numbers and angle of
attack with the lower rudder on and the roll damper
off. This problem was not revealed until the in-
puts of the pilot were used with the airplane
stability to determine closed-loop stability. The
serious implications of the lateral-directional
control problem are illustrated in figure 7, which
shows the range of angles of attack and Mach number
in which the controllability problem is expected
with the lower rudder on and the roll damper off.
Flight trim limits of angle of attack plotted
against Mach number and the uncontrollable or
extremely difficult control areas are designated.
Recovery from high-altitude flight will require
penetration of this uncontrollable region and, thus,
loss of roll damper during the critical portion of
reentry would be a significant problem. Two means
sre available for improving the ¥X-15 controlla-
bility with the roll damper off: reduction of
angle of attack, which for an sltitude reentry
results in higher dynamic pressure and higher
structural temperatures, or a special technique
referred to as the p-technigque. This technigue
involves the use of manual ailercn input to coun-
teract the sideslip as indicated to the pilot.
Although these special control techniques have not
completely alleviated the problem, they have pro-
vided sufficient improvement, when the side stick
is used, to allow flight in the fringes of the
uncontrollable region. Removal of the lower rudder
appears to be a promising means of alleviating the
lateral-directional instability at high angles of
attack. Finally, additional reliability has been
obtained by dualization of certain components in
the stability augmentation system. Further studies
and tests are planned for the high Mach number and
angle-of-attack ranges to reveal any further flight
control problems that exist in these more critical
areas and to £ill out the remainder of the flight



envelope. In general, with the stability augmen-
tation system functioning, the X-15 handles very
well (much the same as century series fighters) and
verifies that the established handling-qualities
criteria for aercdynamic stability and control
serve as good guidelines. Further quantitative
information must be obtained on the performance of
the attitude control rockets.

The third X-15 is equipped with a self-
adaptive flight control system built by Minneapolis-
Honeywell Regulator Co. A self-adaptive flight
control system, as the name implies, monitors its
own performance and adjusts its gains to provide
essentially constant aircraft dynamics throughout
the aircraft's flight envelope without benefit of
air-data sensing or scheduling. Additional fea-
tures of the system include integration of aero-
dynamic and reaction controls and autopilot hold
modes in attitude and angle of attack.

It was found during development that the X-15
adaptive system was more sensitive to structural
feedbacks than had been anticipated. Notch filters
were installed to reduce system gain at primary
structural frequencies. This modification, and
other minor development changes, have resulted in
average gain levels somewhat lower than had been
anticipated. The flight demonstration is continu-
ing satisfactorily, with the current objectives of
decreasing reaction-control fuel consumption and
increasing the usable angle-of-attack range.

Similation

Pilot training procedures have proved to be
adeguate for a program of the X-15 type. The use
of the analog simulator to establish pilot cues and
timing and to allow the pilot to practice until the
techniques become routine has considerably eased
the total piloting task, thereby improving the
rilot's ability to obtain precise flight data in
the time available. Predictable emergency condi-
tions or off-design missions have been encountered
during the program and, in each instance, simulator
training has contributed greatly to the pilot's
ability to complete the mission. The two most
valuable training devices have been a fixed-base
six-degree-of-freedom analog simulator and the
F-104 in-flight landing-pattern simulator. Other
training devices such as the centrifuge and the
variable-stability airplane have contributed to
the overall pilot-experience level; however, they
are not considered necessary for continuous use on
a flight-by-flight basis. Expected problems,
Primarily in the area of aerodynamic heating, have
also been encountered, but neither pilot nor flight
vehicle safety has been compromised by the
incremental-performance philosophy of envelope-
expansion testing.

Operational Experience

Figure 8 presents a tabulation of the X-15
mission success as of November 1, 1961. In every
instance, failures to achieve the planned perform-
ance were the result of powerplant and propellant
system problems and pilot presentation deficiencies;
stability augmentation and cabin pressure/pressure-
suit systems problems contributed to the failures
in achieving the prime mission objectives. Alter-
native modes of operation were available with which
to obtain increased probability of mission success.
For example, if the flow-direction-sensor ball nose
Tailed after launch, a 2g pull-up could be
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pverformed until specified pitch angle was achieved.
Reentry could be accomplished by reference to pitch
on the attitude indicator, setting predetermined
stabilizer angle, or reference to the horizon.
However, all of these alternative procedures
resulted in comparatively inaccurate flight pro-
files. Generous tolerances were allowed in perform-
ance when considering achievement of prime objec-
tives. Even on several successful flights, there
were problems similar to those noted.

A comprehensive evaluation of the X-15 flight
operations, performed by Mr. R. G. Nagel of the
AFFTC, has indicated that the program benefited
greatly from inclusion of a pilot in the control
loop and from redundant systems (figs. 9 and 10).
These figures indicate the effects of pilot and
redundancy upon the prelaunch and postlaunch phases
of the X-15 operation. In figure 9 the total
number of launches or attempts is shown for pilot
plus redundancy in the actual case as compared to a
hypothetical case for an unmanned vehicle with no
redundancy, while for the postlaunch phase, the
comparison in figure 10 includes the mctusl case of
Pilot plus redundancy and hypothetical cases of
rilot only, redundancy only, and an unmanned
vehicle with no redundancy. Note that the impact
of pilot plus redundancy is more marked for free-
flight operations than for prelaunch operations
because of the prelaunch checkout procedure for
detecting troubles.

A comparison with an independent evaluation of
the Bomarc missile by the Boeing Co. is shown in
figure 11. Whereas the unmanned X-15 is hypothet-
ical, the manned Bomarc is hypothetical. The
similarity of success and failure percentages is
striking and serves to place further emphasis upon
the value of the pilot in the system and of redun-
dancy for increased success in other aerospace
programs. It is significant that the pilot has
been able to do the job, if not prevented by
factors beyond his control, and recovered the air-
Plane in all cases. Of course, the flights were
pPlanned for pilot operation, but the tasks were
challenging, even so. The planning and execution
of flights was generally succesgsful and indicates
that the initial concepts were correct. It is
believed that even increased utilization of the
pilot will be possible in advanced vehicles.

Fhysiological Data

To date, recorded physioclogical data from
X-15 pilots have indicated only reasonably expected
responses. Heart rates during flight have usually
been from 140 to 150 beats per minute, about double
the pilot's resting preflight heart rate. These
levels have been confirmed by measurement of heart
rates of 150 beats per minute during operational
fighter landings. The data are useful, therefore,
in establishing physiological baselines for pilots
of high-performance vehicles.

Figure 12 presents flight time histories of
altitude, velocity, normal and longitudinal accel-
eration, breathing rate, and heart rate as measured
during an X-15 flight. One can see the general
parallel response of breathing and heart rate to
greater or reduced physical leading caused by
maneuvering and thrust and drag. The heart rate is
believed to be the more accurgte indicator of work
load, since breathing can be intentionally varied
somewhat (by holding one's breath at high g, for
example) . Note that the last 4 minutes (time



400 sec to 630 sec) have the highest contimuous
heart rate, coincident with a steep descending turn
with speed brakes extended, followed by pull-out
and landing-pattern maneuvering. The anticipatory
"spin-up" surges before launch and before descent,
followed by decrease to required load, can also be
seen.

Future X-15 Program

The X-15 program for the immediate future will
be oriented toward continuing research investiga-
tions in the following primary areas: flight
characteristics at high angle of attack; aero-
dynamic heating; reaction controls, including rate
damping; adaptive control system; performance;
displays; energy management; and biocastronautics.
As these programs are completed, follow-on programs
will explore some interesting new experimente such
as ultraviolet stellar photography, infrared ex-
haust signature, landing computer, detachable high-
temperature leading edges, horizon definition, and
hypersonic propulsion.

Concluding Remarks

In reviewing the broad aspects of the accom-
plishments of the X-15 program, the following con-
clusions may be made:

The exploratory flight studies have indicated
that hypersonic aerodynamic heating effects can be
predicted with sufficient accuracy to support the
design of a hot-structure vehicle such as the X-15
airplane. The high-temperature structural design
approach utilized for this configuration has been
successful; no major design deficiencies were en-
countered nor major modifications required. With
but few exceptions, the local thermal problems
encountered have not affected primary structural
Areas.

In general, the aerodynamic derivatives ex-
tracted from flight-test data have confirmed the
estimated derivatives cbtained from wind-tunnel
tests and thereby provided increased confidence in
wind-tunnel evaluations at hypersonic speeds.

The aerodynamic flight control system and the
simple stability augmentation system of the X-15
airplane have proved to be good technical designs.
The airplane can be flown with satisfactory han-
dling gqualities through the range of dynamic pres-
sures from above 1,500 1lb/sq ft to below
100 1b/sq £t through the range of Mach nmumbers from
about 6.0 to subsonic landing conditions.

Although only limited flight experience has
been gained with the reaction-control system, its
basic design appears to be completely adequate.
This type of system apparently provides an ade-
quate means of attitude control for future space
vehicles. Pilot transition from serodynamiec con=-
trols to reaction controls has been accomplished
without problems.

Reports from the X-15 pilots indicate that
there are no piloting problems peculiar to the
X-15 flight regime other than conventional pilot
workload tasks.

S ole

an normal acceleration, g units
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ay longitudinal acceleration, g units

clB effective dihedral derivative

cﬂn longitudinal stability derivative

Gﬂ: slope of airplane normal-force-
coefficient curve

Cna directional stability derivative

g acceleration due to gravity, ftfsece

H altitude, ft

h heat-transfer coefficient, i

£t2-°F-sec

M Mach number

Np,. Prandtl number

P pressure

P, A attached-shock total pressure

Pin total pressure behind normal shock

;

Pt free-stream total pressure

q dynamic pressure, psf

Tg boundary-layer recovery temperature,

y o i o

Tg = T;\1 + 5 nM;

T* reference temperature,
™ =T, +0.5(Ty - Ty) +0.22(T - T))

(T%),,  adiabatic-wall reference temperature,
(T%) gy = Ty + 0.T2(Tg - ﬁe

' velocity, ft/sec

Vo airplane sinking speed at initial touch-

0 down, ft/sec
w airplane landing weight, 1lb
Xp length from fuselage nose, ft
length from wing leading edge, ft
angle of attack, deg

o, initial angle of attack at touchdown,
deg

¥ ratio of specific heats

By horizontal-stebilizer position, deg

n recovery of factor( lp,. for laminar
flow, 3fFp. for turbulent flow)

Subscripts:

1 local

W wall or skin
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EXPERIENCE WITH MERCURY SPACECRAFT SYSTEMS

J. F. Yardley
Base Manager
McDonnell Aircraft Corporation

l., Introduction

Design of a manned spacecraft in
1958 and 1959 required that many deci-
sions be made with pno background of
direct experience with similar vehicles
and very little background of experience
oo vehicles of any type which had been
exposed to the rigors of space. Under
such circumstances, it was necessary to
establish certain fundamental design
principles which were believed to repre-
sent the proper balance between the con-
servatism required by the unknowns, the
desired development schedule, and the
extreme pecessity to conserve weight.

One of the foremost of the program
cbjectives was, of course, safety.
Broadly speaking, the design principles
chosen to achieve the level of safety
desired in such an unknown venture were
very similar to those used for manned
aircraft design. Supmarized in simpli-
fied form:

Flight safety should not be
Jeopardized by single failures
of functional components in
probable failure modes.

a.

System requirements should be
met wherever possible through
the use of component designs
already tried and proven, so
that added risks of "state of
the art" developments would be
minimized.

Structural design should be kept
simple and straightforward.
Materials should be chosen for
their reliability of performance
and tolerance for extended
environments insofar as possible,

Vehicle design should be such
that the entire mission could be
completed without anm active
pilot.

This paper will discuss actual exper-
ience with some of the Mercury spacecraft
systems and relate this experience to
these original desigp principles. The
concluding remarks will suggest, in retro-
spect, how these principles should now be
modified in the light of present Mercury
sxperience.
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2, Structure and Heat Protection

The basic primary structure chosen
wvas a simple conventional semi-monocoque
shell of titanium. Figure 1 shows an
external view of the primary titanium
structure. Welding was used as much as
possible to avoilid leakage. The primary
structure was designed to operate "cool”,
but the materials chosen had considerable
tolerance for elevated temperatures in
the event that the heat protection failed
locally. The decision to insulate the
load carrying structure eliminated many
thermal expansion problems which are dif-
ficult to predict analytically. The
experience to date with this type of
structure has been excellent. The only
significant problem to date was an inter-
face flexibility problem with the Atlas
missile which resulted in stiffening both
the Atlas and the adapter structure
between the missile and the spacecraft.

The structural separation devices
are a good example of the redundant
design philosophy employed. All separa-
tion devices are designed to operate
satisfactorily in spite of any single
failure. For example, the main joint
between the spacecraft and the adapter
uses a three-segment clamp ring Joined
by three explosive bolts. If any one
of these bolts fire, the joint will
release. Each bolt has two separate
firing means, and in one case, mechanical
firing is possible, The electrical
umbilicals between the spacecraft and the
adapter must also positively release for
satisfactory mission safety. Each of
these wire bundles has a pyrotechnic dis-
connect and a mechanical disconnect in
series. Figure 2 illustrates a typical
Joint. 1In three separate flights, this
redundancy was needed to satisfactorily
separate the umbilicals. The failures
of the pyrotechpic disconnects were
caused by the main clamp ring fairing
which struck the disconpect during abort
separations, thus jamming it. The fair=-
ing was redesigned to eliminate the pos-
51bility of aft motion during separation.
This case is a good illustrationm of the
value of this redundant design philosophy.
Hed no redundancy been employed in this
Joint, it is quite possible that these
missions would have been complete faila-
ures.



Redundancy, however, can &lso cause
added problems. For example, if two
components are provided, either of vwhich
can perform the desired function at the
desired time, then there is twice the
probability that a random actuation of
the component at the wrong time will
occur. An example of this occurred on a
flight test from Wallop's Island. The
escape rocket was fired prematurely by a
malfunctioning limit switech. In this
particular case, there were three
switches in parallel to fire the rocket
when desired. The basic problem turned
out to be a vibration of the switch and
surrounding structure at extremely high
dynamic pressures, but if these switches
had been interlocked, the failure could
not have occurred. Thus, it is important
that the designer consider carefully the
problem of "negative” redundancy as well
as the problem of "positive" redundancy.

Heat protection of the spacecraft
requires a considerable weight so com-
plete redundancy was not feasible. To
compensate for this, more copservative
design criteria vere selected. For
example, the ablative heat shield is
designed to absorb the additicnal heat
produced during a re-entry where only two
of the three retrorockets fire. In addi-
tion, the backup structure of the heat
shield uses material with some ablative
capabilities so that an extra margin of
safety is obtained without added weight.
Experience with the heat shield indicates
consistent, reliable performance which
correlates very well with analytical
predictions. The only problems encoun-
tered have been in obtaining sound struc-
ture during the mapufacturing process.
Stringent process control coupled with
certain design changes have remedied
these fabrication problems. Figure 3
shows the MA-4 capsule illustrating the
heat shield condition after orbital
re-entry.

The afterbody heat protection
largely consists of "shingles" of .0l6
ipch thick beaded Rene 41 material which
dissipate the heat by radiation. Exhaus-
tive ground tests were made on these
shingles using conservative combinations
of heat, dynamic pressure, and noise.
These shingles have performed admirably
in all flight tests; ip no instance have
any of these shingles buckled, cracked
or torn in any way. The heat protection
on the small cylindrical afterbody is
provided by .25 inch thick beryllium
shingles., In this area radiatiocn cooled
shingles are not sufficient for the case
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of a completely uncontrolled re-entry, so
a heat sink approach was necessary to
allow for control system failure. Filgure
4 illustrates the condition of these
afterbody shingles subsequent to orbital
re-entry.

In the case of the window, redun-
dancy was employed. Protection from
failure of the outer window is provided
by an inner heat resistant window. The
pressurization loads are also carried by
redundant windows. No problems have been
encountered with the window design.

3. Electrical System

Basic direct current electrical
power is furnished by six silver=zinec bat-
teries arranged to provide a main bus, a
standby bus, apd an isolated bus. Sult-
able switching provicions are available
to isolate or parallel these batteries
and buses in a variety of ways, so that
maximum use can be made of this inherent
redundancy. The batteries themselves
have proven very reliable in service,
as has the entire main power distribution
system.

Alternating current electrical power
is provided by static inverters arranged
into two separate A.C. buses. A standby
inverter is provided that automatically
switches to the appropriate bus in the
event of an inverter failure. Some
trouble was experienced on early models
of these inverters in the areas of start-
ing reliability and overheating. Later
model inverters have significantly
improved these characteristies. Flight
experience has illustrated again the
value of the AC redundancy provided.
the MA-4 flight, one of the primary
inverters failed during launch. Without
a backup, the flight would have been
aborted. In the actual case, however,
automatic switchover was satisfactorily
accomplished and the flight was success-
fully completed.

On

The sequential system consists of a
number of sensors, relays, timers, etec.,
and actually is the "brain" of the auto-
matic system. BSystem design was com-
plicated by the necessity to allov manual
or ground command override capability. A
high degree of redundancy was provided in
this system, and experience has shown
this to be desirable for the unmanned
flights. In a system of this nature, the
designer must give extremely careful con-
sideration to the matter of "megative"
redundancy. The first Mercury-Redstone



launch illustrates the type of thing that
can happen. The Redstone received an
erropneous cut-off command as it was lift-
ing off. It shut down and settled back
on the pad after rising one inch; this
cut-off signal was sent to the spacecraft
which automatically initiated the normal
sequence as though the powered flight had
been completed. The first sequential
event was to jettison the escape tower.
In an emergency situation of this nature,
it might have been catastrophic to lose
the escape tower at that moment. The
design was changed to provide suitable
interlocks so that this signal from the
Redstone could not be sent until a cer-
tain velocity bad been achieved,

The general experience with the
sequential system has been guite satis-
factory with failures usually confined
to isolated timer circuits or sensors of
a non-critical nature. During the recent
MA-6 flight, however, a malfunctioning
limit switch required that a grave deci-
sion be made during flight to re-enter
without Jjettisoning the retro package.
Here again is an example of insufficient
negative redundancy. The heat shield
release mechanism has two limit switches
which are actuated when the mechanism
is unlocked. These switches were wired
in parallel giving good "positive" redun-
dancy, but poor "negative" redundancy.

In this particular case, it is far more
important to know the mechanism is safely
locked before re-entry than to know it
has properly unlocked after parachute
deployment, since landing without the
impact system 1s perfectly acceptable.
For future flights, it is planned to wire
these swvitches in series so that a double
failure is required before & false indi-
caticon is given.

L., Automatic Stabilization System

The automatic stabilization system
consists of attitude reference compo-
nents, rate sensors, logic electronics,
and suitable displays. It is designed
to sense spacecraft attitudes and rates,
and send sigpnals to the control jets thus
maintaining the desired asttitude or
changing from one attitude to another.
Mode switching signals are provided to
this system from the sequential system.
It was not considered necessary to
duplicate this automatic stabilization
equipment since the astropnaut provides an
excellent backup for all of its functions
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The detsail design of the system, however,
provides a certain amount of desirable
redundancy. For example, the basic atti-
tude reference system consists of atti-
tude gyroscopes which are slaved to hori-
zon scanners. Consideration was ini-
tially given to using the horizon scan-
ners directly as the attitude reference
and thus eliwinating some components.
This idea was discarded primarily because
of the lack of experience with horizon
scanners compared with attitude gyros.
Flight tests to date show that this was a
wise decision. While the horizonm scan-
ners have performed reliably, they some-
times provide an erroneous attitude
reference due to certain atmospheric
phenomena. For example, they sometimes
mistake high altitude clouds and hur-
ricanes for deep space. Figure 5 illus-
trates this effect on the MA-L flight
when the spacecraft passed over hurricane
Debbie. These effects are not serious
when the gyros are slowly torqued to the
scanner reference, but could be guite
disconcerting if these erroneous signals
were used directly for control logic
information. These effects have been
reduced in magnitude and frequency of
occurrence by certain internal circuitry
changes to the horizon scanners,

The digital nature of the control
logic also provides a degree of redun-
dancy. The orbit attitude is maintained
within desired limits by a series of five
sector switches for each axis. Each
switch backs up the previcus ome so that
failures of any single switch will result
in only minor variations from the normal
limit cycle. The various modes of opera-
tion are also arranged to back up other
modes. Thus, if for any reason orbit
mode cannct be maintained, the system
switches into orientation mode. This has
actually happened onm several flights
because of malfunctions of some of the
small jets used for orbit mode control.

Reliability of the automatic stabi-
lization system has been exceptionally
good on &ll flights. The only malfunc-
tion experienced to date was the failure
of a 2 deg/sec signal from one of the
rate gyros. This trouble was later
traced to a broken wire in one of the
spacecraft harnesses. These have been
cases where it was initially suspected
that this system was malfunctioning; sub-
sequent investigation has always revealed
that the system was working perfectly,
and that the unusual indications were the



results of unusual maneuvers. For exam-
ple, during the flight of MA-6 it was
reported that the attitude indicator was
giving erroneous attitudes when compared
to the visual horizon reference. Later
apalysis verified that this was a normal
situation resulting from manually yawing
the spacecraft without interrupting the
open loop orbital precession of the gyros
while the scanners were not slaving.

Thus the gyros were being precessed
assuming the spacecraft was traveling
blunt end forward while it was actually
traveling small end forward. This natu-
rally led to a discrepancy between actual
attitude and indicated attitude.

5. Reaction Control System

Spacecraft attitude control is
achieved through the use of small Hydro-
gen Peroxide Jjets. Two completely inde-
pepdent systems are provided. Each sys-
tem has its own pressurant system, tank-
age, control valves, and thruster assem-
blies. One system, called the Automatic
System, is energized solely by electrical
signals, These signals can be received
from either the automatic stabilization
system (sutomatic mode) or from direct
switches on the hand controller ("fly-by-
wire" mode). This system has a set of
low thrust jets (one lb. thrust) and a
set of high thrust Jets (twenty-four lbs.
for pitch and yaw; six lbs. for roll).
The other system, called the Manual Sys-
tem, can be energized entirely manually
through the use of mechanically actuated
throttling valves (manual direct mode),
or can be energized electrically by hand
controller motion (rate command mode).
The manual system has only a set of the
high thrust Jets, but lower thrust can be
obtained by proper use of the propor-
tional throttling valves.

Experience to date with these sys-
tems clearly illustrates the value of
redundancy.

Development problems have not yet
been entirely eliminated; this results in
less than the desired componment reli-
ability and would probably necessitate
lengthy program delays if it were not for
the fact that sufficient redundancy
exists to achieve the necessary rell-
ability for contipued flight development
Ground test development is difficult and
time consuming because of the laboratory
problems of proper simulation of altitude,
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internal heat generation, external heat
balance, etc. Of course, zero "g"
effects cannot be duplicated in the lab-
oratory. Thus it is highly desirable to
utilize actual flights for this develop-
ment process.

Problems encountered to date include
corrosion, temperature control, system
cleanliness, and internal deterioration
of thrust chamber assemblies. Internal
corrosion products have resulted in suf=-
ficient foreign matter to plug some of
the smaller orifices. Corrosion has
also caused solenocid valve malfunctions
and in one case the corrosion was so
severe that an actual leak occurred in a
plumbing line. This problem has been
brought under reasonable control by
special vacuum drying techniques, purg-
ing techniques, changes to materials and
protective finishes, and by the addition
of suitable filters in the systems.

Achieving satisfactory temperatures
for the hydrogen peroxide in the tanks
and lines has also presented problems.
At present, the temperatures are con-
trolled passively by means of insulation,
conducting straps, etc, This passive
method has proven satisfactory 1nm all
cases except for the lines and valves
close to the roll tbrusters. Tempera-
tures in the area of the roll thrusters
have been adequately controlled for the
short missions by heat sinks; testing is
currently undervay to develop methods of
adequate temperature control for longer
periods of time.

Any foreign particles of even min-
ute size can plug up some of the tiny
orifices in the thrusters. For example,
the MA-5 flight was terminated after two
orbits because of a malfunction in one
of the small thrusters. Post flight
inspection revealed that the stoppage
was caused.by a small metal chip plugging
an orifice, A filter had been provided
about two ipnches upstream of the orifice
which would have stopped this particle
had it been introduced into the system
upstream of this filter. Subsequent
analysis indicated that this chip was
torn from the threads immediately
upstream of the orifice plate during
assembly. It is probable that a slight
burr existed on the threads and was over=
locked during inspection. This machined
thread has since been replaced with a
rolled thread. Figure 6 shows a one
pound thrust chamber and solenocid valve



disassembled. Foreign particles are
minimized by system flushing, careful
procedures during assembly and servicing
of the system, strategic filter placement
and stringent quality control.

Another problem which has caused
malfunctions of the small jets is the
disintegration of an internal secreen
ipnside the thruster assembly immediately
downstream of the orifice plate. The
combination of heat, errosive forces, and
corrosive environmwent destroy this stain-
less steel screen, Ipn some cases, these
small pieces of wire work their way
upstream through the orifice and subse-
quently block the orifice; this is
believed to be the cause of the intermit-
tent operation of one of the small jets
on the recent MA-6 flight. These stain-
less steel screens are being replaced
with screens of platinum wire which are
further protected by a stainless steel
diffuser plate. This configuration is
currently being tested.

Envirconmental Control System

6.

Spacecraft and pressure suit temper-
ature, gas composition, and pressure are
regulated by this equipment. The cabin
and suit circuits are independent and
designed so that either will provide a
backup for the other. Pure oxygen,
stored at 7500 psi, is supplied to
replenish the oxygen used by breathing
and leakage. Water evaporation is the
basic cooling methed. Carbon dioxide is
removed chemically with lithium hydroxide.
Water is removed with a pericdically
squeezed sponge. High speed compressors
provide the ventilating flow. Pressure
is autcomatically regulated to a differ-
ential value of 5.5 psi. The system has
many modes of operation and has internal
redundancy in many areas. Experience has
demonstrated the adequacy and gross reli-
ability of the system; it has also shown
that many checkout problems encountered
because of the many automatic backup
features which require close operating
tolerances for proper performsnce.

Flight experience has been quite satis-
factory. Problems encountered to date
include cabin decompression, heat
exchanger freezing, excessive use of oxy-
gen, and high cabin temperatures.

During the MR-2 flight, a post-
landing ventilation valve insdvertently
opened due to launch vibration resulting
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in decompression of the cabin. A check
valve protected the suit circuit so the
flight was successfully completed, again
illustrating the value of the fail safe
design philosophy. The inflow valve
operating linkage was modified and has
given satisfactory service since that
time.

Some troubles have been experienpced
in the past with freezing at the heat
exchanger steam exhaust outlets. This is
due to water flow in excess of the amount
required to remove the internally gener-
ated heat., Freezing can be easily avoided
by the astronaut if he is given steam
exhaust duct temperature indications; this
was demonstrated during the MA-6 flight.

Excessive oxygen usage occurred on
some of the early flights due to vibration
of the emergency rate valve linkage.
Redesign corrected this deficiency. Some
trouble has been experienced with obtain-
ing perfect dynamic seals on the 7500 psi
portion of the system, but such leaks
have been of minute proportions. Pre-
launch testing has uncovered other subtle
means for using excessive oxygen. For
example, the MA-6 ground testing indicated
excessive oxygen use, although normal sys-
tem pressure testing revealed no leaks,
The trouble was finally traced to the
wrist seals on the pressure suit which
had pno leakage at 5 psi differential pres-
sure, but leaked badly at very low pres-
sures of 2 to 4 inches of water. Once
located, this trouble was quickly elim-
inated by improved seals.

T. OQther Systems

The Mercury Spacecraft has a number
of other systems (i. e., communications,
instrumentation, rockets, etc.) which have
not been discussed in detail, 1In general,
most of these systems have given satisfac-
tory service in spite of development dif-
ficulties, because of the general fail
safe design philosophy.

8. Conclusions

Experience with Mercury Spacecraft
systems has been briefly discussed and
related to certain initial design criteria.
In retrospect, these eriteria can now be
examined for their applicability to future
manned spacecraft design.



The "fail safe" design criteria has
definitely been demonstrated as a highly
important rule to feollew which permits
safe flight testing in unexplored envi-
ronments. This rule must be applied with
considerable Jjudgment to obtain the
proper balance between positive redun-
dancy, negative redundancy, and com-
plexity.

The use of component designs which
have been previously proven has defi-
nitely been beneficial. In many Mercury
cases, this was not possible and experi-
ence has shown that more development
troubles and failures were encountered
in these cases.

Simple structural design has worked
well, but no information has been gained
to determine the degree of trouble which
would be encountered with a more compli-
cated structural approach. It is felt
that manned spacecraft of the future
could compromise in this area to obtain
benefits in other areas without seriously
Jeopardizing the end results.

MA-4 SPACECRAFT STRUCTURE
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Fully automatic operation was
originally reguired for two reasons.
Firstly, because of the necessity for a
number of unmanned development flights,
and secondly, because of the uncertainty
surrounding man's ability to function
properly in the new environment, In
retrospect, it is felt that the number
of unmanned flights can be reduced in
the future, but some will still be
required to eliminate the development
problems which cannot be solved without
flight test. Manned flights to date
indicate that bhuman performance will be
excellent in the new environment, and
full automation on future spacecraft will
not be required to back up the pilot.
Thus the experience to date suggests that
future manned spacecraft need not be
designed so that the entire mission can
be completed without an active pilot.

The design must, however, be such that
simple modifications will permit unmanned
flight testing of some phases of the
total mission.
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MERCURY OPERATIONAL EXFPERIENCE

Christopher C. Kraft, Jr.
Chief, Flight Operations Division
NASA Manned Spacecraft Center

Introduction

A number of papers have been given previously,
both to the IAS and other scilentific organizations,
which deal with the operational planning for

Project Hermaryl’e Thie paper deals with the
operationel experience gained from the development
of facilities to perform real-time flight control
and the experience gained from using these facili-
ties. The discussion of this experience is prima-
rily limited to the Mercury-Atlas orbital flights
leading up to and including the flight of Astro-
nsut John H. Glemn, Jr. In addition, the over-all
recovery operation is discussed.

Retwork Stetions

The orbital track flown in the three-orbit
Mercury flight and the location of the network
tracking stations established around the world to
maintain contact with the spacecraft are presented
in figure 1. This orbit and the supporting net-
work were chosen for a number of reasoms but
primarily on the basis of the following:

(1) The desire to use the tracking facilities
already available in the southern United States
and the instrumentation on the Atlantic Missile

Range

{2) The desire to obtain continuous tracking
and volce contact with the astronaut throughout
the powered flight and the insertion into orbit
and during the reentry and lending phases

(3) The belief that radar tracking data
should be availeble from a number of strateglc
locations around the world to establish the orbit

properly

(4) The desire to maintain voice contact
with the astronaut as often as possible during
the early phases of the flight and on the order of
every 15 to 20 minutes thereafter

(5) The need to remain within the temperate
zones of the earth so that the design requirements
on the spacecraft and the dengers of cold weasther
to the astronaut after landing could be reduced

All of these sites had volce and telemetry
capabilities with the spacecraft. A large number
of the sites had either C- or S-band radar track-
ing capability with teletype data facilities back
to the Central Computing Center at Washington,

D. C. The sités at Cape Canaveral; Bermuda;
Muchea, Australia; Hawaii; Guaymas, Mexico; and
Californie had facilities for radioc command to
the spacecraft. Teletype to and from the Control
Center at Cape Canaveral was mvailable to all the
sites, and the capability of voice was provided
from Hawail through Bermuda and to the two sites
in Austrelia. In addition, during John Glenn's
flight, voice was provided to the Canary Islands
and by single-sideband radio to the ships in the
Indian Ocean and off the west coast of Africa.
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The Communications and Computing Center 1is
located at the NASA Goddard Space Flight Center,
Greenbelt, Mi., and high-speed data lines and voice
and teletype lines were provided from this center
to the Mercury Control Center at Cape Canaveral.
M1 of these facilities were provided with the
background of previous flight-test experience and
on the basis of the safest operationasl concepts so
that the safe recovery of the astronaut could be
asgured and to provide sufficient capabllity for
controlling both unmanned end manned orbital
flights. A grest deal of experience has now been
obtained from operating this complex network and
should prove beneficial to future space-flight
Drograms .

Based on the knowledge geained from the three
Mercury-Atlas orbital flights flown to date, the
following conclusions can be drawn:

The facilities provided by this network are,
in most cases, more than adequate to provide both
orbital information and data for performing flight
econtrol for unmanned and manned flights. Experi-
ence has shown that with the tracking and computing
complex at Cape Canaveral and Washington, D. C.,
the orbital elements can be determined within a
very few seconds after launch-vehicle cutoff with
sufficient preecision to assure control of the space
vehicle should some sbort condition present itself.
Additional tracking obtained during the first half
of the first orbit refines these ccmputations to
some extent and, together with the cutoff con-
ditions, provides extremely accurate spacecraft
positions for at least a three-orbit mission.

The computer progrem provided essentially
real-time spececraft position and, although com-
plex, it has shown the capability of handling
almost any trajectory problem which could exist.
The radar tracking system has shown that low-
altitude orbits can be acquired and tracked with a
high degree of accuracy provided proper acgquisition
data and systems are avallable.

In all cases, horizon-to-horizon coverage on
UHF, which provided excellent telemetry and volce
contact with the spacecraft, was possible. The
use of HF extended the contact times by about
2 minutes at each site and is considered en impor-
tant adjunct to the spacecraft communications
system. The command capebilities to the space-
eraft proved to be adequate and useful and, of
course, s necessity for unmanned cperations. In
this case, the coverage from & given site was more
dependent upon antenna patterns than the other UHF
systems, but with minor design changes horizon-to-
horizon coverage is also believed to be possible
with this system. As noted previously, either
teletype or voice, or both, were available to all
of the sites. However, experlence has shown that
voice facilities to all sites are highly desirable.
The use of volce has proven to be very useful in
providing real-time flight control, as evidenced by
the rapld decisions required in the last two orbital
flights. In conclusion, except for the voice
requirements, the network facilities provided in



past flights appear to be in most cases more than
adequate to support manned orbital flights.

In order to perform real-time flight control,
the computing progrem and the computing complex
provides the heart of this capabllity. Experience
has shown that programs can be developed such that
rapid decisions can be made within a few seconds
of elmost any foreseeable emergency situation.
However, careful attention must be given to the
dats displeys and the method in which these data
are presented. The displays must be simple and
the actual numbers of displays must be minimized.
The point to be made here is that only the final
decision-maeking processes should be displayed for
human Jjudgment, and that any processes involving
arithmetiec should be left for automatic computer
deeision. One of the most significant lessons to
be gained from our experience is the need to bring
the flight control personnel together with the
computer programers and the computing complex.
These engineers and mathematicians must work
together intimately to provide proper flight con-
trol. Also, the development and checkout of the
programs and displays require that all of these
elements be together in cne location on a continu-
ous basis. It might be pointed out that the com-—
puters were used in Project Mercury for making
only those computations assoclated with trajectory
information. Future space programs will require
computer programs and equipment to aid in making
decisions regarding spacecraft systems performance
and other tasks which may require rapid decision-
making processes.

Flight Simulation

The most powerful tool developed in con-
Junetion with the Mercury network was the capa-
bility of simulating all phases of the flight.
The simulation provided training for both the
astronaut and the flight control team in all
aspects of the flight operation. In addition to
training, the similaetion facilities provided an
excellent means of checking all of the network
facilities and allowed development of operating
procedures well in advance of an actual flight
test. This flight simulation proved tc be an
important adjunct to the training of the mainte-
nance and operating people at all of the sites in
that it provided realistic problems in many phases
of network operations.

The flight simulation was accomplished with
the use of two facilities, both of which were pro-
vided with a Mercury spacecraft procedures trainer.
Cne of these facllities utilized a complete simu-
lation of a remote-site flight-control facility.
The second and most beneficial facility was the
one developed in conjunction with the Mercury
Control Center. With this facility, not only
could the sstronaut and the procedures trainer be
realisticaelly tied in with the contrel center to
gimilate the powered phase of the flight, but a
complete trajectory simulstion was possible by
using the actual lsunch and orbit computer pro-
gramers. Also, by using taped procedures trainer
cutputs, each of the sites arcund the network was
able to simulate in the proper sequence an entire
three-orbit flight. A complete description of
this system is not presented in this paper, but
the importance of this equipment to the success of
the mission cannot be too strongly emphasized.
Although the flight-control procedures and ground
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rules were thoroughly thought out through paper
studies, the simulation facilities provided the
best means of proving end improving these proce-
dures and rules. In fact, a great deal of the
success of the Mercury flights can be directly
attributed to these simulations.

As previously mentioned, mission rules for all
phases of the operation beginning with the count=-
down and ending with recovery were established
previous to each operation. The development of
these rules and of the flight-control concepts
began at the same time, which was a considerable
length of time before any of the Mercury flight
operations. The mission rules were established in
an effort to provide for every conceivable situ-
ation which could occur onboard the spacecraft;
that is, consideration of both the astronaut and
the spacecraft systems and all of the conceivable
ground equipment faillures which could have & direct
bearing on the flight operation. In addition,
rules were established in an effort to handle a
large number of launch-vehicle malfunctions. These
rules of course, dealt primarily with the effects
of a sudden cutoff condition and its effect on the
spacecraft flight thereafter. As pointed out,
these rules were established for the prelaunch,
powered flight, and orbital flight phases of the
mission.

Becsuse of the complexity of the entire oper-
ation end the ecritical time element of powered
flight, it was felt and borne out by flight experi-
ence that such a set of rules was an absclute
necessity. Of course, it is impossible to think of
everything that can happen; but if most of the con=-
tingencies have been anticipated, the rest of the
time can be used to concentrate on the unexpected.
Also, the simulated flights were an excellent test
bed for all of these rules and many changes came
about as a result of these tests. Furthermore,
through similations of the malfunctions covered by
the mission rules, a much better understanding of
all of the operating problems and spacecraft
systems was achieved, and a nmumber of problem areas
was uncovered. Because of the many operating
problems, the need for this type of operations
analysis cannot be overemphasized. As a matter of
fact, such a set of mission rules would be
extremely useful to the conceptual design of any
space flight program, and it would be beneficial
to have these rules during the initisl phases of
the program as a set of design guldelines.

Flight Control

The organizational setup to perform control of
the flight is presented in figure 2. This organi-
zatlon is limited to that group performing direct
flight control from lift-off to landing. Within
the Mercury Control Center the Operations Director
was, of course, the over-all director of the entire
flight operation with a Network Commander and a
Recovery Commander supplylng the necessary commsnd-
level support to the operation. The Flight Directox
had detailed flight-control responsibility for the
flight following lift-off of the space vehicle. The
organization used to perform the flight control
activities 18 as shown by the block diagram. There
was a Support Control Coordinstor responsible for
managing and operating the systems support to the
Control Center. The Assistant Flight Directors,
normally several people, provided necessary adminis-
traetive and procedural support during both prelaunch



and the flight operation. The Network Status
Monitor was responsible for the entire Mercury
network during operating periods and for conduct-
ing the network countdown. The Launch-Vehicle
Monitor was responsible for monitoring primarily
the operation of the automatic sbort system in the
launch vehicle. In the bottom row of the diagram
are the main flight-control elements who supported
the Flight Director and actually performed the
detalled control of the flight. The Flight Surgeon
was responsible for all of the seromedical aspects
of the mission. The Envirommental Control Monitor
was responsible for the life-support system within
the spacecraft. The Capsule Commnicator main-
tained voice communications with the astronaut
during the powered phase of the flight and when
the spacecraft was over the Mercury Control Center.
The Capsule Systems Monitor observed all of the
spacecraft systems, such as, the reaction control
system, attitude control system, and electrical
control system. The Retrofire Controller was
responsible for all of the times of retrofire
assoclated with both the normal and aborted
flights. The Flight Dynamics Officer had over-all
control of the computing complex supporting the
operation, monitored the various trajectory dis-
plays indiceting launch-vehicle performance, and
with the computer made the "go—no-go" decision at
orbital insertion. All of these primary flight
controllers had responsibility over their respec-
tive areas, not only during powered flight but
during &1l of the orbital flight and reentry, and
made recommendations to the Flight Director on
their particular systems.

Figure 5 shows the organization of a typlecal
remote site. The Capsule Communicetor at the site
acted as the Flight Director for a particular
location and was responsible by voice and teletype
to the Mercury Control Center. He was the engineer
responsible for communicating with the astronaut
and for meking any decisions affecting the flight
operation. He had a maintenance coperations super-
visor responsible for the detailed systems support
at the site, a systems monitor who observed all of
the major spacecraft systems, and, again, an aero-
medical monitor responsible for the aeromedical
aspects of the astronaut and the spacecraft.

Figures 4 and 5 present photographs of the
Mercury Control Center and a typical remote site.
The Mercury flight experience has shown that this
size organization is about as blg as can be coped
with and still perform the flight control task.

In the future, every effort must be made to auto-
mate as many of the systems outputs as possible so
that only the final systems performance parameters
are presented to the flight controllers and thereby
1limit the number of englineers required to analyze
the flight performance.

Recovery Operations

The recovery operations for Project Mercury
were, of course, one of the largest and more com-
plex aspects of all of the operating plans reguired
for the test. The following discussion is given as
a description of the forces set up for the orbital
flight of John Glenn. The recovery areas setup for
this operation can be considered in two broad cat-
egories: Flanned recovery areas in which the prob-
abllity of landing was considered sufficiently high
to require the positioning of location and
retrieval units to assume recovery within a
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specifie time; and contingency reccvery areas in
which the probability of landing was considered
sufficiently low to require only the utilization of
specialized search and rescue procedures.

The planned recovery areas were all located
in the North Atlantic Ocean &s shown in figure 6,
and table I is & summary of the support positioned
in these areas at launch time for the MA-6 flight.

Speciel recovery teams utilizing helicopters,
smphibious vehicles, and salvage ships were located
at the lsunch site to provide rapid access to the
spacecraft for landings resulting from possible
eborts during the late countdown and the early
phase of powered flight. Winds at the launch site
were measured and the locus of probable landing
positions for various abort times were computed to
facilitate positioning of these recovery forces.

Areas A to E supported all probable landings
in the event an abort was necessitated at any time
during powered flight. Area A would contain land-
ings for sbort velocities up to about 24,000 feet
per second, and Areas B, C, D, and E would support
higher abort velocities where programed use of the
retrorockets become effective in localizing the
landing area. Forces as shown in table I were
positioned in these areas to provide for location
and retrievel within a maximum of 3 hours in the
areas of higher landing probability end 6 hours in
the area where the probability of landing was some-
what lower.

Once the spacecraft was in orbitel flight,
Areas F, G, and H were available for landing at the
end of the first, second, or third orbits, respec-
tively. Forces as shown in table I were available
to assure locetion and retrieval within a maximum
of 3 hours for most probable landing situations.

Thus, to assure short-time recovery for all
probable sborts that could cceur during povered
flight and for landings at the end of each of the
three orbits, a totel of 21 ships, 12 helicopters,
and 16 search asircraft were on station in the deep-
weter landing sreas at the time of the MA-6 launch.
Backup search aircraft were available at several
staging locations to assure maintaining the air-
borne aircraft listed in teble I, These forces in
the planned recovery areass were all linked by com-
munications with the recovery control center
located within the Mercury Contrcl Center at Cape
Canaveral .

Since it was recognized that certain low
probability situations could lead to & spacecraft
landing at essentially any point along the ground
track over which the spacecraft flies, suitable
recovery plans and support forces were provided to
cover this unlikely contingency. In keeping with
the low probasbilities associsted with remote land-
ings, & minimum of support was planned for con-
tingency recovery; however, a large force is
required because of the extensive areas covered in
three orbits around the earth. The location of
contingency recovery units for the MA-6 flight is
shown in figure 7. A typleel unit consists basi-
celly of two search aircraft specially equipped for
UHF/DF homing on spacecraft beacons, point-to-point
and ground-to-air communications, and pararescue
personnel eguipped to provide on-scene assistence
on both land and water. No retrieval forces were

deployed in support of contingency landings;




however, procedures were avallable for retrieval
support after the fact. These search and rescue
units were stationed at the 16 locations shown in
figure 7 and were all linked by commnications
with the recovery control center at Cape Canaversal.
Throughout the MA-6 flight, the astronaut was con-
tinually provided with retrofiring times for land-
ing in favorable contingency recovery aress. How-
ever, the contingency forces deployed had the
capability of flying to any point along the
orbital track if required.

Weather

As the whole world now knows, cne of the most
difficult operating problems encountered was the
weather. Early in the project the NASA solicited
the aid of the U.S. Weather Bureau in setting up
an organization to supply pertinent weather infor-
mation. This group developed means for cbtaining
fairly detalled weather data along the entire
three-orbit track of the Mercury mission. This
information was analyzed in many &lfferent ways
to provide useful operationel information. For
instance, detailed analysis of the weather over
the Atlantic Ocean for various periods of the year
was made to provide a basis of planning the flight
and to provide a background knowledge as to what
could be expected to develop from dey to dsy once
& given weather patterm had been determined. As
a8 guideline, weather ground rules were established
on the basie of spacecraft structural limitations
and recovery operating capabilities. These
included such details as wind velocity, wave
height, cloud cover, and visibility. During the
days previous to and on the day of the operation,
the U.5. Weather Bureau meteorocloglsts provided
weather Iinformation for all of the preselected
recovery areas and the leunching site. The other
weather limitation was the result of the desire to
obtain engineering photographic coverage in the
launch area.

Flight Comtrol and

Recovery Operations
for MA-

In order to illustrate how the over-all oper-
ation is conducted, the MA-6 flight of John Glenn
and the flight control and recovery operations
utilized will be described starting with the ini-
tial countdown and ending with the final recovery
operation.

The countdown for launching the Mercury-Atlas
vehicle 1s conducted in two parts. The first part
is conducted on the dey before the launch and
lasts approximately 4 hours. During this period
detailed tests of all of the spacecraft systems
are performed and those interface connections
important to these systems are verified. This
part of the countdown was conducted with no major
problems or holds resulting. Approximately
17 1/2 hours separated the end of this count and
the beginning of the final countdown, and during
this period the spacecraft pyrotechnics were
installed and connected and certain expendables
such as fuel and oxygen were loaded.

At T-390 minutes the countdown was resumed
and progressed without any unusual instance until
T-120 minutes. During this period additional
spacecraft systems checkouts were performed and
the major portion of the launch vehicle countdown
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was begun. At T-120 minutes a buillt-in hold of

90 minutes had been scheduled to assure that all
systems had been given sufficient time for checkout
before astronaut insertion. During this period a
problem developed with the guidance system rate
beacon in the launch wvehicle csusing an additional
45 minute hold, and an additional 10 minutes was
required to repair a broken microphone bracket in
the sastronaut's helmet after the astronaut insertiom
procedure had been started. The countdown proceeded
to T-60 minutes when a 40 minute hold was reguired
to replace a broken bolt becmuse of misalinement on
the spacecraft's hatch attachment. At T-45 minutes,
a 15 minute hold was required to add fuel to the
launch vehicle; and at T-22 minutes an additional
25 minutes was required for filling the liquid-
oxygen tanks as a result of a minor malfunction in
the ground support equipment used to pump liquid
oxygen into the lsunch vehicle. At T-6 minutes

and 30 seconds, & 2 minute hold was required to
meke a quick check of the network computer at
Bermuda. In general, the countdown was very smooth
and extremely well executed. A feeling of confi-
dence was noted in all concermed, including the
astronaut, and it is probably more than significant
that this feeling has existed on the last three
Mercury-Atlas leunches.

The launch occurred at 9:47:39 a.m. e.s.t.
on February 20, 1962. The powered partion of the
flight which lasted 5 minutes and 1 second was
completely normal and the astronaut was able to
make all of the planned communications and obser-
vations throughout this period. Throughout this
portion of the flight no abnormalities were noted
in either the spacecraft systems or in the astro-
naut's physical condition. The launch-vehicle
guidance system performed almost perfectly, and
10 seconds after cutoff the computer gave a "go"
recommendation. The cutoff conditions obtained
were excellent.

Table II presents the actusl cutoff con-
diticns that were obtained. The altitude achieved
was 528,381 feet and the spacecraft velocity
achieved was 25,730 feet per second. The other
significant quantity, flight-peth angle, was
-0.047° &t cutoff. The other quantities shown in
the table give more information on the flight
parameters. These values include a perigee of
86.92 nautical miles, an apogee of 140.92 nautical
miles, an orbit period of 88 minutes and 29 seconds,
and an inclination angle of 32.54°. Also shown
are the maximum accelerations achieved during exit
from and entry into the earth's atmosphere, both of
these values being 7.7g. All of these values were
within the expected tolerances for the launch
vehlcle and its guidance system. The Mercury net-
work computing system performed flawlessly through-
cut both the powered and orbital phases of the
Tlight and provided complete information on the
orbit, spacecraft position, and retrofire times
necessary for all of the recovery areas. A com-
parison of the planned and actual times at which
the major events occurred are given in table IIT
and the times at which all of the network sites
acquired and lost contact with the spacecraft are
presented in table IV,

The flight test experience which had been
achieved on the previous Mercury-Atlas orbital
flights, that is, the MA-4 and MA-5, had given the
flight contrcl team an excellent opportunity to
exercise control over the mission. These flights



were, of course, much more difficult to control
and complete successfully because of the lack of an
astronaut within the spacecraft. All of the analy-
ses and decisions had to be made on the basis of
telemetered information from the spacecraft. The
presence of an astronaut mede the flight test much
more simple to complete, primarily on the basis of
astronaut observations and his capability of
systems management. A manned flight, however,
makes the job of monitoring spacecraft performance
more complex because of the large number of backup
and alternate systems from which the astronaut
could choose.

After separation of the spacecraft from the
launch vehicle, the astronaut was given all the
pertinent data involved with orbit parameters and
the retrofire times necessary had immediate
reentry been required. Following these trans-
missions, which were primarily from the Bermuda
site, the astronsut made the planned checks of all
of the spacecraft control modes using both the
automastic and manual proportional systems. These
checks indicated that all of the control systems
were operating satisfactorily. Also, the astro-
naut reported that he felt no 111 effects as a
result of going from high accelerations to welght-
lessness, that he felt he was in excellent con-
dition, and, as the two previous astronauts had
cammented, that he was greatly impressed with the
view from this altitude.

The first orbit went exectly as planned and
both the astronaut and the spacecraft performed
perfectly. Over the Canery Islands' site, the
astronaut's air-to-ground transmissions were
patched to the volce network and in turn to the
Mercury Control Center and provided the control
center and all other volce sites the capabllity of
monitoring the transmissions to and from the space-
craft in real-time. This condition existed
throughout all three orbits from sll sites having
voice to the control center and provided the best
tool for maintaining surveillance of the flight.

Except for the control systems checks which
were made periodically, the mstronsut remained on
the automatic system with brief periods on the
fly=by=-wire system which utilizes the automatic
control jets. This procedure was as planned so
that a fixed attitude would be provided for radar
tracking and so that the astronaut could make the
necessary repcrts and observations during the
first orbit. During the first orbit, it was
obvious from the astronaut's reports that he could
establish the pitch and yaw attitude of the space-
craft with precision by using the horizon on both
the light and dark sides of the earth, and that he
could also achieve a reasconable yaw reference.
Aside from the xylose tablet teken over Kano, he
had his first and only food (a tube of applesauce)
over Canton Island during this orbit and reported
no problems with eating nor any noticeable dis-
comforts following the intake of this foed.

During the first orbit, the network radar
systems were able to obtain excellent tracking
data and these data, together with the data
obtained at cutoff, provided very accurate infor-
mation on the spacecraft position and orbit. As
en example, between the time the spacecraft was
inserted into orbit and the data were recelved
from the Australian sites, the retrosequence times

changed a total of only T seconds for retrofire
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at the end of 3 orbits. This indicated the accu=
racy of the orbit parameters. From this point to
the end of the 3-orbit flight, using all of the
available radar data, these times changed only

2 seconds. The final retrosequence time was
0h:32:38 as compared with the time initielly com-
puted at cutoff of O4:32:47 and the time initially
set into the clock on the ground before lift-off of
Oh:32:28. A1l of the network sites received data
from the spacecraft and maintained communications
with the astronaut from herizon to horizon, and
everything progressed in a completely normal
fashion. Because of the excellent condition of the
astronaut and the spacecraft, there was no question
sbout continuing into the second orbit, and a "go"
decision wvas made among personnel at Guaymas,
Mexico, and the Mercury Control Center and
"foremost" the astronaut himself.

Shortly after the time that the "go" decision
was made at Guaymas, the spacecraft began to drift
in right yaw. After allowing the spacecraft to go
through several cycles of drifting in yaw attitude
and then being returned by the high thrust jets,
the astronaut reported that he had no l-pound jet
acticon in left yaw. With an astronaut abosrd the
spacecraft, this malfunction was considered a minor
problem, especially since he still had control over
the spacecraft with a number of other available
control systems. It should be pointed out, however,
that without an astronaut sboard the spacecraft,
this problem would have been very serious in that
excessive amounts of fuel would have been used; and
it may have been necessary to reenter the space-
craft in some contingency recovery area because of
this high fuel-usage rate. From this point on the
astronaut controlled the spacecraft attitude man-
ually except for periocdic checks of the automatic
contrel system.

During the pass over the control center on
the second orbit, it was noticed that the telemetry
channel used to indicate that the landing bag was
deployed was showing a read-out which, if true,
indicated thet the landing-bag deployment mechanism
had been actuated. However, because there was no
indication to the astronaut and he hed not reported
hearing eny unusual noises or noticing any motions
of the heat shield, it was felt that this signal,
although a proper telemetry ocutput, was false and
probably had resulted from the faflure of the sens=-
ing switch. Of course, this event caused a great
deal of analysis to result and later required the
most importaent decision of the mission to be made.

The flight continued with no further serious
problems and the astroneut performed the plenned
180° yaw maneuver over Africa to observe the earth
and horizon while traveling in this direction and
to determine his ability to control. Fellowing this
maneuver, the astronaut began to have what appeared
to be trouble with the gyro reference system, that
is, the attitudes as indicated by the spacecraft's
instruments dld not agree with the visusl reference
of the astronaut. However, the astronaut reported
he had no trouble in maintaining the proper attitude
of the spacecraft when he desired to do so by using
the visual reference. Because of the problems with
the autcmatie control system, previously mentioned,
and the apparent gyro reference problem, the astro-
naut was forced to deviate from the flight plen to
scme extent, but he was able to continue all of the
necessary control systems tesks and checks and to

make a number of other prescribed tests which



allowed both the astronaut and the ground to evalu-
ate his performance and the performance of the
spacecraft systems. As observed by the ground and
the mstronaut, the horizon scanners appeared to
deteriorate when on the dark side of the earth;
but when the spacecraft sgain came into daylight,
the reference system appeared to improve. However,
analyses of the data subsequent to the flight
proved that the horizon scanner system was
functioning properly but the changes in spacecraft
attitudes that resulted from the maneuvers per-
formed by the sstronaut caused the erronecus out-
puts which he noticed on the attitude instruments.
It has been known that spuricus attitude outputs
would result if the gyro reference system were
gllowed to remain in effect during large devi-
ations from the normal orbit attitude of 0° yaw,
C° roll, and -34° pj.tchb and this was apparently
the case during the 180" yeaw maneuver which was
conducted over Africa. This condition will be
alleviated in future flights by allowing the
astronaut to disconnect the horizon scanner
slaving system and the programed precession of
the gyros which preserves the loecal horizon while
he 1s maintaining attitudes other than the normal
spacecraft orbit attitude.

As the "go—no-go" point at the end of the
second and beginning of the third orbit approached,
it was determined that although scme spacecraft
malfunctions had occurred, the astronaut continued
to be in excellent condition and had complete
control of the spacecraft. He was told by the
Hawaiian site that the Mercury Control Center had
made the decision to continue into the third orbit.
The astronaut concurred, and the decision was made
to complete the three-orbit mission.

Cne other problem which caused scme minor
concern was the ilncrease in inverter temperatures
to values saomewhat above those desired. It
appeared, and the flight test results confirmed,
that the cooling system for these inverters was
not functioning. However, recent tests made pre-
vious to the flight had shown that the inverters
could withstand these and higher operating temper-
stures., The results of these tests caused the
flight control people to minimize this problem,
and it was decided that this minor melfunction was
not of sufficient magnitude to terminate the flight
after the second orbit. Furthermore, & backup
inverter was still available for use had one of the
main inverters failed during the third orbit.

During the third orbit, the apparent problems
with the gyro reference system continued and the
automatic stabilization and control system (ASCS)
malfunctions in the yaw axis were still evident.
However, these problems were not major and both
the ground and the astronaut consldered that the
entire situation was well under control. This was
primarily because of the excellent condition of the
astronaut and his ability to use vlisual references
on both the dark and light sides of the earth, and
the fact that most of the control systems were
still performing perfectly. The one problem which
remained ocutstanding and unresclved was the deter-
mination of whether the heat-shield deployment
mechanism had been actuated or whether the teleme-
try signal was false due to a sensing switch
failure. During the pass over Hawaii on the third
orbit, the astronaut was asked to perform some
additional checks on the landing-bag deployment
system. Although the test results were negative
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and further indicated that the signal was false,
they were not conclusive. There were still other
possible malfunctions and the decision was made at
the control center that the safest path to take was
to leave the retropackage on following retrofire.
This decision was made on the basis that the retro-
package straps attached to the spacecraft and the
spacecraft beat shield would maintain the heat
shield in the closed position until sufficient
aerodynamic force was exerted to keep the shield

on the spacecraft. In addition, based on studies
made in the past, it wes felt that the retention of
the packsge would not ceuse any serious demege to
the heat shield or the spacecraft during the reentry
and would burn off during the reentry heat pulse.

Also over the Hawalian site, the astronaut
went over his retrosequence checklist and prepared
for the retrofire maneuver. It was asgreed that the
flight plan would be followed and that the retro-
fire maneuver would take place using the automatic
control system, with the astronaut prepared to take
over manually should a malfunction occur. Addi-
tional time checks were also made over Hawail to
make sure that the retrofire clock was properly set
and synchronized to provide retrofire at the proper
moment. The astronaut himself continued to be in
excellent condition and showed complete confidence
in his ability to control any situation which might
develop.

The retrofire maneuver took place at pre-
cisely the right time over the California site and,
as a precautionary measure, the astronaut performed
manual control along with the automatic control
during this maneuver. The attitudes during retro-
fire were held within about 3° of the nominal stti-
tudes as a result of this procedure, but large
amounts of fuel were expended. Following this
maneuver, the astronaut was instructed to retain
the retropackage during reentry and was notified
that he would have to retract the periscope manu-
ally and initiate the return to reentry attitude
and the plenned roll rate because of this inter-
ruption to the normal spacecraft sequence of events.

Following the firing of the retrorockets and
with subseguent radar track, the real-time com-
puters gave a predicted landing point. The pre-
dictions were within a smell distance of where the
spacecraft and astronaut were finally retrieved.
As far as the ground was concerned, the reentry
into the earth's atmosphere was entirely normal.
The lonizatlion blackout occurred within a few
seconds of the expected time and although volece
communications with the astronaut were lost for
approximately 4 minutes and 20 seconds, the C-band
radar units continued to track throughout this
period and provided some confidence that all was
well throughout the high heating pericd. As it
might be expected, voice communications received
from the astronaut following the ionization black-
out periocd resulted in a great sigh of relief
within the Mercury Contral Center. The astronaut
continued to report thet he was in excellent con-
dition efter this time, and the reentry sequence
from this point on was entirely normal.

A number of spacecraft control problems were
experienced following peak reentry acceleration,
primarily because of the method of control used
during this period. In addition, large amounts of
fuel from both the manual and eutomatic systems had
been used and finally resulted in fuel depletion of



both systems Just previous to the time that the
drogue chute was deployed. The results of these
flight tests have indicated thet scmewhat differ-
ent control procedures be used during this period
for the next flight.

The commmnications with the astronaut during
the latter stages of descent on both the drogue
and main parachutes were excellent and allowed
communications with either the astronaut or the
recovery forces throughout this entire descent
phase and the recovery operations which tock place
following the landing. The landing occurred at
2:43 p.m. e.s.t. after 4 hours, 55 minutes, and
235 seconds of flight.

Recovery forces in all areas were notified of
mission progress by the recovery control center.
Based on mission progress, units located at the
end of the third orbit knew they were to become
invclved, and figure 8 presents recovery details
in the MA-6 landing area. An aireraft carrier
with retrieval helicopters was loceted in the
center of the planned landing area, one destroyer
was located sbout 40 nautical miles downrange, and
a second destroyer was located about 40 nautical
miles uprenge. Telemetry and search aircraft were
sirborne in the areas as shown. After the retro-
rocket maneuver and about 15 minutes prior to the
estimated time of landing, the recovery control
center notified the recovery forces that according
to calculations, the landing was predicted to
occur near the uprange destroyer as shown in
figure 8. The astronaut was slso provided with
this information by the Mercury Control Center as
soon as communicetions were reestablished after
the spacecraft emerged from the ionizaticn black-
out. Lockouts aboard the USS Noa, the destroyer
in the uprange position, sighted the main para-
chute of the spacecraft as it descended below a
broken cloud layer at an sltitude of about
5,000 feet from a range of approximately 5 nauti-
cal miles. Communications were established
between the spacecraft and the destroyer, and a
continuous flow of information was passed through-
out the remainder of the recovery operation.

In this case, location was very straightfor-
ward 1n that a retrieval ship gained wisual
contact during spacecraft landing. However, as a
matter of interest for future operations since
visual sightings are probably the exception rather
than the rule, other spacecraft location infor-
mation availsble soon after landing is also
plotted in figure 8. The SOFAR fix was spproxi-
mately 4 nautical miles from the landing point,
and the first two }L'F‘/'DF fixes were within approxi-
metely 25 miles of the actual spacecraft position.
This landing information, along with the calcu-
lated landing position provided by the Mercury
network, would have assured bringing search air-
craft within UHF/DF range. In fact, the alrborne
search aircraft in the landing areas obtained
UHF/IF contact with the spacecraft shortly after
beacon activation at main parachute opening; how-
ever, it was the Noa's day and she was on her way
to retrieve.

The Noa had the spacecraft aboard 20 minutes
after landing. Figure 9 shows the spacecraft as
it is being lowered to the deck. Astronaut Glenn
remained in the spacecraft during pickup; and
after it was positioned on the ship's deck, he
egressed from the spacecraft through the side
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hatch. Original plans had called for egress
through the top &t this time; however, the astro-
naut was becoming uncomfortably warm and decided
to leave by the easier egress path.

In making the pickup, the Noa maneuvered
alongside the spacecraft and engaged a hock into
the spacecraft lifting loop. The hook is rigged
on the end of a detachable pole to facilitate this
engagement and the lifting line is rigged over one
of the ship's regular boat devits as shown in
figure 9. A deck winch is used for inhauling the
lifting line, end when the spacecraft is properly
positioned vertically, the davit is rotated inboard
to position the spacecraft on deck. A brace
attached to the davit is lowered over the top of
the spacecraft to prevent swinging once the space-
craft is clear of the water.

Each ship in the recovery force had embarked
& speciel medical team consisting of two doctors
and one technician to provide medicel care and/or
initial postflight medicel debriefing. For the
MA-6 mission, postflight medical debriefing was
the only requirement and wes completed onboard the
Noa in sbout 2 hours after pickup. The astronaut
was then transferred to the elreraft carrier for
further transfer to Grand Turk Island, and he
arrived there spproximately 5 hours after landing.
Additional engineering and medical debriefings
were conducted at Grand Turk.
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TABLE I.- MA-6 RECOVERY FORCES FOR THE PLANNED RECOVERY AREAS

h b o Maximum
AHEE seaﬂgg :irgiaft hei?ﬁggtzis uﬁﬁigsOf PECOVE?Y vime,
Launch site -——- 3 —_— short
A 6 -—- 8 destroyers 3 to 6
B,C,D,E 1 each -— 1 destroyer each 3 to 6
F,G,H 2 each 3 =ach. é Ezgziiieizcgach 3
Total 16 12 21 —
TABLE II.- FLIGHT CONDITIONS
Cutoff conditions:
Altitude,ft................528,3.81
Velocity, BLIE8E i = v @ i & o0 % o s w0 295100
Flight-path angle, deg « + « ¢ & « s o o = -0.047
Orbit parameters:
Perigee altitude, nautical miles . . . . . . 86.92
Apogee altitude, nautical miles . . . . « « & 1ho.92
Perdiod, MIN:BEC « = & s & /sl s o 3 « % & ) w s 88:29
Inclination angle, deg . . « « « « ¢ o o o o 32.54
Maximum conditions:
Exit acceleration, gunits . . . . . . . .« . Te T
Exit dynamic pressure, 1lbfsq ft . . . . . . . 982
Entry acceleration, gunits . . « . « « «. « & 1.7
Entry dynamic pressure, lb/sq ft . . . . . . L72
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TABLE III.- SEQUENCE OF EVENTS DURING MA-6 FLIGHT

Event

Planned Timea,

hr:min: sec

Actual Time,
hr:min: sec

Booster-engine cutoff
Tower release
Escape rocket firing

Sustainer-engine cutoff
(SECO)

Tail-off complete
Spacecraft separation
Retrofire initiation

Retro (left) No. 1

Retro (bottom) No. 2

Retro (right) No. 3

Retro assembly jettison
0.05g relay

Drogue parachute deployment
Main parachute deployment

Main parachute jettison
(water impact)

00:02:11. 4
00:02:3L.2

00:02:34. 2

00:05:03.8
00:05:03%.8
04:3%2:58
Oh:32:58
Ok:33:03
Ok:33:08
Ok 33: 58
Oh:43:53
0k: 50: 00
Ol: 50: 36

o4:55:22

00:02:09.6
00.02:335. 3
00:02: 33. 4

00:05:01. 4

00: 05:02
00:05:03.6
Ok: 33: 08
Ok:33:08
Ok:33:13
04:3%3%:18
(p)
Cok:b3: 31
Ol4:49:17.2
Ol:50:11

0k:55:23

&Preflight calculated, based on nominal Atlas performance.

bRetro assembly kept on during reentry.

“The 0.05g relay was actuated manually by astronaut when he

was in a "small g field."
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TABLE IV.- NETWORK ACQUISITION TIMES FOR MA-6 FLIGHT

Telemetry Signal

Voice Reception

Station
Acquisition, hr:min:sec | Loss, hrimin:sec |Frequency | Duration, hr:min:sec
Canaveral 00: 00: 00 00:06: 20 UHF 00:00: 00 to 00:05:30
Fermuds 00:03: 02 00:10: 26 UHF 00:03: 30 to 00:09: 30
HF 00:11:00 to few sec
Canary Islands 00;14:15 00: 21: 2% UHF 00:15: 00 te 00:23:00
HF 00:12:00 te 00:14:00
Atlantic Ship Not in range
Kano 00: 21:13% 00 28: 21 UHF 00: 22: 00 to 00:29:00
Zanzibar 00z 29: 51 00: 37: 51 UHF 00: 29: 00 to 00:38:00
Indian Ocean Ship 00: Lo:02 00: 48: 31 UHF 00: 41: 00 to 00: 4B8:00
Muchea 00: ho: 21 00: 57: 55 UHF 00: 50: 00 to 00;:58: 30
Woomera 00: 54: 00 0l:02: L1 UHF 00: 56: 00 to 01:03:00
Canton 01:09: 19 01:17: 42 UHF 01: 02:00 teo 01:15:30
HF 01:03:30 to 01:0L:00
Hawaii Not in range
California 01: 26: k1 0l1: 31: 23 UHF 01:27:30 to 01:30:00
HF 01:19:00 to 01:25:30
Guaymas 01: 26: bT 01: 33:25 UHF 01:26: 00 to 01:33:30
HF 01: 20: 30 to Ol:26:00
Texas 01:29: 24 01: 36: 18 UHF 01: 28: 30 to 0l:36: 30
Eglin 01:32:00 01: 57: 05
Canaveral 01: 33:20 01: 40: 03 UHF 01: 33: 30 to 01:40:00
Bermuda 01: 36: 38 01: k3:53 UHF 01: 37:30 to 01:L2:00
Canary Islands 01:47:55 01:5%:58 UHF 01: 48: 00 to 01:55:30
Atlantic Ship 01:51:54 01:58: 31 UHF 01:5%:00 to 01:58:00
Kano 01:54: 47 02:01:21 UHF 01:55: 00 to 02:01:00
Zanzibar 02: 0k; 05 02:10:51 UHF 02:04:00 to 02:11:00
Indian Ocean Ship 02:12:17 02: 22: 09 UHF 02:13%:00 to 02:22:00
Muchea 0g; 22:51 02:31:23 UHF 02:25: 00 to 02:32:30
HF 02: 23:30 to 02:2L: 30
Woomera 02:27: 36 02: 35: 45 UHF 02: 28: 00 to 02:37:00
Canton 02: 42:51 02: La: 45 UHF 02: L2: 30 to 02:49:00
Hawaii 02: 4o: 01 02:55:19 UHF 02: 49: 00 to 02:55:30
California 02:58: 11 03: Ol: L8 UHF 02:58:30 to 03:0L: 30
Guaymas 02: 59: 59 0%: 05: bl UHF 03%:00: 30 to 03%:0F:30
Texas 03%: 03: 14 03: 09: 39 UHF 03%:03:30 to 03:1J: 30
Eglin 03: 05:35 03:12:07 UHF 03:07: 30 to 03: 2:30
Canaveral 03: 06: 51 03 13: b6 UHF 0%:07:00 to 03%:1L:00
Bermuda 03: 09: 56 03%: 17: 03 UHF 0%:09:00 to 03:16:30
HF 0%:16:30 to 03:18:00
Canary Islands Not in range HF 03:20:00 to 03:25:00
Atlantic Ship 0%z 2k bl 03: 32: 25 UHF 0%: 25: 30 to 03: 30:00
HF 0%: 25:00 to 03:26: 30
HF 03:30: 30 to 03:32:30
Kano ot in range
Zanzibar Kot in range HF 0%:30: 00 to 03:32:30
HF 0%: L0: 00 to 03:41:30
HF 0%: bh: 00 to 03: 4h:30
Indian Ocean Ship 03%: 45:55 0%: 56: 49 HF 0%: 47:00 to 03:55:00
Muches 03: 56: 31 Ob: 0412 UHF 03: 58: 30 to Ok:04: 00
HF 0%:57: 00 to 03:58:00
Woamera Ob:0%: 16 Ok:DA: 19 UHF Ok: 0%: 00 to OL:0T:00
Canton Not in range HF 0Ob: 15: 30 to Ok;21:00
Hawaii Ol 21: 4o Ol 28: 4o UHF Ob:20: 30 to Ob:30:30
California Oh:31:17 Ok: 37: 57 HF 0k:31:30 to Ok: 38: 30
Guaymas Okz 3344 Ok: 30: 49 UHF O4: 33: 30 to 0k:40:30
Texas Oli: 36: 53 ob; h2; 32 UHF ol: 38: 00 to Ob; 39:30
Eglin Ol 39: 00 OL: ks 52 UHF 0b: 39:00 to OL:L3:30
Canaveral Ol:L0:52 Ol: k2:55 UHF Ob:L0: 30 to Oh:b3:30
(Canton)
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Introduction

Fifteen years of speculation and study con-
cerning the problems of placing man into space
flight produced & mass of reports which contem-
plated the hurdles and suggested sclutions needed
to permit safe flight. The accumulation of prob-
lems occurred in all disciplines. This could have
been expected because the area of study was in the
unknown, and speculation and calculation were the
only methods of attack until flight data could be
obtained.

The Life Sciences community was as prolifie
in the identification of potential problem areas
as the other scientific disciplines. The arrival
of the era of manned space flight offers the oppor-
tunity to assess the problems directly and to
define what is speculation and what is problem.

This paper will discuss two areas of life
sciences activities during the Project Mercury
program. The first area will review the life-
support activities associated with the spacecraft
development and the provisions for the astronsut.
The second area will present a summarization of
the data concerning man's ability to live and work
in this new environment and will attempt to present
an analysls of the significance of the findings in
light of future flights.

Life-Bupport Activities on the Spacecraft

Early in the development program of Project
Mercury, the decision which established the astro-
naeut as a vital and functioning segment of the
gpacecraft systems and flight plan was made. This
decision affected the entire life support effort
more than any other single event. The required
provisions within the spacecraft were able to be
defined. All systems which had the astronaut as
an integral 1link were designed and tested to pro-
vide a reliable astronaut in the system. The crew
station was provisioned to complement the expected
capabilities of the astronaut. A full display of
cockpit instruments was incorporated. The concept
of using & full cockpit of instruments was con-
sidered to be a better procedure than one which
called for refitting the spacecraft after the capa-
bility of man wes demonstrated. If flight experi-
ence demonstrated that instruments were not needed
or could not be used dependebly by the astronaut,
they would be easily removed or inactivated. The
associated controls to permit the astronaut to
backup the systems manually or to select an alter-
nate system were provided. Their orientation was
such that the relationship of one to another
allowed natural operation by the astronaut while
he was restrained within his couch and harness.
Additional study was made to assure normal function
of the pilot while wearing the full pressure sult.
Logical grouping of the instruments and their
placement in the panel were determined through
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repested operational flight simulations. These
test simulations used the most up-to-date flight
procedures to represent the data needed end astro-
naut sction required during each phase of flight.
Controls were moved when more positive availability
for operation wes shown to be needed. BSizing of
the switches, spacing of one control from the other,
color coding of the groups of instruments, and
selection of the celibration on the face of the
instruments were studied to permit efficient action
by the astronaut while using the pressure sult in
both uninflated and inflated states. Couch, sult,
and erew station were treated as an integral prob-
lem. One or a&ll were modified as necessary to pro-
vide a more efficlent astronaut.

The design eriteria for the life-support
systems aboard the spacecraft provided a sea-level
equivelent man, as far as function was concerned,
under normal flight operations. The envirommental
system provided an atmosphere of 5 psia consisting
of nearly 100 percent oxygen partiel pressure. The
proposel to use this atmosphere raised the gquestion
of man's tolerance to such an oxygen-rich atmos-
phere. Earlier studies hed been made which demon-
strated that oxygen toxieity would not produce
difficulty for the durations of flight proposed in

the Mercury program.l However, the problem of
atelectnsis sssociated with prolonged 100 percent
oxygen exposure was found in early test programs.
This problem was due to the lack of the normal
atmospheric nitrogen within the small alvecli of
the lung and was aggravated by the position of the
astronaut in the couch and the compression of the
chest associsted with leunch and entry acceleration.
During the early studies on a centrifuge, the lung
areas affected were visuaslized through chest X-rays
and the methods of resolving this problem were
studied. It was found that scheduled deep inhsla-
tions and periodic voluntary coughs were sdequate
for the prevention of alveolar collapse and would
permit reinflation after collapse. This easy solu-
tion for the problem permitted the continued use of
a 100 percent oxygen system. Therefore, the most
simple and reliable closed envirommental system
could be used in the Mercury spacecraft.

The mecceleration-protection system, through
the development of the contoured couch and the
extension of the astronaut's tolerance to the levels
of the anticipated emergency accelerations, per-
mitted the safe removel of the astronaut from a
failing booster under all flight emergencies. The
advances in the couch and tolerance data did more
to make manned flight possible, during the early
phases of the Mercury program, than any other area
of work. Early studies hed shown that emergency
scceleration profiles would double the known accel-
eration tolerance levels. The contoured couch per-
mitted manned centrifuge flights to reach acceler-

ation of ﬂg.e Even though physiological changes
were seen during the high levels of exposures, the



changes were reversible and no residuel damage
could be found. With this new level of demon-
strated tolerance, man could accept all normal and
emergency flight accelerations. The sclution of
this part of the problem left only the landing-
impact forces to be studied. The impact tolerance
of man was established through the data from the
rapid deceleration tests performed by Colonel John

P. Stapp. His final series of testsj gave the
upper limits for injury with the sbility for full
recovery. The design of the crushasble structure
for use under the couch kept the emergency landing
loeds imposed upon the astronaut to within these
tolerance levels. However, the anticipated rate
of onset of the landing accelerations exceeded the
known tolerance data. Programs were carried out
to demonstrate that these rates of onset were

acceptable for water la.ndin.gs.h The required pro-
visions for land landings dictated the need for
the addition of the impact skirt in order that the
multidirectional lateral loads could be kept
within the known data limits. The tesi programs
and measured landing loads from flight vehicles
have been assessed by Mr. Peter Armitage at the
Manned Spacecraft Center and the results have
demonstrated that the acceleration protection
system is safe for water and land.

The prime requirement esteblished for the
bilomedical deta-gathering system was the provision
of instruments for the assessment of the astronaut
status as part of the flight safety program. After
this requirement had been met, the remainder of
data collection was directed toward answering the
many bicmedical questicns which had been raised
concerning man in the new enviromment. The data
indicating the adequacy of the operation of the
environmentel system were invalusble because it
complemented the information gathered from the
astronaut directly. The correlation of system
information and information provided by the man
was possible through the provision of a normsal
sea-level functioning man. The data collected
plus the astronsut's volce reports have given an
excellent profile of the astronaut's status
throughout the flights. The clear, concise, and
accurate reports have confirmed that man and his
spacecraft did well while operating in the new
environment .

The astronauts assigned the responsibility
for surveillance of the life-support areas were
valuable in providing the technical and oper-
ational transition needed to assure that the
systems were adequate for flight. Their experi-
ence in sircraft was made available to the bio-
selentist and engineers working on the life
systems area. They freguently perticipated in the
testing of equipment and offered guidance on fur-
ther improvements. As the specific asstronaut was
chosen for a flight, the relationship on the flight
readiness of the life-support system became more
personalized and minor changes were incorporated
in the equipment which would sid the accomplish-
ment of the flight plan. Postflight critiques of
the life-support systems were made, and new
changes such as the addition of wrist bearings and
the fingertip lights on the gloves of the full
pressure sult were incorporated after the astro-
naut had recommended their incorporation. New
ideas and the prototype units were discussed and
demonstrated to the astronauts. Thelr represent=
ative solicited the group astronsut opinicn and
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then worked toward the integration of the desired
changes into the system.

Epch decision concerning the addition of
support for man was besed upon comprehensive dis-
cussions before it was implemented. Where conflict
between further automatic or manual equipment was
encountered, the functioning man won. As the
program progressed, more backup devices became
manual. Through the combined effort of all of the
disciplines required for the development of the
spacecraf't, man has been placed into the space
vehicle, and the vehicle has been ready to recelive

Summary of Mercury Manned Flight Medical
Data and Implications for Future Flight

Detailed medicel data resulting from the
manned flights in Project Mercury have been pre-
sented in Government technical documents and

conferences following each of the i'light-s.5’6’7’a
The purpose of this discussion is to review the
medical information and, more importantly, to dis-
cuss the implications of this experience on life-
science planning and future activities.

As s matter of convenience the medical data
have been divided into two source aress: (1) the
preflight and postflight physical and laboratory
examinations, and (2) the physiological information
from the countdown and flight, which includes the
astronauts' volce reports and the spacecraft bio-
instrumentation. Comparative control data were
obtained from prior clinicel examinations, centri-
fuge training sessiong, procedure trainers and
launch countdown practices.

Physical Examination Data

Extensive clinical examinations were accaom-
plished on the flight astronauts by & medical spe-
cialty group during the final days prior to launch.
A preflight physical evaluation was made by the
astronauts' Flight Surgeon on launch morning just
prior to suiting. The postflight examination con-
sisted of two parts, & cursory checkout on the
recovery ship as soon as the astronaut was aboard
and a detalled appraisal at a down-range debriefing
site (either Grand Bahama or Grand Turk Island) by
the initial medical specialty group. All of these
examinations included the collection of blood and
urine samples.

ME-3 Flight.- Astronsut Alan B. Shepard, who
mede the MR=3 flight, had a preflight physical
examination at Cape Canaversl approximately
T-8 hours. (T represents launch time.) His post-
flight examinations were at T445 minutes (shipboard)
and T+3 hours (Grand Bahema Island). Positive
findings were limited to a 3-pound weight loss, and
a few rales heard at the base of both lungs which
cleared with coughing. His general condition was
excellent. The physical findings and laboratory
studies were all within the control clinical cbser-
vations made in association with Astronaut Shepard's
centrifuge training.

MR-4 Flight.- Astronaut Virgil I. Grissom was
examined for the MR-4 flight at approximately
T-7 hours (Cape Canaversl), T+30 minutes (shipboard)
and T+2 hours (Grend Bahama Island). A 3-pound
weight loss was recorded. The sinking of the



spacecraft and his subseguent exertion in the sea
during recovery were reflected in the fatigue and
elevated pulse and respiration rates observed
aboard the recovery wvessel. All vital signs had
returned to normal at the Grand Bahama debriefing
site examination. No other significant physical
findings were observed.

MA-6 Flight.- Astronsut John Glenn's final
preflight physical examination for the MA-6 flight
was completed at approximately T-6 hours, 30 min-
utes {Cape Canaveral). Postflight exeminaticns
were at approximately T+6 hours (shipboard) and
T+12 hours (Grand Turk Island). The recovery
physicians reported a clinical impression of mild
dehydration and fatigue. An approximate 5-pound
weight loss was recorded. Vital signs (tempera-
ture, blood pressure, pulse, and respiration rates)
were all within prelaunch values. There were
superficial abrasions on the second and third
fingers of the right hand caused by recoil of the
explosive hatch actusteor plunger. The remainder
of the physical examination was unremarkable.

In summary, the preflight clinicel exami-
nations revealed no asbnormalities. The postflight
examinations all disclosed a healthy astronaut
with no findings that could be specifically attri-
buted to space flight. Certain of the comparative
preflight and postflight blood end urine data were
interpreted as consistent with the occurrence of
stress while other values were believed to be
normal fluctuations.

Fhysiological Data

Physiological data were available from the
time of astronaut insertion into the spacecraft
until he disconnected the biosensor plug from the
sult as part of the landing procedure. Bioinstru-
mentation utilized in all flights consisted of two
electrocardiograph leads, a respiration rate
thermistor, and a rectal temperature thermistor.
A blood pressure measuring system, similar to the
clinical (indirect suscultastory) method, was sdded
to the MA-6 spacecraft. The countdown and flight
records were generally of excellent quality with
the exception of the respiration rate trace. In
addition to the blosensor data, the pilot's sub-
Jjective evaluation of body sensations and the film
from the pilot-observer camera provided important
sources of information.

MR-5 Flight.- In the MB-3 suborbital mission,
the totel bilosensor monitoring time was approxi-
mately 4 hours and 30 minutes. The actual flight
duration from lift-off to water landing was
15 minutes and 22 seconds.

Pulse rates during countdown were well within
expected ranges. A high of 138 beats per minute
was recorded at spacecraft separation and a down-
ward trend ensued during the following 5 minute
zero-gravity interval. Pulse rate rose to a high
of 132 beats per minute during reentry and was
111 beats per minute at loss of telemetry signal.
The electrocardiogram waveform showed no signifi-
cant variation during the countdown and flight.
Body temperature remained near 99° F for the
entire countdown and flight. Respiration rate
during the countdown esnd flight was similar to
rates noted at centrifuge treining runs.
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Astronaut Shepard reported no disturbing
sensations with zero-gravity and both launch and
reentry accelerations were well tolerated.

ME-l Flight.- Physiological date for the MR-U
suborbital flight were recorded for approximately
3 hours and 35 minutes; 15 minutes of which was
flight time. Pulse rates averaged 80 beats per
minute during countdown, 138 beats per minute at
lift-off, and increased to 162 beats per minute at
spacecraf't separation. A high of 17l beats per
minute was recorded st retrofire, declining gradu-
ally through reentry to 137 beats per minute at
loss of telemetry signal. The electrocardiogram
revealed only simus tachycardia. Rectal temper-
ature did not fluctuate significantly during the
flight. Respiration rates varied from 12 to 2L
breaths per minute during countdown, but because of
poor trace quality in-flight data were not obtained.

Astronsut Grissom reported no umpleasant feel-
ings while weightless. A brief tumbling sensation
was felt at booster engine cutoff which lasted only
& few seconds. Hearing and visusl acuity remained
undisturbed.

MA-6 Flight.- The totel monitoring time for
the MA-6 orbital flight was 8 hours and 15 minutes.
of which 4 hours and 53 minutes was actual flight
time. Pulse rate during countdown varied from 56
to B6 beats per minute with a mean of 68 beats

per minute. At lift-off, the pulse rate was

110 beats per minute, rising to 114 beats per min-
ute at spacecraft separation, then apparently
stabilized through weightlessness with a mean of
86 bteats per minute. The highest pulse rate,

134 beats per minute, occurred during reentry at
the time of meximum spacecraft oscilletion.

Analysis of the electrocardiogram showed some
variation in the origin of the heartbeat during the
countdown which was not present during flight.
These findings were believed to be within the range
of normel physiologicel stress responses. Respi-
ration rates were within expected values throughout
the countdown and flight. Body temperature
declined during the countdown as & result of
external cooling of the sult circuit. There was a
gradual rise after lift-off, increasing sbout 2° F
for the entire flight, reflecting normal body
temperature regulation.

Astronaut Glenn's in-flight commentary and
postflight debriefing remarks indicated that vision,
hearing, food chewing, swallowing, and urination
were normel during flight. Deliberate attempts to
stimulate the vestibular system did not produce any
disturbing symptoms.

As pointed out in prior reports, the Mercury
Redstone suborbital flights did not provide enough
time to establish physiological trends, and no
observed medical data could be specifically attri-
buted to weightlessness. However, the Mercury Atlas
orbital flight of Astronaut Glenn provided suffi-
cient time for physiological responses to spparently
stabilize, and trend information was obtained.
Perhaps the most veluable medical gbservation made
from each of the manned flights was that all the
physiological and clinicel examination data were
consistent with normal function. This finding wes
supported by the competent performance displayed by
each of the asstronauts during space flight.



Discussion

As gbserved from the United States flights to
date, no specific medicel problems peculiar to
weightlessness have been defined. No difficulty
has been experienced by the astronauts in toler-
ating the acceleration associated with launch and

reentry. {Available Russien cosmonaut clat99 indi-

cate similar observations with the exception of
the symptomatology reported by Titov after about

6 hours of weightlessness. Although not definite,
the Russian reports suggest that some disturbance
in vestibular function did occur. This disturhance
apparently did not interfere with operational per-
formance of the spacecraft. Whether this disturb-
ance is a consequence of extended exposure to
weightlessness or represents an ldiosyncratic
response of Titov is not known. There are several
possibilities which might explain the relative
lack of physiological changes during weightless-
ness a8 observed in our flights. These include:

(1) Pnysiologic response mechanisms adept
quickly and no functional disturbances are
produced .

(2) Toe bioinstrumentation utilized end the
astronaut's subjective evaluation are not suffi-
clent to detect subtle transient changes associ-
ated with short exposures.

{3) The exposure durations have been too
brief to elicit physiologic changes.

(4) The combinstion of brief exposure and the
restrained position are sufficient to curtail the
appearance of adverse effects.

Additional space flight experiences will determine
eventually which of the above explanations or
combinations therecf are correct.

The effects of weightlessness on human
physiology will continue to be a primary objective
in early space flight programs. FPlenning and
direction of ground-besed and in-flight medical
research relating to zero-gravity will be influ-
enced by observations obtained from longer missions
in the Mercury spacecraft. FPlans for the two-man
Gemini spacecraft are to provide an increased
flight time, and thus to permit extended investi-
gations. This exposure to increased space flight
(up te 2 weeks) will be approached with essen-
tially the same bioinstrumentation and technique
as used in the Mercury program. Should physio-
logic problems arise which result in crew perform-
ance decrement, then detailed in-flight medical
investigations, including the use of animals,
might become necessary. If function abnormalities
appear when the crew is unrestrained, then the
Apollo earth-orbiting spacecraft or an earth-
orbiting laboratory might be required for more
detailed experiments. This approach then would
utilize the flexibility inherent in the Gemini
and Apollo designs, with the capability of earth-
orbital flights carrying medical research equip-
ment. Whenever valid, ground-based medical
investigations would be applied to the solution of
weightlessness problems.

Summary

The integration of the crew station with the
man and his equipment was a continuous program

requiring many compromises. The goal of this
effort was the provision of eguipment within the
crew station which would permit flight control by
the astronaut. The experience gained by flights to
date have indiceted that the provisions are ade-
quate for the task.

The biomedical assessment program associated
with flights on Project Mercury to date has pro-
duced no significant medical problems. The Russian
experience with Cosmonaut Gherman Titov hes shown
some disturbance of the vestibular apparatus, how-
ever, symptoms were not severe enough to be inca-
pacitating. The extension of knowledge, primarily
in the prolongation of exposure to the weightless
environment, is essential if the discrepancy
between the United States and Soviet data is to be
resolved. Presently pleanned programs of manned
flight will yield further date in this area. The
following factors will be active in the design of
the medical portion of these programs:

{1) Investigation of in-flight medical
responses will be extended as & function of time
in zero-gravity, utilizing the Mercury, Gemini, and
Apollo spacecrafts and existing technigues.

(2) Cepability will contilnue to exist for the
recognition of physioclogic effects that might
result in compromised crew performance. Perform-
ance must be maintained of sufficient quality to
assure & safe reentry to earth from earth orbit.

(3) The design of on-going in-flight medical
studies will be dependent on the interpretation of
accurmulated physiologic data.

(%) Ground-based medical studies will be uti-
lized whenever possible in examining biologic
responses to weightlessness.
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DYNA-SOAR BIOASTRONAUTICS

Robert Y. Walker, Ph.D.
Staff Assistant, Human Engineering
The Boeing Company
Seattle, Washington

Dyna-Soar is a manned boost-orbit-glide wvehicle.
Conventional booster and guidance systems will
place the glider on a course at the proper ale=
titude and velocity with the resultant energy to
accamplish the planned mission. After boost ter-
mination, the pilot verifies the course during
orbit and controls the flight path during re-
entry, approach, and landing.

The flight profliles and over-all flight regime
for the Dyma-Soar's single-orbit mission will
impose no new or extreme envirommental hazards
on the pilot. The envirommental parameters of a
normal space flight will not expose the pilot to
stress magnitudes as great as pilots have ex-
perienced in the Mercury flights. Under present-
ly planned flights, the pilot should be in an
environment that is well within known human
tolerances.

We will present the calculated envirommental
stress to be imposed on the pilot in both normal
and emergency conditions and the design tech-
niques developed to provide a cockplt that will
keep the pilot well within his tolerance limits.
The various primary envirommental parameters will
be discussen geparately. The solution for each
parameter will be discussed in a concurrent man-
ner. No cignificance is attached to the order in
which the specific parameters of the enviromment
are considered. These seven primary factors are:

1. Acceleration;

2. Zero g;

3. Mechanical vibration;
k. Acoustiec vibration;
5. Pilot's atmosphere;
6. Heat:

T. Humidity.

The first parameter - acceleration - receives
most consideration. The flight profiles have
been analyzed to determine the physioclogical
stresses to be imposed on the pilot for each
phase of the mission. Acceleration time his-
torles have been developed for the boost, glide,
and terminal phase, and emergency conditions.
Emergency conditions would be abort from the pad,
abort during boost, and ejection escape from the
glider. The magnitude, duration, rate of onset,
and the direction of acceleration were studied
for these conditions.

To determine the proper magnitude and direction
of the accelerations that determine the resultant
external force acting on the pilot, we have used
the Resultant Physiclogical Acceleration that
would be significant in defining pilot perform-
ance and tolerance limits. The resultant phys-
iological mcceleration (or RPA) is the vectorial
sum of all the g-normalized forces to which the
pilot is exposed. This is the g load he actually
feels.

Figure 1 indicates the g forces to which the
pilot will be exposed during boost. The maximm
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RPA never reaches 5 g's and is sbove 4 g's prior
to second-stage burnout for less than 15 seconds.
The g prior to first-stage burnout is of much
lower magnitude, while third-stage g just attains
L g's. These forces act on the restrained pilot
seated in the boost position in the transverse or
+g, (chest-to-back) direction.

Figure 2 is a schematic illustration of an abort-
off-the-pad recovery maneuver. The RPA for this
maneuver never reaches U g's and is transmitted to
the restrained pilot in & transverse +gy direction
during the boost periocd. At termination of abort-
rocket boost, the pilot must pitch the glider aver
from the vertical to the horizontal, subjecting
him to an RPA under 4 g's for approximately 30
seconds in the positive +g, longitudinal (head-to-
feet) direction. Following this, the pilot per-
forms a roll-out and completes the prescribed
landing meneuver.

For an abort due to a premature burnout of the
first stage, the pilot could be subjected to a
maximun peak RPA of about T g's in the +g, or
longitudinal direction during the recovery maneu-
ver. Abort recoveries in succeeding stages due to
premature boost burnout would not be as severe.

The design objective of the Dyna-Soar glider is to
asccamplish a controlled rate of re-entry into the
atmosphere. Re-entry profiles are slightly in
excess of 1 g. This acceleration is transmitted
to the pilot in a combination of positive longitu-
dinal +g, (head-to-feet) and a negative transverse
~gx (back-to-chest) directions.

The design performance requirements for the sube
sonic escape system are well within the dynamic
pressure, Mach number, and altitude performance
envelope of present escape systems, The Dyna-Soar
Pilot will actually be subjected to & less severe
acceleration profile during escape than during an
ejection from present fighters at supersonic
speeds. Figure 3 shows a typical performance en-
velope for an ejection-seat rocket catapult.
There is well-established data demonstrating the
capability of pilots to withstand these forces.

The terminal phase and landing stress of the
flight profile is very similar in acceleration
forces to that of the present Century series of
fighter planes.

Human acceleration experience for the RPA's com-
puted for the Dyna-Soar profile fall well within
demonstrated human tolerances. Tolerance to g is
contingent upon peak g, the direction of g, the
duration, the rate of onset, the seat-back posi-
ticn, and body restraint. By shifting the seat-
back position, it is possible to obtain quite a
range of human tolerance limits, all of which are
well above the computed g values and durations
that have been mentioned. It is particularly
significant that, while I have mentioned duraticns
of g's in seconds, research has demonstrated that
man can tolerate these same g's for minutes under



particular seat-back positions or with anti-g
suits.

In the Dyne-Scar, the pilot must be in an ade-
quate physiological condition to meonitor, to
over-ride automatic controls, and to control the
vehicle manually. Even the limited g's computed
for this profile might impose problems on his
sensing of instruments or proper manipulation of
controls. Consequently, provisicn has been made
to ensure the pilot's capability even with these
limited g's. Figure b illustrates the two posi-
tions of the seat back. During boost the piloth
seat back will be in a position more vertical
than in a normal seat, with his feet on the
rudder pedals.

Research on the AML centrifuge at Wright-Patterson
Alr Force Base with human volunteers had indica-
ted potentially dangerous vascular pressure lev-
els in the subjects with angles aft of the verti-
cal. AML recommended slightly forward angles
during boost. The Air Force Dyna-Scar Pilot Con-
sultant CGroup served as subjects in subsequent
centrifuge tests under the enticipated boost ac-
celerations in both slightly forward and aft
angles with no evidence of degradation of perfor-
mance in spite of the apparent high right heart
pressure. These and other investigations, how-
ever, initisted re-design consideration of the
seat-back sngle for the boost phase of the flight
profile. A forward angle, not as yet fixed will
be selected to provide physiological protection
and adequate operational capability. This is an
example of the excellent coordination and inter-
disciplinary team work in the USAF system devel-
opment program.

The upper arms are provided with rests (adjusted
to the pilot's forearm length) so the thrust
forces will not pull the arms back from either
the side-arm controller for the right hand or
the abort-control handle for the left hand.

A side-arm controller has been developed beceuse
a center-type stick cannot be controlled ade-
quately when the pilot is subjected to high
transverse g The mere acceleration imposed on
the arm and hand holding the stick could impart
undesirable control actions.

The pressure suit does not have to be pressur-
ized unless there is an emergency loss of air
pressure in the cabin. The restraint system
shown in Figure 5 is an integrated pertion of
this pressure suit. Shoulder straps come over
the shoulder and attach to the suit on the right
and left front chest. The belt straps are
attached over the pressure suit at the lower
abdomen. I would also like to point out at this
time the connection for the atmosphere servicing
system to the pilot. The helmet can have the
face plate opened, although for reasons to be
explained later, it will probably be kept closed
with an air-tight seal until in orbit.

Following termination of boost, the pilot may
shift the seat to 13° aft of the vertical if he
wishes. This will allow him to sit in a more
normal position, although he can control the
vehicle from a more forward position without
discomfort.

48

Before ejection, the seat back will be placed
automatically in the 13° aft position and the
feet mist be withdrawn against the leading edge
of the seat to ensure adequate clearance. Since
the pilot initiates ejection, there is no reason
to believe he will not have his seat back and his
feet in the proper positions prior to pulling the
D ring. The shock impact of ejection is well
within human tolerance limits and constitutes no
problem.

There is indication from recent research that a
man undergoing stress from g in one axis has a
lowered tolerance to combinations of acceleration.
Such & combination could occur if the wehicle
were to start a roll around the longitudinal axis
during boost. In the Dyna-Soar, the Malfunction
Detection System will initiate automatic abort
before the spin or roll rate reaches a wvelocity
that would affect the pilot.

Weightlessness or zero gravity is not expected to
be a problem on these single-orbit missions, in-
sofar as known from flights to date. The restra-
int system mentioned earlier will hold the pilot
in the proper position to conduct all of his
pilot functions under either normal or weightless
conditions.

The next environmental parameter of significance
is vibration of both the crew station and the
pilot. Again the Malfunction Detection System
will be activated before any vibration or oscil-
lation of the air vehicle can damage the pilot.

The vibration present in the crew compartment is
a random mechenical vibraticon rather than sinus-
oidal. The glider is designed to cperate within
the vibration perameters shown in Figure 6,
Present design ground rules require any subse-
quent changes in the system to be designed to
stay within this present profile. The intensi-
ties are not considered severe and are of rela-
tively short duration. The low-frequency portion
of the vibration envelope has its maximum intensi-
ty lasting mbout 10 secends during the period of
high dynamic pressure. The high-fregquency porticn
of the spectrum occurs for about 5 seconds at
lift-off and for about 15 seconds during the
period of high dynamiec pressure.

The low-frequency vibration band is made up of
from 1 to 20 cycles per second. The high fre-
quency band is from 5 to 2000 cycles per second.
The low-frequency vibrations {occurring largely
during the period of high dynamic pressure) are
attributed to air turbulence while the high fre-
quencies are caused by engine-induced vibration,
aerodynamic vibration, and cother miscellaneous
sources including operating equipment abeard the
vehicle.

The limited experience on human tolerance to
randcm vibration is indicated by the dotted line
in Figure 6. If these random vibrations are
considered to have the same effect on the human
as sinusoidal vibration, they are well within
known human tolerance limits. It is guestionable,
however, to interpret rendom vibration effects in
the same manner as sinusoidal vitration. Inten-
sities are known to peak and could affect the
pilot's cperation. For these reasons, the



Air Force is undertaking research to provide

data for comparing the effect of sinusoidal and
random vibration of pilot performance. The first
manned Mercury flight subjected the pilot to such
vibration during the period of high dynamic pres-
sure, but the vibration had no significant effect.
Subsequent change in & structural fairing reduced
this vibration significantly.

Closely related and interacting with mechanical
vibration is the acoustic environment. High
noise levels will be produced arcund the wehicle
from the propulsion system, glider subsystem
equipment, and aserodynamic interactions. The
highest noise levels are externsl to the crew
compartment. Consequently, the compartment walls
attenuate the sound pressure to considerably
lower levels within the crew compartment. Figure
T shows the acoustic enviromment during the boost
phase when the highest intensities occur inside
the crew compartment. It is doubtful if the maxd-
mum values will be reached. It will be noted
from the tolerance curves superimposed on these
levels that there is only a 25-second periocd when
the noise level is above human tolerance with no
protection. There is & period of possibly 20
seconds at this same time when,if a maximum noise
level did occur, there could be a slight degra-
dation in performance with the helmet in place.
The helmet keeps the noise level well below the
human tolerance level.

The acoustic envelope within the crew compartment
then, is attenuated significantly with the helmet.
With the earphones in place there will be negli-
gible communicetion interference, permitting more
than 98% comprehension of speech heard through
the emrphones during the period of highest inten-
sity. Outgoing communication receiwved cn the
ground will heve less disruption from the same
noise profile because of filtering in the communi-
cation system.

Orbital or glide-phase noise levels are consider-
ably lower than those experienced during boost,
and hence, no interference is expected.

The pilot's atmosphere and thermal environment
constitute the last major consideration requiring
special development. The atmospheric control
also regulates the heat and humidity, which may
be stresses on the pilot. Consequently, they
will be considered as interacting stresses. The
atmosphere of the crew compartment can undergo
pre=designed variations in pressure, temperature,
and composition. Variation in operating tempera-
ture of different subsystems within the crew com-
partment will influence the temperature of the
compartment, which calls for the ability of the
gystem to compensate for these changes.

The design of the crew station cells for a cabin
capable of maintaining pressure at 7.35 PSIA (or
approximately that of 18,000 feet). The atmos-
phere will be k0% 0Op - £0% N, by weight with
100% 0o for emergency operation. Controlled
cabin leakage will be 0.25 pound per mimnute.

Under normal operations the pilot will be suited
and his suit and physiologicel sensing equipment
checked out about two hours before launch. The

pilot will melso be kept in a controlled tempera-
ture and transported in & ven to the leunch site.
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Inuring this period and until the pilot is con-
nected to the glider's atmosphere system, the
suit will be ventilated by forced circulation.
The helmet face plate will be closed before the
crew-station hatch is closed.

The glider's atmosphere is supplied from ligquid
0p and N, tanks through a metering system that
provides the correct ratio of and N,. The
liquid is fed through heat exchangers that use
the low temperature of the liquid gases for cool-
ing the various glider subsystems. The cool gases
now mixed are fed into the suit through the ser-
vice connection on the right side of the suit.
The suit contains a distribution system to cover
the entire body with the atmosphere exhausted in
the ares of the head. This distribution of cool
air ccols the body and removes moisture. All
suit air is vented from the helmet to the cabin.
The cabin air is vented when cabin pressure is
above T.35 PSIA. All cabin gases enter the
cabin via the pilot's suit until the glider is
agein below 15,000 feet, at which time a reflief
valve permits entrance of ambient air.

The circulation of cocled air keeps the cabin
temperature down to operating limits for the
subsystems within the crew compartment. The
pilot may control his sult temperature and in-
directly the cabin temperature by regulating

the temperature of air flowing through the system.

Up to altitudes of 18,000 feet, the cabin is open
to the external atmosphere. The cabin air wvalves
automatically seal at 18,000 feet to hold the
cabin pressure at T.35 PSIA. In normel cpera-
tions the pilot's full-pressure suit operates
egsentially at cabin pressure. The suit pressure,
however, is regulated so that the pilot will not
be automatically exposed to less than 5 PSIA.

The crew compartment is provided positive pres-
gure relief at 8 PSIG and negative relief at -1
P3IG.

Pilot tolerance and performance at the normal
compartment pressure is not considered a problem
as this pressure is a common operational level
in modern high-performance mircraft. Under
emergency conditions, if the compartment pressure
drops from T.35 PSIA, the pilot is automatically
put on 100% 02 at 5 PSTA. Cabin pressure may
slowly fall off from a leak, but no explosive
decompression 1s anticipated., Actually, if leak-
age occurs, normal flow may keep the compartment
pressure scmewhere between 7.35 and ambient PSIA.

In case of total loss of cabin pressure and with
only partial denitrogenation, there is some
possibility of & pilot experiencing bends. How-
ever, crew selection has been made from experi-
enced pllots who have been indoctrinated and are
experienced with this problem. With a suit pres-
sure of 5 PSIA under emergency conditions with
100% 0., there should be no bends problem, but
the Eu?t may be a little stiff for proper opera-
tion of controls. If control is difficult due
to the pressurized suit, the pilot may elect to
go on full automatic glider control during
periods of high control requirement or may re-
duce suit pressure to 3.5 PSIA.

There ere two sources of heat in this wehicle.
One would be the normal heat generated by



equipment cperating within the crew compartment
which, as stated earlier, is contreclled by the
normal air flow through the pilot's suit into
the crew compartment and then vented to the out-
side through a controlled leakage rate. The
second major source of heat arises during the
later stages of orbital flight and the re-entry
of the vehicle, Surface heat generated during
boost will not significantly affect the crew
station.

The wall surfaces are designed with a water wall
that absorbs heat from the outer skin and dis-
sipates it by evaporation of the water, which is
vented to the outside. The highest wall tempera-
ture could occcur after depletion of the water
sometime after landing (the pilot will normally
be out of the cockpit). The forward windows will
be covered with a heat shield until after re-
entry to protect them from reaching high tempera-
tures. The heat shield will be jettisoned after
re-entry. The side windows, which are not cooled,
will attain & maximm temperature of 320°F due to
their location and smell surface area. The pilot
will be able--through his ventilated suit and
subsequent ventilation of the crew station-- to
maintain a cabin air temperature between 60° and
90°F at his choice.

Figure 8 shows the temperature tolerance and
performance limits established by the Air Force
for design of crew stations. These are the
maximm temperatures and durations to which the
crew may be subjected with a ventilated suit
meeting the Dyna-Soar ventilation conditions.

With a ventilated suit, Air Force design require-
ments permit & maximum allowance of 195°F exter-
nal suit temperature for 130 minutes. The crew-
compartment thermal enviromment is shown in
Figure 9. The estimated Dyna-Soar meximm heat
profile will start building up after TO minutes

from 80°F to a maximum cebin temperature of 1k0°F.

Again this build-up oceurs during the re-entry
period. with the mexirum temperzture occuring

after landing. The maximum estimated cabin ica-
perature is 55°F below the maximm allowable tem-
perature for 130 minutes of exposure. Here the
pilot will be exposed to the maximm temperature
for less than 30 minutes.

Coupled with thermal control is the problem of
humidity, which is controlled by the temperature,
saturation, and flow rate of ventilating air
within the suit. Under the moderate work load
apd environmental temperature calculated for
these flights, the pilot will rarely exceed a
water-production rate of one pound per hour which
will be removed by the ventilation of the suit.
The designed ventilation flow rates permit a mass
flow rate of 0.25 pound per minute and an emer-
gency of 0.17 pound per minute. The volume flow
rate will vary with suit pressure and temperature.

The low-orbit mission profile of this vehicle is
such that no known rediation problems from outer
space are anticipated.

Experimentation has been employed to evaluate
pilot capabilities under the calculated environ-
mental streases. Since it is not possible now
to expose a man to combined simulation of all
these stresses simultaneouslv. design for control
of the individual stresses has been such that
there is & wide margin of safety for each para-
meter. On this basis, it is assumed that the
pilot will be z2ble to operate during the rela-
tively short perirds of combined stresses with
no degredation of his required performance level.

As I stated in the introduction, the Dyna-Socar
flight missions imp-se no new envirommental
stresses on the Dyn&-Scar pilot. Engineering
design has been able to provide adequate protec-
tion for all of the seven major envirommental
stresses. The design engineers have been faced
with a real challenge to provide this protection
and keep the vehicle configuration within other
mandatory design parameters with a limited
budget.
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INTRODUCTION

The historic earth orbital flight of the Mercury
space capsule on February 20, 1962 has illustrated
that man has the capabllity of creating instrumen-
tation and equipment which permit him to survive
outside the protective earth atmosphere which, in
time, has served both as a shield and a barrier.
Because of this great achievement man need no
longer restrict himself to earth-space but may
direct his resources to expand his zone of opera-
tion to earth-moon space. However, in order to
exploit thie new frontler many problems must be
solved which are not mere extensions or extrapo-
lations of those already treated. The problem
associated with providing man with an adequate
enviromment for extended periods in the earth's
atmosphere, earth-moon space and on the lunar
surface is indeed extensive. Trapped radiation,
solar flare activity, meteoroid bombardment, solar
radiation and the hard vacuum of space are no
longer merely phenomena of scientific interest;
they describe the operating enviromment of

manned earth-lunar spacecraft.

In order that man may effectively operate in the
earth-moon space, myriads of systems and sub-
systems of varylng types and functions must be
devised and integrated into an efficient, relisble
man-machine complex.

This paper will consider only one small aspect of
this problem--that is, the problem of providing
man with an adequate gaseous and thermal environ-
ment in earth-lunar spacecraft. Control of
atmospheric gases in manned sealed enviromments
will be treated in Part I. Part II treats
thermal regulation and atmosphere control require-
ments of mobile life support systems for lunar
exploration.

FART I
ATMOSPHERE CONTROL SYSTEMS
FOR ADVANCED SPACECRAFT

A. General Remarks

Froviding man with a gaseous enviromment in the
earth-moon space must be considered within the
framework of the sealed environment. The problem
is not restricted to providing breathing oxygen
and diluent nitrogen, removing metabolic COo,
HoS, CHy, ete., at optimum temperatures and
pressures. For purposes of this paper, however,
attention will be focused on methods for provid-
ing breathing gases and removal of metabolic
products.

Many methods may be used to provide oxygen and
remove metabolic carbon dioxide in manned sealed
environments. The problem is the selection of
the method which integrates into the vehicle com-
plex in the optinum manner. For the past several
years much attention has been focused on analyses
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attempting to select optimum atmosphere control
systems for specific mission times. Data and
information have been accrued which permit us now
to make tentative selections of systems for parti-
cular mission requirements. In Figure 1, the
areas of application of regenerative systems are
compared to those for storage systems. Some of
the major criteria which must be considered in the
comparison are weight, volume, and power require-
ments associated with a particular atmosphere sys-
tem operating for a specific time and in a specific
mission phase. These criteria must be considered
&as they relate to state of the art and projected
future developments.

The basis for the future development of environ-
mental control systems was taken to be the welght
of breathing oxygen needed for a glven mission.
Missions considered have been divided into broad
categories, descriptive of those anticipated for
the next fifteen years.

As illustrated in Figure 1, completely regenerative
systems cannot compete -- from the standpoint of
weight, volume, and power -- with chemical storage
systems or chemical partial regenerative systems
for missions requiring less than the order of 100
pounds of oxygen. Above the 100-pound mission
requirement, however, regenerative systems become
increasingly attractive. Based on projected mis-
sion requirements, storage systems show optimum
applicability for the next few years. As mission
requirements change, however, stored superoxide and
partially regenerative systems will probably dis-
place the simple storage systems. Chemical regen-
erative methods, such as reduction of COp fol-
lowed by electrolysis, will become operative by
sbout 1965. These systems will be most useful for
missions requiring between 100 and 2000 pounds of
breathing oxygen.

Chemical regenerative systems may accumuilate some
by-product wastes. Handling of these wastes makes
the use of such systems somewhat unwieldy for high
0> consumption. The area delegated to these chemi-
cal systems is therefore shown as limited to mis-
slons requiring a total Op consumption less than
several thousand pounds.

Completely regenerative bilological systems will be
useful for almost any level of oxygen regeneration.
Their application to future missions will be limited
by (a) physical size, which is dependent on the
number of men in a mission rather than on length of
mission, and (b) type and magnitude of available
power. The results shown suggest that it is rather
important that efforts in the development of regen-
erative systems be maintained, especially when we
consider environmental requirements for extended
missions such as moon colonization or deep space
manned explorations.



Several storage, partially regenerative, and com-
pletely regenerative systems for providing atmos-
pheric gases in manned sealed environments are
discussed below. Those methods to be considered
include:

1. Storage of gases as liquids.

2, CGeneration of oxygen and absorption
of COp by means of stored chemicals.

3, Regeneration of oxygen from waste
'proﬂ.ucts.

a&. Electrolysis of water.

b. Regeneration of oxygen from carbon
dioxide by chemical means.

c. Regeneration of oxygen from carbon
dioxide by blological methods.

B. Methods for Atmosphere Control

1. Storage Systems

a. Storage of
Gases

n and Nitrogen as Liquids

While pure oxygen at 5 psi is considered satisfac-
tory for the Mercury spacecraft, for flights of
longer duration a mixture of oxygen and nitrogen
at & pressure of 380 mm Hg, with a partisl pres-
gure of oxygen of about 160 mm Hg (corres g
to that in sea level air), is recommended. The
preferred diluent gas ie nitrogen.

In Figure 2, systems weights for cryogenic and
pressure vessel storage of oxygen are presented as
a function of mission time. Supplying the re-
quired oxygen from & pressure vessel at ambient
temperature is not advantageous because of the
large weight penalty. For example, for a lh-day,
3-man mission, with a consumption rate of 6.2
1b/day, a tankage weight of 1:33& 1b, is required
to carry one pound of oxygen. With eryogenie
storage, however, the weights are more moderate,
(By cryogenic storage is meant storage at tem-
peratures and pressures that are above, but near,
the eritical values. This insures that all
material will be in the gas phase, and avoids the
spearation problems that would arise with liquid
oxygen storage under zero gravity conditions.)
Results of cryogenic storage studies on oxygen are
presented in Figure 2.

b. Generation of Fﬁ and Absorption of
C S Chemical Systems

2

The provision of breathing oxygen and the removal
of Coa in space cabins from stored chemicals
appears quite attractive for missions requiring 0o
consumption of less than 100 pounds. As indicated
in Table 1, the oxygen-COp balance may be main-
tained by several methods utilizing stored cheml-
cals. These include:

1. Generation of oxygen by the thermal
decamposition of oxygen compounds,
and the removal of CO, by the absorp-
tion or reaction with stored chemicals.

2. Simltaneous generation of oxygen
and removal of CO, by the chemical
reaction of stored oxygen compounds
with metabolic water vapor and the
absorption of COp on the products of
the water vapor - Op compound reaction.

Representative systems for these methods will be
described below.

(1) Oxygen Generation by the Thermal
Dec ition of Compounds and
the Absorption on Stored Chemicals

The chlorates and perchlorates of the alkali and
alkaline earth metals show great potentlal for
oxygen generation in space systems. FParticular
applications include oxygen generation in emer-
gency conditions, oxygen supply in re-entry
modules, and oxygen provisions in short-time
(1-12 hr.) lunar exploration missions by manned
overland capsules.

The chlorates and perchlorates evolve oxygen
when heated to a sufficlently high temperature.
This reaction is usually slightly exothermic in
the case of the chlorates. In the case of the
perchlorates, the heat of reaction is less exo-
thermic and in some cases may be slightly endo-
thermic. Reactions of typlcal chlorates and
perchlorates, together with heat evolution data,
are presented below.

NaCl0y ——HaCl + 1.5 0, AHps = -12.5 kcal/mole

LiC10) —>— LiCl + 205 AHps = +0.25 keal /mole
(Note: A minus AH value indicates that heat is
evolved)

In general, the heat of reaction is insufficient
to raise the temperature of the chlorate or
perchlorate to the high temperature required for
the reaction. The temperature regquired for
sodium chlorate candles is 700 to 800°c.3 To
supply the needed heat, a fuel is incorporated
in the candle. This fuel consumes part of the
oxygen produced. Metallic iron, the fuel most
commonly used, is normally oxidized to the
ferrous oxide (FeD) when the candle burns.

Owing to the fact that the decomposition tempera-
ture of chlorates and perchlorates is above that
of their melting points, 1t is essential to pro-
vide a fibrous binder to minimize the flow of the
molten salts. Asbestos and fiperglass are
commonly used for this purpose-, .a.lt.hﬂugh steel
wool has been used with good results.

Cne of the serious problems encountered in the
develomment of chlorate candles has been the con-
tamination of the oxygen produced with varying
amounts of chlorine and carbon monoxide. Since
thege are both polscnous gases, thelr concentra=-
tions must be kept very low if the oxygen is to
be uged for respiration. It has been found
possible to keep the concentration of carbon
monoxide acceptably low by scrupulously excluding
carbon from the candle constituents. It has been
common practice to add barium peroxide to the
composition to suppress the chlorine concentra-
tion in the evolved ocxygen.



TABIE 1

CHEMICALS THAT CAN SERVE AS OKYGEN SOURCES AND CARBON DIOXIDE HEMOVERS IN SEALED CABIRS

F(R CARBON
FSE AS OXYGEN SOURCE DICYIDE REMOVAL
Oxygen COp Mechanism of Wt. Compound Wt. Compound Per
CHEMICAL COMPCATND FORMULA Source Bemoval Oxygen Release Per Wt. Oxygen Wt CO» Removal
Hydrogen Peroxide 205 X Catalytic 2.1
Decomposition
Lithium Eydrocdde LioH X 1.09
Lithium Oxide Lis0 X 0.68
Lithium Perchlorate LiC10), X Thermal 1.66
Decomposition
Lithium Peroxide i, 04 X X Reaction with 2.88 1.05 Not Commercially
Ha0 or COo Available
Lithium Superoxide Li0s X X Reaction with 1.62 1.TT Not Prepared in
HpD or COo Pure Form
Magnesium Perchlorate Hg(cmuz X Thermal 1.7Th
Decomposition
Megnegium Superoxide Moy, X X Reaction with 1.54% 2.01 Not Commercially
H.EE} or 802 Availeble
FPotassium Superoxide Kol X X Reaction with 2.96 3.23
B0 or €O
Sodium Hydroxide RaOH X 1.82
Sodiwm Perchlorate EaCth X Thermal 1.91
Decomposition
Sodium Superoxide l&ﬂz X X Reaction with 2.29 2.50
EEU or CDE




An optimized 1ithium perchlorate candle consists
of the following ingredients in addition to
1lithium perchlorate:

a. A fuel to supply the heat of decomposition
of the lithium perchlorate and to bring it
to 1its decomposition temperature.

b. A material to mechanically support the
composition when it is in a molten state.

c. A catalyst to facilitate the decomposition
of the lithium perchlorate.

d. A material to prevent the occurrence of
toxic ingredients in the evolved oxygen.

The amount of lithium perchlorate required to
produce 2.0 pounds of oxygen is 3.3 pounds. The
schematic of a one man-day candle is shown in
Figure 3. If the atmosphere is continucusly
maintained by adding oxygen from & stored source,
provisions must be made for removing carbon
dicoxide. The amount of the lat that must be
removed is about 2.25 1b/man .

various possibilities of CO, removal have been
considered. These may be cfusiﬁed broadly as
regenerative and non-regenerative. The regenera-
tive claes includes those systems where the car-
bon dioxide is adsorbed on molecular sieves that
are regenerated by heat and vacuum. It also
includes regenerable liquid absorbers such as
monoethanolamine .

In the non-regenerative category, chemlsorption,
freezing out, and diffusion separation with
exhaust to space may be mentioned. A list of
selected chemicals that may be used to absorb
COs is presented in Table 1.

Iithium hydroxide is perhaps the most widely
used of the chemisorbers for submarine and
space applications. Its characteristics and
performance have been well treated in published
reports and papers 1,2,% and will not be
considered further.

Magnesium oxide has Eeen studied by the Naval
Research Iaboratory *, but results showed that
the material absorbed too slowly for practical
use. Nevertheless this material may be worthy
of further investigation in view of the wide
divergence in reactivity of magnesium oxide
depending on method of preparation and
subsequent treatment.

(2) Combined 0, Generation and CO, Removal
with Stored Chemicals

The alkali metal peroxides and superoxides are
of particular interest because of thelir dual
role of removing CO, and supplying oxygen. The
1ithium superoxide, theoretically of great
interest, has not been prepared in the pure
state in any quantity. It is expected that
work in this area will be intensified. Sodium
superoxide is also a most desirable chemical
for atmosphere control in sealed cabins. This
material ,readily prepared from sodium percxide’?,
reacts with COE to produce oxygen and sodium
carbonate:
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2 NaO, + CO,—>— Na, CO5 + 1.5 0, (1)

In practice the RQ of the human component may vary
from 0.7 to 1.0, with 0.9 being considered about
normal €. The RQ of the sodium superoxide system
according to equation (1) is 0.67. Thus the
reaction may produce excess oxygen and in any
event, cannot be controlled to conform to the
actual requirements.

Lithium peroxide reacts in the following way:
Liy Op + COp—— Lip CO3 + 0.5 05 (2)

This reaction corresponds to an RQ of 2.0, Thus
by the use of mixed oxides and superoxides in air
regeneration equipment it is possible to devise a
system which compensates for any RQ variation
between 0.67 and 2.0.

One approach which suggests itself is to provide
two cannisters for atmosphere regeneration. One
would contain an alkali supercxide such as sodium
superoxide, while the other would contain lithium
oxide or peroxide. The atmosphere flow is divided
depending on the air composition. A schematic is
shown in Flgure &,

c. Comparative Weights of Chemical Storage
Atmosphere Control Systems

Table 2 presents a systems comparison between
several representative stored systems for a 3-man,
14-day migsion in which each man consumes 2.0 1b.
of oxygen and produced 2.25 1b. of CO, per day.
This corresponds to an RQ of 0.82. ']%e tabulation
indicates the weights of chemicals required to
produce the required 84 1b. of oxygen and remove
the necessary 9%.5 1b. of COp.

The mixed oxide-superoxide system shows a
moderate superiority on a welght basis. The
actual advantage of the superoxide system is
believed to be greater because of its inherent
simplicity and potentially high reliability. It
is further pointed out that if 1lithium superoxide
could be used to replace sodium superoxide; the
welght of the supercxide would be 121 1b., or a
total weight of 168 1lb. for the conditions
specified.

2. FRepenerative Atmosphere Control Systems

Many methods have been considered for the provi-
sion of breathing oxygen by the regeneration of
metabolic products such as water vapor and COp
These methods include the thermal decomposition
of water and CO,, photolysis and radiolysis of
water, electrolysis of carbonates and aquecus
solutions, the chemical reduction of CO, with

Ho followed by electrolysis, and the bilological
regeneration of oxygen from CO, by photosynthesis.

Because of the possibility of relatively low
weights, volumes,and power requirements of chem-
ical reduction and electrolytic systems, and
because of the potential and advantages afforded
by the integration of the photosynthetic method
into a completely closed ecological system, these
latter systems have received considerable atten-
tion.



TABLE 2
STURED ATMOSPHERE CONTROL SYSTEMS

WEIGHT REQUIREMENTS FOR 14%-DAY, 3-MAN MISSION

LiCL0y ~-Li0H llla.i:l‘2 = Id202 Cryogenic Oy - LiOH Pressurized -02 {7000 peia) - LiOH
LACLOy, 140 1b. NE.OE 1T 1b. Li0H 103 1b. Li0H 103 1b.
Li0H 103 1b. 1.1202 27 1b. 92 8k 1b. Og 84 1b.
Structure 25 1b. Structure 20 1b. Structure 90 1b. Structure 150 1b.

Total Weight 265 1b. Total Weight 218 1b. Total Welgat 27T 1b. Total Welght 337 1b.



Teble 3 presents representative equations for
these systems; Table L presents volumes, power
and weight requirements exclusive of powerplant
welghts.

The material presented in Table 4 should not be
considered as absolute for all suggested missions
gince different values can be cbtained depending

TABLE 3

FROMISING Og REGENERATIVE SYSTEMS

1. Biclogical
A. Algae photosynthetic method
COp +HxO + algae +1ight energy —= 0,
+cellular material (C Hy0) +H30
B. Microbial-Electrolysis
CO, +2H, (HoX) + hydrogen bacteria —»—

cellular material (CH50) +H0

Electrolysis
—————l

2. Electrolytic

A. Anodic generation of Oy by electrolysis
of L1OH

2 LiH +002o—r-2 LioH +C

2 pioy Blectrolysis 5 11y 40,

B. Generation of Op by electrolysis of NaOH

4 NaOH Electrolysis

L Na.+202+252
L :aa+coe—!-2 Na0 +C
2 Naj0+2 Heo-—h-h NaOH

2 1-]24—2 02—1-2 H20+02

C. Hydrogen reduction of CO, and O
generation by electrolysis of water

co,te H,—=C+2 HyO

2 2
Electrolysis
2 ‘B0 =28NR0 RIS OU R 40,
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upon vehicle requirements. These values, however,
do indicate relative weights, powers, and volumes
required to provide the gaseous environment for
menned space cabins. Tt 1s evident from Table b4
that certain systems offer certain weight, volume,
and power advantages; for example, the hydrogen
reduction system and the LiCH system. However,
if one considers operating temperatures and haz-
ards, other systems (such as the photosynthetic
system) may offer advantages which offset the
weight, volume, and power advantages of the
hydrogen reduction or Li0H system. Both the

CGEv electrolytic and the photosynthetic systems
have bBeen more than sdequately described in pre-
wious publications. Brief descriptions are
included in the following for convenience in

(1) presenting the present state of development,
and (2) describing experimentation necessary to
insure availability of such systems for future
mission requirements.

TABLE 4

TOTAL WEIGHT, VOLUME, AND POWER REQUIRE-
MENTS PER MAN FOR VARIOUS GASEQUS
REGENERATIVE SYSTEMS

Weight Volume Power ,b
1b £ kv
Photosynthetic
Elec. Illum. 255 6.15 5.5
Solar Collector 227 9,452 1.7
Microbial-Electrolysis 110-130 ~2.2-2.4 .35
Li0oH 275 0.7 1.k
NeOH 30 0.9 7.68
€Oy - Hy (] 1.3 0.36

®Folded collector volume

bElectrical power required for cooling not included

a. FRegeneration of Op from COp by

Hydrogen Reductlon and Electrolysis

This chemical system generates oxygen in a closed
environment by the reduction of COp with Hz to
produce solid carbon and water, The water is de-
composed by electrolysis to produce hydrogen and
breathing oxygen. A system design presently
under investigation 1s shown in Figure 5.

As shown in the 1llustration, the oxygen regen-
erator consists of essentially three indlvidual,
yet functionally interdependent, components:



l. Chemical reactor for C0, reduction
with Hoj produces Hy0 and carbon.

2. Components for Hp0 transfer from
reactor into the electrolytic cell.

3. H,0 electrolytic cell for generation
Q HE and 02.

Each of these three basic components must func-
tion so as to provide an operation that satisfies
equilibrium conditions between the CO, supplied
to the generators and the 02 generated in the
electrolytic cell.

The system shown in Figure 5 incorporates the
following major provisions:

a. Contimious carbon removal by a
rotating catalytic wire mesh belt.

b. Continuous water transfer from the
reactor section into the electrolytic
cell via porous membranes(water cooled).

¢. Hollow electrodes of porous material
for removal of gases from the
electrolytic cell into the gas phase.

The actual performance of the oXygen regenerator
shown in Flgure 5 1s governed primarily by the
chemical constants such as the thermodynamic
equilibrium, the chemical kinetics and the
catalytic activity of the materials participating
in the process of CO, reduction, the materials
regulating the water transfer into the electro-
lyte,and electrolysis rates.

One of the critical components in the Hp-COp
reduction system is the electrolytic cell, Since
this component utilizes the majority of the
electrical power required by the system,continued
efforts are being made to insure high efficiency
electrolysis. In conventional electrochemical
systems, gases are generated in the gas-liquid
interface; however, in zero-gravity operation,
provisions must be made for the circulation of
both gases and electrolyte, the separation of
the gases from the electrolyte, and the return
of the electrolyte to the cell.

In a system being studied at the Tapeo Division
of Thompson Ramo Wooldridge , double porosity
metal electrodes and ion exchange membranes are
utilized for the generation of gases in the gas
phase, thus avolding the gas-liquid separation
operation. This is accomplished by the use of
8 double porosity electrode system with fine
pores on the liguid side and coarse pores on the
gas side,

In summary, it may be stated that an electrolytic
cell for space operation should have the follow-
ing features:

1. No rotating components

2. Low liquid flow rates

3. High current densities

L. Eigh electrical and thermodynamic
efficiencies
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5. MNo gas-liquid separation problems.

Contimed research is being conducted on the
critical components of this system, namely,

(1) the choice of appropriate catalysts for

the chemical reactor utilized in the chemical
reduction of COs with hydrogen, (2) heat and
water transfer from the reactor into the electro-
lytic cell, and (3) gas phase electrolytic
systems. However, in order to critically evalu-
ate the feasibility of this system as an atmos-
phere control device in sustained reduced gravity
enviromments, zero-gravity experimentation must
be conducted. Figure 6 shows the required
parameters which must be evaluated under zero-
gravity conditions. Figure T shows a 0.1 man
system integrated into a scientific passenger
pod for zero-gravity testing. Since there are
many misslons in which the Hp-CO, system shows
meximim application, contimued work must be
carried on to insure the availability of this
atmospheric control device for those missions.

b. Regeneration of 0o from COs
by Photosynthetic Methods

Certain plants ond micro-organisms, utilizing
COp> and other chemicel mutrients, produce 05

by photosynthesis.

For each mole of 02 utilized by man, about

0.85 moles of COs are expelled. The ratio of
COs intake by algae to 0o output can be regulated
to lie between about 0.7 to 0.9 by appropriate
cholce of mutrients. If this ratio is set to
0.85 then a balance can be set between the algae
and all the 0z output of the algae available to
man. A schematic representation of such a gas
exchange system which would provide 0s and
remove C0s photosynthetically in a manned vehicle
is presented in Figure 8.

In the system presented in Figure 8, algse in an
aquecus medium is pumped from & central reservoir
through a light system in which CO, is assimi-
lated by the algae and Op produced. The temper-
ature of the algae culture is controlled by
circulating coolant through coils in the lighting
system. The algae is subseguently mixed with
COg-enriched air from the cabin. The gas-algae
mixture is then tramsported to & gas-liquid
geparator where Op-enriched ges is separated from
the algase culture. The algae culture is returned
to the central reservoir and the enriched gas
saturated with water vapor is eirculated through
an air-conditioning system to the cabin.

Water vapor condensed in the air conditioner may
be used for drinking, In addition to providing
drinking water, the air conditioner also purifies
and regulates the temperature of the gas. The
reject heat from the conditioner and the reject
heat from the light system coocler is upgraded in
temperature and emitted by radiation.

To maintain the desired algae concentration, a
portion of the amlgae mixture is pumped from the
central reservoir through a separator. The
medium is returned to the reservoir and the
harvested algae are either removed to waste
storage or reprocessed into mutrients, Mutrients
are also provided from a stored mitrient tank
which contains necessary chemicals to maintain
the rutritional balance of the algae.



The majority of the energy required by the photo-
synthetic gas exchange system is light energy. To
increase the efficiency of such a device, partic-
ular attention must be given to the geometry of
the 1llumination system, and the method of pro-
viding light of required wave lengths. Of special
importance is the selection of an illumination
system vhich integrates with mission and vehicle
requirements.

Two possible lighting systems suggest themselves;
one utilizes fluorescent lamps, the other uses &
solar collector. In the solar collector illumi-
nator, the algae media is illuminated as it passes
through & flat duct placed at the focal plane of
a semi-circular cylindrical sclar collector.
Figure 9 presents a system, currently under in-
vestigation, which uses fluorescent lamps. As
indicated in Table 4, both fluorescent lights and
solar collectors are comparable methods of sup-
plying light energy from a weight standpoint, but
fluorescent illumination is somewhat more favor-
gble from a volume viewpolnt.

In any studies aimed at determining the optimum
manner of providing illumination for a specific
mission and vehicle system, one must take into
careful consideration the feasibility of inte-
grating the illumination devices into the vehicle
complex. In order to provide the gaseous require-
ments for cne man, the lower volume fluorescent
illumination device requires on the order of 4 kw
if one considers a 20% efficient photosynthetic
system illuminated by means of 20% efficient
fluorescent tubes. However, approximately 3.2 kw
heat mist be rejected from the photosynthetic
system at relatively low temperatures. Solar
11luminated devices,on the other hand, require
electrical power only for assoclated components
(such as pumps ), and heat may be rejected by
radiation to space from the backside of required
solar collecting surfaces. Choice of this latter
type 1llumination is determined in part by the
availability of larger volumes and surfaces.

The photosynthetic systems offer great promise

a3 complete environmental control systems for
missions requiring an excess of 150 pounds of
oxygen. Their major drawback however, consists
in the large power requirements and the associated
weight penalties of long-time power systems. The
bilological systems which should be further in-
vestigated are those employlng the reduction of
metabolic carbon dioxide with hydrogen, utilizing
hydrogen-fixing bacteria. Water formed as a re-
gult of microbial action is subsequently electro-
lyzed to breathing oxygen and hydrogen.

This system requires further investigation into
methods for matching systems RQ to the human RQ.
The sdvantage of the hydrogen-fixing biological
system is its lack of a requirement for light.
Pecause illumination of microbial systems requires
large surfamces and associated volumes, the photo-
synthetic system may be restricted to large fixed
installations with large power stations or large
gsolar collector volumes.
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PART ITI
THE CONTROL OF THE THERMAL AND
GASEOUS ENVIROMMENT IN LUNAR
LIFE SUFPORT SYSTEMS

A. Imtroduction

The life support system for lunar exploration
must provide an environment for the astronaut
conducive to the highest level of human perform-
ance. Since most of his physical functions as
an explorer could be fulfilled by an unmanned
probe, the astronaut will be of value primarily
in the roles of observation and decislon-making.
These higher-order functions of the astronaut's
capabilities require optimum comfort. In order
to achieve an optimum comfort system, the design
of the lunar 1life support system must be based
upon a knowledge of the lunar enviromment, the
objectives of the exploratory mission, and the
physiological requirements of the astronaut.

B. Factors in the Design of Life
Support Systems for Lunar
Exploration

As shown in Table 5, the lunar environment 1s
extremely hostile to buman life, and exhibits
many factors peculiar to itself which must be
considered in the determination of design re-
quirements for lunar landing life support systems.
Flgure 10 shows the temperature variation on the
Junar surface from the subsclar point to the limb.
Shown in Figure 11 are the changes of surface
temperature near the 1limb, during a lunar eclipse.
In 3-3/4 hours, the temperature may drop from
156°F to -186°F; since lunar night is 13 earth
days long, it is believed that the temperature

on the dark side must roach absolute zero
prior to lunar sunrise.l

In order to provide an optimumm thermal environ-
ment for the astronaut in the environment of the
moon, in any design analysis, attentlon must be
directed toward elucidation of those factors
affecting man's thermal requirements on the lunar
surface. These factors may include: (1) reduced
gravity; (2) rates of change of temperature;

(3) pressure level, atmospheric composition,
level of contaminants, atmospheric temperature,
humidity, and air motion, and mean radiant
temperature of protective garment; and (4) in-
tensity of transmitted solar radiation through
transparent portions of the life support system
and subsequent heating effects on the astronaut's
Mrl

In order to utilize optimm design criteris, it
ie necessary to consider the mechanism of thermal
regulation in the human body. For example, up
until recently, it was hypothesized that heat
loss or production was initiated in response to
gkin temperature. 1In 1961, Benzinger shed new
light on the mechanism of thermal regulation in
the human.t+s12 Neurosurgical evidence led him
to believe that the temperature-regulating cen-
ters are located in the brain. By use of the
gradient calorimeter (for measurement of heat
loss), respiratory gas analysis equipment (for
measurement of heat production), and skin and
cranial thermometry (for messurement of the
stimilus), & unique experimental approach was
developed which verified his hypothesis. He
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10.

11.

12.

13.

1h,

15.

Factor
Mean distance from earth
Mean diameter
Rotational pericd
Intensity of solar radiation
Albedo
Radiation

Gravity at surface
Atmospheric pressure

fieight range of topographical
features

Surface texture

Bearing properties of surface

Surface temperature

Sub-surface temperature

Meteor flux

Penetrating flux for aluminum

TABLE 5

SELECTED CHARACTERISTICS OF THE LUNAR ENVIRORMENT

Value

238,857 miles

2,160 miles

27.322 mean solar days
k2.2 Btufhr-rt2

0.07 g

T

5.32 rt/sec?

10713 terrestrial atmosphere
430,000 £t to -17,000 £t T

Non-uniform; dust-covered

273°F to -b60°F 10
< 32 5-10 em below surface

-22°F ¢. one mater below surface
g - 10712 n-10/9 9

p=5.20-10712 -10/3 nofy ?

Comments

Indicates dark colored, dust covered surface.

Very little information on magnitude and type of radiation at
lunar surface.

Very pearly that in deep space. Moon may seryve as excellent
location for high-vacuum experimentation, ©,7

Polarizatjon curves of t are typlcal of powdery opague
surface. Radar signals of 10 cm wavelength indicate particle
8ize in micron to millimeter range. WVarlation of temperature
during lunar eclipse iﬁdic&tea thermal properties of a powdery
material in a wvacuum. Non-uniform distritumtion due to hyper-
velocity meteorites impacting on surface and accelerating much
of dust layer to escape wvelocity.

Unknown, but will be under intensiwve investigation in order to
define engineering requirements of Apollo landing gear.

From long-weve, infra-red analysis. 8
May be too low, |

# = meteor flux (mumber of particles/met®-gec)

m = particle mass (gms)

Seme flux as incident to earth atmosphere ,

This relationship verified by earth satellite instrumentation.

¥ = penetrating flux (penetrations /met-sec)
t - thickness of thin sheet (cm)
v = impact velocity (km/sec)



found that evaporative heat loss 1s nearly propor-
tional to the increase in cranial temperature above
a 37.11°C set point, and increases to four times
the resting heat loss for an increase in cranial
temperature of only 0.5%C. These findings are
ghown in Figure 12, In addition, it has been
demonstrated that the relation between cranial tem-
perature and sweat rate is independent of work rate
and skin temperature; thus it may be concluded that
a unigue relationship exlsts between cranial
temperature and the powerful heat loss mechaniem
of sweating. This finding should be explored fur-
ther in order to ascertain the feasibility of
incorporating sensors in the thermal helmet portion
for control of the sealed capsule's regulation
system. In addition, further work in this area

is required in order to define the required state,
flow rate, and distribution of gaseous atmosphere
over each segment of the body in protective gar-
ments under reduced pressures and gravity.

In the design of lunar life support systems, atten-
tion should be given to matching work loads to
system requirements, For sedentary individuals,
the optimmum environmental conditions have heen
thoroughly investigated. However, the required
thermal conditions for working individuals in
reduced pressure atmospheres and reduced gravity
conditions are not so well defined. It has been
found that in the terrestrial environment, the
required temperature for a work rate corresponding
to & metabolic rate of 550 btu/hr (approximately
equivalent to walking at 2- miles per hour) is
£9OF at an RH of 50 percent.l3 The radiation and
convection loss will total 425 btu/hr, and evapor-
ative heat loss will also be 425 btu/hr. Continued
theoretical and experimental work must be conducted
however, to determine relative effects under condi-
tions similating the life support system in the
lunar enviromment.

Another factor of prime importance in the design of
a thermal environment for lunar spacecraft is the
rean radiant temperature. As showm in Table 6,
radiation exchange is the lerger fraction of human
heat loss. Since in reduced gravity and pressures,
convective heat loss 1s reduced*, thermal regula-
tion by control of radiant interchange becomes
extremely important.

TABLE 6

HEAT EXCHANGE PARTITION,

T°F @b = T7F mrt
Partition Heat Loss,Btu/hr % of Total
Radiation 163 Lo.8
Convection 87 21.7
Evaporation 150 37.5
Loo 150.0

In & terrestrial environment (with natural con-
vection) at en ambient temperature of 77°F, the
average body surface temperature is 87°F.17 In a
reduced gravity sealed envirooment, with air at
14.7 psia and forced convection with a velocity
of 10 ft/min., the ambient air temperature should
be TS°F in order to provide a body surface temper-
ature of B79F.

With an oxygen environment at 5 psia and forced
convection with a velocity of 10 ft/min., the
ambient temperature should be T3°F. Although the
required ambient gas temperature is not appreci-
ably changed, the proportion of radiation to
convection is appreciably altered. In the case
of the terrestrial environment, & decrease in
mean radiant temperature of 1°F can be compensated
for by an increase in air temperature of 0.5°F.
In the case of air at 14,7 psia and & reduced
gravity enviromment, & decrease in mean radiant
tempersture of 1°F is compensated for by an in-
crease in air temperature of 3.4°F., TFor oxygen
at 5 psia, the ratic is 1°F mean radiant temper-
ature change to 5.8°F air temperature change.

Much work remains to be done in the design of
optimim thermal control instrumentation for lunar
life support systems. (bviously, the extrapola-
tion of subjective comfort evaluations (as well
as objective physiological data) from terrestrial

“ The fﬁ“ convection heat transfer coefficient for the mman body takes the form:

h.=-C.» i(:lsr + Npp ) & where:

h = free convection heat transfer coefficient; C = a constant;

k - thermal conductivity of gaseous atmosphere; L - a characteristic length = 1 ft. for a man in
an air atmosphere; Ngy = Grashof number; and Npr - Prandtl mumber.

Assuming an air pressure of 5 psia in the lunar life support system, the ratio of heat transfer co-
efficient on the moon as compared to the terrestrial enviromment is obtained from the definition of

—_ b

b,

Grashof number and the variables of interest: hy (gm pm?) 1/%

D.°

where: g - gravitational acceleration, ft,faecg,- e - earth; m - moon; and p = pressure of atmosphere,

peia.

1
Thus, b_/by (1,{6 g . i) Y 0.9

B 152

It is therefore apparent that an apprecisble amount of natural convection may occur in the lunar life
support system; however, it should be recognized that inertial forces on the gas mass induced by the
motion of the system as well as by the gas flow and distribution system will cause forced convection
heat transfer to predominate.

b2



environments to the environment of the life support
system on the lunar surface, through heat trensfer
analysis alone, is open to criticism. Additional
partitional calorimetry studies are needed to define
the effects of gas composition, pressure,and motion
on objective as well as subjective physiological
reactions. Although a great deal of fundamental
information is lacking, preliminary analyses of
requirements for lunar environmental control sys-
toms should be conducted in order to ascertain
critical problem areas. Such an analysis is pre-
sented in the following section.

¢. Analysis of Requirements for
Tunar Environmental Control
Systems

A preliminary analysis of the lunar environment,
the physiological requirements for sustaining man
in this environment, and the mission objective for
lunar exploration indicate that the lunar life
support system rust be & mobile capsule - sult
combination. The requirements for this life support
systen are shown schematically in Figure 13. In
order to determine the types of instrumentation
and equipment which would meet the requirements of
the lunar life support system in an optimum manner,
preliminary engineering analyses of expected loads,
and of methods for protecting the humen component
from these loads, must be conducted.

1. GSealed Cabin Atmosphere Selection

Several atmospheric compositions have been con-
sidered for space vehicle environment, such as en
oxygen-nitrogen mixture at a total pressure of
11.0 psia, oxygen-helium at 6.5 psla, oxygen at
11.0 psia, oxygen at 5.0 psia, and oxygen-neon at
11.0 psia.l¥ The physiologically acceptable par-
tial pressure range of oxygen in the atmosphere is
limited by a decrease in human performence below
a pressure of 1.6k psia, and by the toxic effects
of breathing pure oxygen &t a pressure above 8.2
psis, To reduce the hazard of decompressiocn sick-
ness under conditions of slow cabin leskage, 2
pressure of 3.5 psia is desirable.l? The inert
component of the atmosphere is selected to mini-
mize fire hazerd,blower power requirements, and
vocal piteh change, and to maximize heat transport
properties.

It may be assumed that the volume of the lunar
1ife support system is small, and as a consequence
the decompression time in the event of meteor
puncture would be small, regardless of the initial
pressure, Thus, rapid decompression could best be
prevented by & self-sealing layer and an atmos-
pheric gas supply sufficient to maintaln pressure
until a return to the operational base. In order
to minimize leakege and insure flexibility of any
movable portions of the system, a total pressure
in the range 5 to 10 psia 1s desirable.

An optimum system may incorporate a neck seal which
permits ventilation of the helmet portion with 5.0
psis oxygen, end the ventilation of the balance of
the system with low-pressure nitrogen.

2. Thermal Shielding from Lunar Environment

The temperature of the lunar surface varies from a
high of 2T73°F at the subsolar point to perhaps as
low as -UGO-F before lunar sunrise. Consequently,
it is necessary to minimize thermal interchange
with the lunar surface insofar as possible. 1In
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addition, solar radiation reaches the lunar sur-
face unattemiated; thus both direct solar and
reflected solar radiation are incident upon the
life support system. In the following paragraphs,
a brief analysis is presented on the thermal loads
transmitted to a lunar life support system assumed
to have an area 1.3 times the area of the human
component and insulated by means of super-insula-
tion.

Super-insulation is considered due to its many
advantages in the lunar environment. These ad-
wvantages include:

1. FExtremely low transmittance

2. Light weight

3. Tlio need to evacuate the insulation
in the lunar environment

4. Ease of application of selective
metal coatings

5. May serve as shield to protect
against meteorite puncture.

The primary disedvantage of super-insulation,
however, is its fragility and lack of flexibility.
Approximately 1/l inch thickness will be required,
and this thickness mey comprise 10 to 20 layers
of Toil.*" Tt 1s desirable to select a surface
for the gystem that will provide minirmum absorp-
tion of solar and infra-red radiation. A silver
coating, for example, will provide this fumction,
dus to its low solar and infra-red absorptivities,
0,07 and 0.02 respectively.

Tne thermal load transmitted to the interior of

the lunar life support system is the net sum of
the lomd components:

Lystem = Isolar * %1bedo ¥ Ythermal- lunar
= dspace

The heat transferred through the insulation sur-
rounding the system is:

gystem = U Aq (T - Te:'
= 0.02 - 25.4% (T - 537)
= 0.508 (T, - 537)
vhere:
U - transmittance of insulation,
0.02 Btu/nr-fte
Ag z system area = 13.5 x 1.3 & 25,4 742

Tg = temperature of system exposed to
lunar environment, °R

T, = environmental temperature within
B&'Etﬁm =T = 53

The solar radiation absorbed by the system is:

930lar = Ig h‘PB g
bhz,2 * 3* 0.07 = 92.9



where:
Ig = solar inten.sityeoz: luner surface,
Lh2.2 vtu/hr-ft

A.ps = irradiated aree of system,
assume 3 12
&y = solar absorptivity, 0.07

The amlbedo absorbed by the system is:

%aivedo = 2 Is *g Apg Frg_p
= 0.07 = Lb2.2 « 0.07 » 20.3 * Q.5
= 22 btu/br
where:

a - moon albedo = 0.07

Are

= surfece area of astronaut x (system
area/surface area) x (radiating
area/system area)

= 19.5 * 1.3 * 0.8 & 120.3 sa. ft.
F = view factor (system surface to

T8l " lunar surface) = 0.5

The thermal interchange between the system and the
lunar surface is:

0 Ays Fre-m Tt
9

9thermal -lunar *
(Tmh - TS-

= 0,173 = 20.3 - 0.5 * 0.02

where:
o = Stefan-Boltzmann constant
©c4 - thermal absorptivity - 0.02
T %R
m = temperature of lunar surface,
The thermel radiastion to space is:
L
qﬂ = cdflrs {xt TE
T, 4
= 0.173 * 20,3 - 0.02 {_L)
N 100
- 0.0703 (T_s_)
100
Summing the above equations provides

0.508 (7, - 537) = -0.105(3;5_)1'
100

on the shade side of the moon.

b4

And.,

0.508 (T, - 537) = 115 +0.035 ( 123 )* -

L
0,105 ( o 1)
100
on the sun side at the sub-solar point.

These relationships are plotted in Figure 1L, from
which 1t 1s geen that the maximum heat gained by
the life support system at the sub-solar point iz
50 btu/hr with the outside surface temperature of
the system reaching 175°F. On the shade side of
the moon, the heat lose 1s 45 btu/hr with the
surface temperature dropping to -10°F.

Since shading devices can be provided to minimize
heat gains from the transmission, and ultimate
absorption, of solar radistion passing through
transparent sections of the system at as low a
value as desired, this load source 1s purposely
neglected.

3. Meteor Shielding

BJork9 gives the following relationship between
penetrating flux, sensitive area, and time of
exposure for a 0.99 probability of no puncture in
the sensitive area,

exp (- ¥A T) - 0.99

where:
A - sensitive area, nmet.\'sw:-s2
7-- time of exposure, seconds

Wz penetrating flux

Combining the relationship for penetrating flux
with the above ylelds the required alumimm thick-
ness to protect with a 0.99 probability of no
puncture.

t 2190100 . 3. (a7 30

The above expression for t is plotted egainst A
in Figure 15 for the appropriate meteor velocities.

For a life support system with a sensitive area of
1.90 sq. meters, in a six-hour mission

ATt - 1.90 + 6 « 3600 = 40,800
and logyo AT = 4.61

and consequently,from Figure 15, the required armor
mst be 0.1 em or 0.039 in. thick.

Multiple foils of thermal insulation will serve
the dual purpose of insulation and meteorite
shielding. Due to particle break-up with multiple
ghields, it has been demonstrated that materially
less total shield thickness may be required than
the single 0.039 in. shield calculated above.



L, Atmospheric Temperature and Humidity Control

The individual in the lunar life support system
might induce a sensible load of 425 btu/hr end a
latent load of the same magnitude during maximum
vork. For optimum comfort, the cabin atmosphere
and mean rediant temperature should be 65°F, An
atmospheric relative humidity of 50 percent is
desirable.

The total maximum sensible load on the cooling
system will be the sum of the conduction load
through transparent sections of the system, person
load, and equipment load. The aggregate of these
loads is 500 btu per hour. Assuming no molsture
sources in the system other than the man, the
maximum latent load is 425 btu per hour. The total
cooling load is thus 925 btu per hour.

The high temperature on the sun side of the lunar
surface precludes the direct rejection of the
sensible load to the lunar environment; therefore
some form of refrigeration must be provided.

Methods which suggest themselves include:
l. Vapor cycle refrigeration
2. Evaporative cooling
3. Regenerative ilce refrigeration

Schematics of these three systems are shown in
Figure 16, BSystem epecifications are found in
Table T.

A psychrometric enalysis of the atmosphere-
conditioning process discloses that the heat
exeha.ngerosurface temperature should be approxi-
mately LOF in orcder to remove the required
amount of sensible and latent heat.

The vapor cycle system requires a space radiator
for heat rejection. A high radiator inlet temper-
ature provides a small radiator area, & low cycle
efficiency and a large power supply for the
compressor. Thus, the system weight must be
optimized,

The optimum mounting position of & radiator with
selective surface coating would bte on the top of
the lunar life support system. The equivalent
space temperature, assuming the worst conditicn
(normally incident soler radiation), for this
radiator would be approximately a67r. Equivalent
space temperature for a side-mounted radiator
would be higher, due to the fact that the unit
would "see" the high-temperature lunar surface.

If dehumidification by adsorbent bed or absorbent
spray is used, the surface temperature of the

heat exchanger can be materially higher and the
coefficient of performance of the refrigeration
system can correspondingly be raised. Such systers
require high temperature reactivation, however,
and water reclamation is awkward.

As ncted earlier, it has been postulated that the
temperature a few centimeters under the lunar
surface is below the freezing point of water.
Assuming that the dust layer can be removed from
underneath the lunar life support system by jet
blast or other means, a low temperature heat sink

would be available. A flexible bag enclosing a
substance of large heat-of-fusion such as water
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might be placed in good thermal contact with the
lunar surface in the cleared area when the life
support system is stationary. During this pericd
the water would freeze. During mcbile operations,
the bag would be retracted, and the heat generated
in the life support system would be rejected to it
by sultable means.

TAELE 7

SYSTEM SPECIFICATIONS

Vapor
Cycle Evapora- Heat Transfer
Refrig- tive to Lunar
eration Cooling Sub-Layers
Minimm heat ex- Lo Lo ko
changer surface
temperature ,°F
Refrigerant 30 30 30
temperature, F
Radiator 200 - =
tempersature ,°F
cop 1.56 - -
Compressor 0.2 - -
power, HP
Blower power,HP 0.02 0.02 0.02
Battery require- 101k 90 90
ment for 6-hour
mission, w-hr
Rediator area,ft® 17 - -
Fixed weight,lb. 12 2 18#
Welght determined 32 10 2
by 6-hour mission,lb
Total wt.,6-hour bh 1z 20

missicn

* Assuming regeneration every 2 hours.

System weights as a function of mission length are
shown in Figure 17. For the vapor refrigeration
cycle, the fixed weight items are the compressor,
radlator, heat exchanger, fan, and expension valve.
The battery weight depends upon mission time. In
the water boil-off system, fixed weight items are
the heat exchanger and fan., Battery weight and
initial water inventory depend upon mission time,
The fixed welight items in the regenerative ice
refrigeration system are the heat exchanger, fan,
purmp, and Ice iaventory. It is assumed that
regeneration is provided every two hours. Battery
weight depends upon mission time.

The secondary batteries of all three systems are
rechargeable at the operational base (or vehicle).
No working media are expended in the vepor-cycle




Form

Thermal sahielding

Meteor shielding

Atmosphere

Optimum state of atmosphere

Cooling load: Btu/hr

Probable heat sink

Mobility provided by

TABLE 8

CHARACTERISTICS OF A LUNAR LIFE SUPPORT SYSTEM

Suit-Capsule Combination

Aluminum foll super-insulation,
1 inch thickness with silver
coating on outside.

For 0.99 probability of no puncture
in six-hour mission, 0,039 inch
aluminum sheet required. May be
integrated with thermal shield.

In felnet
Composition 02
Pressure 3.5 psia minimum
5.0 psia recommended
Regeneration Passive mixed super-
oxide chemical
At Rest Working
T3°F 65°F @ 50% RH
Sensible
Conduction from lunar 50 gain on sun side *
environment 45 loss on shade side®
Person load Los
Misc. load 25
Total max. sensible 500

Total max. cooling lecad

Water boil-off

Jet propulsion or land contact

a. Cuter surface temperature = 175°F

"

b, Quter surface temperature = -10°F

i1+

In Capsule

N

5.0 paia
Dehumidification and

cooling by heat-
exchanger

Latent

has

E

925



or regenerative ice refrigeration systems. In the
water boll-off system, water is lost; however,
excess water produced by the power and atmosphere
control systems in the mother vehicle cen be used
for this supply. In conclusion, water boll-off
shows desirable weight and systems features for
thermal control of lunar life support systems for
mission times of at least 6 hours.

D. Characteristics of a
Moblle Tunar Life
Support System

In summary, it may be stated that the results of
a preliminary analysis of a lunar life support
system indicate that the system must be of a
capsule-sult combination. Due to the texture and
topographiec features of the lunar surface, it may
be desirable to propel the life support system by
both jet and land contact, as required by the
mission objectives. Mobility can be provided by
jet propulsion in order to explore topographical
features of considerable height range or areas
remote to the operational base. Provision for
over-land propuleion would be desirable in order
to allow verniler control of position for close

inspection and minimaum disruption of surface detail.

From reliability considerations, it would be desir-
able to provide means of propelling the system by
mascle power in the event of component or subsystem
failure. The outer surface of the system may be
lined with a metallic foll, serving both as a
vacuum super-insulation and metcoroid shield.

In order to minimize leakage and rigidity of flex-
{ble parts, a lovw-pressure atmosphere should be
selected. The optimum system may incorporate a
neck seal to permit ventilation of the helmet por-
tion with 5.0 psia oxygen, and ventilation of the
balance of the system with low-pressure nitrogen.
The environmental temperature should be adjusted
automatically over the range of T3°F to 65°F. The
adjustment of the optimum temperature would pre-
ferably be controlled by work rate, Mamual over-
rides should be provided. Controlled water re-
moval should result in an ambient humidity at a
value near 50 percent. Cooling by water boil-off
and the control of breathing by a pasaive mixed
superoxide chemical reactor appear promising as
thermal and atmosphere control techniques for
missions up to 6 hours in duration.

Suggested characteristics of a life support system
for lunar exploration are summarized in Teble 2.
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Abstract

Atmosphere controls for advanced manned space
vehicles will in some cases require techniques
different from those selected as optimum for the
Mercury environmental control system (ECS). Water
conservation will be rigorous for vehicles which
use a solar or nuclear auxiliary power unit (APU) .
For missions longer than a few hundred hours, Co:
will be removed in a regenerable process. Several
promising regenerable COz removal systems are
presented, Including freeze-out.

Regeneration of oxygen from COz Is discussed
as the next step In atmosphere control advancement.
Test work on CO; hydrogenation by the Sabatier
process is cited. The recommended makeup of ECS
elements is presented as a function of mission
duration.

Int roduction

Environmental control systems (ECS) include
at least the following functional elements:

|. Thermal management

2. Water management

3. Atmosphere composition management
4. Food management

5. Waste management

6. Power management

In terms of the equipment selected to perform
these functions, considerable overlap exists be-
cause of multi-function elements. For example, a
cooler-condenser-water separator performs in one
component essential functions of thermal manage-
ment, water management, and atmosphere composition
management. Functional tie-ins exist between the
ECS and other subsystems. For example, thermal
management should extend to the thermal design of
power-consuming equipment, to provide a suitable
path for heat flow from source to sink, compatible
with low-penalty !iquid cooling media's®.

This paper considers In detall the subjects
of water management and the part of atmosphere
compos it lon management related to CO, removal.
Other ECS elements are considered only in a
summary chart which makes recommendations as a
function of mission duration.

Water Management

Water management is a key problem in space
sehicle environmental control, for three reasons:

|. Water is essential to human |ife over t ime

spans short compared to durations of presently
planned space missions.
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2. The quantities of water required for life
support are larger than required quantities of any
other constituent.

3. Water management Is functionally interrelated
to several other elements of environmental control,
such as energy-balance comfort in terms of
atmosphere humidity control, and COz removal.

Table I shows a typical human material
balance, as estimated for a space mission of
several days or longer. As shown by the footnotes
to the table, the numbers contain varying degrees
of arbitrariness; however, they should be quite
adequate for purposes of system parametric analysis
and evaluation.

Table II is made up of the water entries
from Table I. The listing shows a total of water
produced of 12.25 Ib/man day, compared with a total
consumption of 11.0 1b/man day. The excess of 1.25
|b represents approximately .0 Ib metabol ic water
(formed by oxldation of hydrogen in food) and 0.25
Ib of water present as Ha0 in the food supply-

(The 0.25 Ib of water in the food supply repre=
sents a free source of water as long as stored
food is carried. Misslons for which food Is
reprocessed are beyond the scope of this paper.)

Given the objective of closing the water
loop to the extent of providing all the drinking,
cooking and wash water needed, the favorable
margin of 1.25 Ib/man day is narrow encugh to pose
a chal lenging problem to the vehicle and ECS
designers. They must not only design efficient
water recovery equipment, but also minimize casual
losses of water from the system, as by leakage
overboard or migration Into unrecoverable areas on
the vehicle.

A more ambitious water loop closure would
include oxygen recovery from the metabol ic water
as well as purification of the waste water. This
is not recommended, even for a 3000 hour mission;
although on a mission of this length oxygen would
be recovered from CO;. Some material losses are
inevitable in a nominally closed system. Water
storage can be provided to make up these losses.
Oxygen recovery will be discussed further under
C0; management .

The allocation of 5.7 1b/man day for pro-
duction of exhaled and persplred water vapor
merits some discussion. This water production s
consistent with a metabolic rate approximately
150% of the basal metabolic rate (BMR) for a S0
percentile man, and with a 50-50 split of the
metabol ic heat output between latent and sensible
cool Ing. The assumed metabolic level appears
reasonable for space missions of a few days or
longer, where physical activity will be inherently
somewhat 1imited. The 50-50 latent-sensible split
of the metabolic heat load is based on the assump-
tion that the astronaut spends about half his time
in a pressure suit (where the cooling load is



about 65% latent), and the other half of his time
in a shirt-sleeve environment (where the cooling
load 1s about 65% sensible). The coolling load for
suit occupation is largely latent because of the
restricted sult ventilation rates compatible with
reasonable power consumption.

The 5.7 Ib/man day figure is representative
of the average quantity of exhaled and perspired
water vapor available for recovery; the actual
design of recovery equipment could well be pre-
dicated on even higher peak rates.

As far as the human water balance is con-
cerned, any recovery system which comes within
{approximately) 1.25 Ib/man day of recovering all
the produced water will be satisfactory. A high
latent load will Increase water vapor produced and
drinking water consumed by equal amounts.

The water sources listed In Table II are
designated primary sources. They are: water
vapor (exhaled and perspired), waste water (urine
and wash water), and fecal water. It has been
pointed out that operating at a break-even or
favorable water balance is a feasible but challeng-
ing problem, requiring highly efficient recovery
equipment. Fortunately, this problem will be
relaxed in space missions where by-product water
sopurces are available. Table III repeats the
primary water balance of Table II, with supple-
mental entries for two by-product water sources
expected to be available in space missions in the
two-week class. The two enumerated by-product
sources are LiOH (used for CO; removal) and a
hydrogen-oxygen APU, which could be either a fuel
cell or a combustion heat engine.

When absorbing COz, LIOH produces water vapor

according to the reaction
2LIOH + CO0p = LiasC0s + Hz0

Practically all the water produced by this reaction
shows up as vapor in the gas flow out of the bed,
and Is therefore recoverable to the same extent as
is the exhaled and persplred water vapor. The
quantity of water produced by LiOH (0.9 Ib/man day)
could be a significant entry on the plus side of
the water balance, were it not overshadowed by the
much larger quantity of water available from the
APU.

The water available from the APU has been
estimated to be 8.0 Ib/man day, consistent with an
average electrical load of 1/3 KW/man, and a spe-
cific fuel consumption of | 1b/KW hr. Lower rates
of APU water availability per man are believed
unl Tkely.

Table IV shows the effect on water balance of
various combinations of water recovery sources,
primary and by-product. Combinations of the pri-
mary sources are |listed as column headings. The
first column depicts an all=-out recovery effort
utilizing all three primary sources (fecal, waste,
vapor). The other columns depict successively less
rigorous recovery schemes. The rows show the
effect on water balance of the two by-product re-
covery sources, alone or in combination. Unfortu-
nately, neither the hydrogen-ocxygen APU nor LiOH
for CO; removal is compatible with long space mis-
sions (of the order of months In duration); so that
in the absence of by-product water, these missions
will require the most rigorous water management.

A brief discussion of water recovery tech-
niques is now in order. Exhaled and perspired
vapor, together with any LiOH-generated water vapon
is recovered by condensation and separation from
the space vehicle atmosphere. Figure | shows typ-
ical atmosphere, water and water-glycol coolant
flow rates for handling cocling and dehumidifying
requi rements of one man. The water-glycol would
of course be cooled in a space radiator.

For comparison, a comparable process without
water recovery Is shown in Figure 2. Here, the
load on the water-glycol coolant is reduced by
reevaporation (to space vacuum) of the condensed
water, providing full thermodynamic recovery of the
heat of water condensation.

Equipment capable of functioning as indicated
by Figure |, Figure 2, or an Intermediate case
where the water condensate Is partially recovered
and partially reevaporated has been built and
tested. Figure 3 Is a photograph of a development
cooler-condenser-water separator. The unit is a
corventional plate-fin liquid-cocled heat exchanger
with the addition of bats of wicking material
between adjacent fin rows on the atmosphere side.
The cooling liquid keeps the metal surfaces of the
heat exchanger below the dew point. Water from the
moist atmosphere throughflow is condensed on these
surfaces, forming a thin condensate film from which
it Is drawn into the wicking material by capillar=
ity. The wicking bats pass through a side wall of
the heat exchanger into a water-collecting manifold.
This manifold Is packed with material which, when
wet, effectively blocks the flow of air, thereby
preventing air entralnment In the recovered water.

Tests of this device have been encouraging,
having demonstrated negligible air loss and 100%
water separation effliclency with the atmosphere
flow downward. Performance with flow downward, the
least favorable direction for full water recovery,
indicates a probable performance margin under
zero-g condit fons.

Devel opment of this water recovery unit is
bel ieved to represent a significant advancement in
the technology of zero-g water separation, for the
following reasons:

|. The device is passive.
2. Negligible power is required.

3. Weight penalty chargeable to separation is
small.

4. Water is removed at ths point of condensa-
tion, eliminating the need for back-pressure pro-
ducing blowoff of the water from the cooler-
condenser.

5. Ultimate performance in terms of separation
efficiency and air loss is achieved.

Order-of-magnitude estimates of the penalty
Involved in condensing and recovering water have
resulted in a penalty of 10 Ib of fixed weight per
1b/hr of water recovered. This figure includes the
portion of radiator, liquid coolant system and
coolant pumping power chargeable to water condensa-
tion. It does not include tankage for stored water
This figure indicates the desirability of recover-
ing exhaled and perspired water vapor from the
space vehicle atmosphere in missions of duration



beyond a few hours.

Urine-waste water recovery poses a number of
problems, the most Important of which Is purity of
the product. Pretreatment of the feed with acid
to a pH of 4 or 5, processing at a low temperature,
and charcoal filtration (and possibly ultraviolet
radiatlon) of the product are recommended.

Al though many schemes of waste water treat-
ment are possible, batch distillation under vacuum
conditions appears to be the best. In the absence
of forced flow, both the evaporation and condensa-
tion portions of the process have to be designed
carefully to work In a zero-g environment. The
distillation process Is thermodynamically straight=
forward. For a nominally constant-pressure process,
a temperature difference of about 5°F (at I150°F) Is
required; for a nominally isothermal process. a
pressure 11ft of about .5 psi Is necessary. These
1ifts are those required to overcome the vapor
pressure depression associated with the solids
dissolved In urine at the end of a batch recovery
process. An additional temperature difference Is
required for heat transfer. Flgure 4-a, b, and c
shows three ways of providing the required tempera-
ture or pressure 1ift; use of an available heat
source and sink, vapor compression, and a thermo-
electric heat pump. Because of the low flow rates
(in the range of 1 1b/man hr), power requirements
are low enough that comparison of these three
approaches on a formal penalty basis will not show
significant differences.

Figure 5 shows schematically a waste water
recovery device, now under development, which
utilizes a spray condenser for the dual purpose of
generating the pressure |ift required for condensa-
tion and for providing a g-insensitive condensation
mechanism. Water is recirculated by a small pump
through the spray condenser where it provides a
heat sink and sufficient ejector action to condense
the waste water vapor. The condenser outlet water
is circulated through a heat exchanger which fur-
nishes heat to the waste water evaporator, from
which the flow Is divided, part returning to the
spray condenser, part being drawn off as product.
The evaporator Is batch-type, packed with a sponge-
1ike material for g-insensitivity. The key to
successful operation of the cycle Is getting
enough pressure |1ft out of the spray condenser to
condense the vapor.

Preliminary distallation tests, conducted in
glassware, have been successfully run at a tempera-
ture of 157°F, with 90 per cent recovery of a
product which when filtered with activated charcoal
met the U.S. Public Health standards for drinking
water?.

The following conclusions may be drawn re-
garding water management:

I. Manned space mlssions of duration from a few
days to a few weeks, using a hydrogen-oxygen APU
(fuel cell or heat englne) can operate at water
parity (that Is, consumption equal to production)
by recovery of APU water and approximately 50 per
cent of the exhaled and perspired water. Recovery
of fecal water, water from urine, or wash water
waste (the latter budgeted at 3.0 Ib/man day) is
not necessary in this case. The use or non-use of
Lio for CO, removal does not material ly change
this plcture.
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2. Manned space missions too long for use of a
hydrogen-oxygen APU (and therefore requiring solar
or nuclear power) will operate under rigorous water
management discipline. Water must be kept not only
on board the vehicle, but within the consumption-
recovery cycle. Water parity can be obtained in
this case without recovery of fecal water, if
slightly more than 90 per cent of the exhaled and
perspired water vapor is recovered, together with
%0 per cent of the waste water, including water
from urine.

3, Water balance must be considered as a con-
straint on the design of related equipment, such
as C0, removal equipment which concurrently
separates water and CO, and is subsequently re-
generated by venting both water and CO, overboard.
Such a G0, removal system may or may not be appli-
cable to missions with by-product (APU) water,
depending on the amount of overboard water loss;
it will almost certainly not be applicable to long
missions which have no by-product water.

C0; Management

The human COz production (nominally 2.25 1b/
man day) must be removed in a way that avolids ex-
cessive CO; concentrations in the breathing
atmosphere. Flgure & shows representative human
tolerance curves for COz in terms of allowable
concentration versus time duration. Curve A is
the desirable standard for normal operation.

Curve B sets emergency limits, consistent with
maintalning astronaut performance at a functional
level*.

The many different ways of removing C0; from
a space vehicle atmosphere can be combined into
four basic processes, listed here in order of in-
creasing complexity:

I. Open-cycle
2. MNon-regenerable
3. Regenerable
4. 0p-recoverable

The open=cycle system, in which COz is
simply purged overboard by a relatively high
ventilation rate, has a definite place in backpack
or emergency breathing systems. Such systems will
be important for many manned space missions. In
spite of its high ventilating flow rates, the open=
cycle system has been found to be optimum for a
backpack emergency life support system of as long
as 4 to 5 hours duration, in comparison with a
non-regenerable CO; absorbent such as LiOH. The
open system has the definite advantage of greater
tolerance of leakage than the system using LiOH,
an important consideration In suit-backpack
applications.

The non-regenerable systems are mainly
chemicals of two types: metal oxides or hy=-
droxides, and superoxides. LiOH has been success-
fully used for COp removal in the Mercury project-
Its stoichiometry is predictable. Utilization
efficlency Is 90 per cent or better, requiring
about 1.2 |b LiOH per Ib of C0; absorbed.

As previously mentioned, LiOH evolves water
when absorbing COz;. If the evolved water cannot
be credited to the system (and typically it



cannot, because LiOH will be used on missions
where the water balance is not critical) there is
incentive to consider Lig0. Tests on CO; absorp-
tion with Liz0 are now in progress. If Liaz0
proves successful it will result in a 37.5 per
cent weight saving, since (at ?0 per cent
efficiency) only 0.76 |Ib Liz0 per Ib of COz will
be required. Unfortunately, there will not be a
corresponding volume saving. Lip0 is about 30
per cent less dense than LiOH.

By comparison, superoxides, such as NaQa or
KDz, absorb CO; and water vapor and produce
oxygen, according to reactions such as:

2Nalz + COz = NazC0s + .5 02
2Na0; + 2C0z + Hz0 = 2NaHCOs + 1.5 0,
Ideally, the relative rates of these re-

actions should be controlled to maintain an
0z - CO; balance with man's metabolism. For

example, for a respiratory quotient ef 0.82, the
proper over=-al| reaction would be:
2Na0; + 1.23 c0p; + 0.23 Hz0
= 0.77 NapC03; + 0.46 NaHCOs <+ 1.5 03

A simple material balance based on the
above reaction shows that Na0O; appears to be
reasonably competitive with LiOH on a weight
basis:

2Na0; = 1-50; |

= I.18
C0z
2Li0H
e .09

Detailed comparisons, reported elsewhere,
show that NaQ; is actually non-competitive with
LiOH for CO; removal, even when Nal; is credited
with the 0 produced, and LiOH is not credited
with the water produceds. Also, it appears in-
feasible to rely solely on chemical reaction with
C0: to produce breathing oxygen; the process is
too vulnerable to leakage, repressurization re=
quirements, and unbalance in 0z - C0z ratio. For
this reason, the superoxide would have to be used
as a supplemental oxygen source. On this basis,
the superoxide loses its primary potential advan-
tage, namely that of eliminating a separate
oxygen supply. In short, superoxides are non-
competitive with LiOH for CO: removal, when
evaluated on an overall basis.

Typically, regenerable 0z systems utilize
a process which is reversible by exposure to
vacuum. The process must be periodic, to avoid
the sealing problems inherent in a rotary re-
generator. In simplest form, as shown in Figure 7,
the device contains two sorbent beds with inter=-
connecting valving to permit regeneration of one

bed by exposure to vacuum, while the other is
sorbing C0z. Practical devices are somewhat more
complex.

LiOH is unsuitable as a regenerable absor-
bent, since it requires excessive temperature
for its regeneration. A survey of all common
metal oxides and hydroxides has not yet led to
any that are proven satisfactory as regenerable
absorbents. In this connection, Ag:0 is of
particular interest. The 0; dissociation pres-
sure vs temperature curve for Ag;C03, shown in
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Figure B, suggests the possibility of absorption
of C0z by Agz0 at a temperature near 50°F and
vacuum desorption at a temperature near |75°F,
both temperatures being within the range of
temperatures available from the ECS. The de-
composition of Ag:0 to Ag and 0; during vacuum
desorption of the AgCOy is suggested by the dis-
sociation pressure of 0z over Aggz0, but there is
some evidence that the rate of decomposition of
Agz0 is slow enough not to cause trouble. Tests
of Agp0 were not successful in achieving practical
CO; absorption rates, even at gas concentration of
C0: in excess of 50 per cent®. Apparently the
reaction of Agz0 with CO; proceeds until the oxide
surface is covered with AgpC0s, after which it
becomes very slow. Clearly, a way of improving
the reaction rate is needed. If Ag20 can be
brought close to its potential performance in
absorbing €Oz, and if it proves stable under vacuum
desorption, it deserves serious consideration as a
regenerable absorbent, since it has no affinity
for water vapor.

The synthetic zeolites (molecular sieves or
microtraps) are good regenerable adsorbents. They
show good dynamic efficiency, are stable, and can
be regenerated by adiabatic exposure to vacuum-
Unfortunately, they adsorb water preferentially to
C0z, so that water must be removed rather complete-
ly in advance of CO2 adsorption. The subsequent
processing of the removed water has an important
effect on the water balance, as already noted.

Regenerable adsorbent systems tend to use
more power than the best proved non-regenerable
system, (LiOH), because of the pressure drop
associated with flow through the extra equipment
which processes water vapor and COz, and ( in some
schemes) because of the need for heat to carry out
the regenerative process. (Development of a re-
generable substance |ike Ags0, specific to COz and
unaffected by water vapor would materially reduce
the power consumption of the regenerable CO;
system. )

Figure 9 shows schematically a regenerable
C0; system using a molecular sieve as a (0; ad-
sorbent, with vacuum regeneration. The process
gas is predried by a silica gel adsorbent bed,
which is periodically regenerated by the dry,
essentially CO;-free effluent gas. Heat is re-
quired to aid in regeneration of the silica gel.
This system retains the water vapor [ temporarily
adsorbed in the silica gel) in the system; this
feature is essential for long missions with a
tight water balance.

Missions in the 300 to 500-hour class will
be characterized by chemical APU's with relatively
high power penalties (of the order of 600 Ib/kw),
at least until a soclar or nuclear APU is available.
For such missions, the high power consumption of
the system of Figure 9 places it at a distinct
disadvantage compared to the non-regenerable LiOH
absorbent.

Figure |0 is a photograph of a regenerable
C0; system now under development. The same system
is shown schematically in Figure Il. The design
objective of this device is to be competitive with
the non-regenerable LiOH for missions in the 300
to 500 hour class, which, with a chemical APU, are
characterized by high power penalties and avail-
able by-product water. The system of Figure 10




has therefore been designed to minimize power con-
sumption, at the expense of water recovery. This

system differs from the system in Figure 9 in two

ways:

I. Silica gel is regenerated by vacuum de-
sorption rather than by purging.

2. Heat is provided for regeneration of the
vacuum-exposed silica gel bed by conduction from
the other silica gel bed, which is absorbing water.

Heat is transferred between
gel beds by virtue of their being
side” of a conventional plate-fin
In essence, the water adsorbed in the silica gel
on one side of the heat exchanger releases heat
which is partly transferred to the gas flowing
through the silica gel on the same side of the
exchanger, and partly transferred to the vacuum-
exposed silica gel bed on the other side. Calcula
tions have shown that about B0 per cent of the
heat released from the active bed is conducted to
the vacuum-exposed bed, with only 20 per cent
being transferred to the gas.

the two silica
located on each
heat exchanger.

The two molecular sieve beds are also packed
into two sides of a heat exchanger, primarily for
convenience in packaging.

Existing valves, linked by Teleflex cable,
were used for flow switching in this development
unit. It may be desirable to vacuum-desorb the
water vapor from both ends of the silica gel bed;
the present valve arrangement provides for de-
sorption of both water vapor and C0; through the
same valve. One such valve is located between
the silica gel and molecular sieve beds on each
side of the unit.

Design conditions for the unit are shown in
Table 5. Preliminary tests are now being run to
measure the completeness of vacuum desorption of
silica gel. If silica gel does not vacuum desorb
adequately, one of the molecular sieves will be
tried as a water adsorbent.

Table 5 shows a water loss of 1.52 Ib/man
day by vacuum desorption of the silica gel. This
water loss is quite tolerable if a chemical APU
is on board, thereby providing a by-product water
source. The system has a lower power consumption
than the purge-regenerated system of Figure 9 for
w0 reasons:

. Process gas flows through only two beds
(one silica gel, one sieve). Hence pressure drop
is reduced.

2. No external heat is required to regenerate
the silica gel bed.

Another process of regenerative CO; removal
is by freeze-out. Temperatures in the range of
225°R are required to give adequately low CO;
partial pressure. Given the availability of
cryogenic fluids stored on the vehicle, either
for atmosphere storage or for APU fuel, the
potential exists for a heat sink which is both

"In heat exchanger terminology, "side" refers to
a set of parallel flow passages taken together,
as hot-side face area.
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cold enough and adequate in capacity. The problem
of water management is similar to that with the
adsorbents, since water ice must be precipitated
either upstream or together with the CO;.

Figure |2 shows schematically a typical CO;
freeze-out system, consisting of four thermally
linked flow passes;, numbered for identification.
During the operating mode shown, process gas from
the vehicle atmosphere, containing both COz; and
water vapor, flows into pass 2 where it is cooled
by heat transfer to both pass | and pass 3. Both
the water vapor and CO; from the process gas
freeze out on the surface of pass 2. The gas
leaving pass 2 is essentially dry and has a C0;
partial pressure well under | mm Hg. This gas is
mixed with makeup LOX from storage, and the mixture
flows to pass |. The LOX, admixed with the cold,
dry, nearly COp-free process gas provides part of
the heat sink for pass 2. Discharge gas from
pass | is returned to the space vehicle atmosphere.
The remainder of the heat sink for pass 2 is pro-
vided by sublimation to vacuum of the COz and H20
vapor in pass 3. Pass 4 is inactive.

The complementary operating mode reverses all
valve positions from those shown in Figure 12,
making pass | inactive, pass 2 open to vacuum for
desorption of water vapor and COz, pass 3 the
receiver of inlet gas, and pass 4 the regenerative
pass.

Figure 13 shows the performance potential of
a regenerative freeze-out system using subcriti-
cally stored metabolic oxygen as a heat sink. The
ordinate is the ratio of oxygen required to effect
freeze-out to the metabolic oxygen. The abscissa
is total pressure, which controls the total quan-
tity of gas circulated. Operation below an
ordinate of 1.0 is essential if the system is to
work on metabolic oxygen alone. This is possible
for pressures up to 7 psia, 70 per cent COz re-
covery, and 3.8 mm Hg partial pressure of C0z. In
practice, supplemental oxygen (and possibly
nitrogen) will be used by the ECS for leakage
makeup, providing a performance margin.

Cryogenic hydrogen is an excellent heat sink
for CO; freeze-out, if available. A space radiator
heat sink is also feasible. A small, oriented
radiator panel is required. The radiator sink
would be used for long missions where cryogenic
APU fuel is not available, being precluded by the
use of solar or nuclear power, and where the supply
of stored oxygen is limited by the existence of an
oxygen-recoverable COz cycle. 1In such a case; the
C0; freeze-out system would give up its COz; to the
Oz-recovery system. The tolerability of water-ice
admixed with the COz-ice depends on the mechanics
of the Oz-recovery system; if a mixture is not
tolerable, the H:0 and COz can be frozen out
separately at different temperature levels, and
therefore recovered separately.

Long space missions, greater than about
2000 hours, will require such large quantities of
metabolic oxygen that it will become economical to
recover 0z from CO0z. Such missions will have
sclar or nuclear power at reasonable penalties,
probably in the range of 200 to 500 Ib/KW. The
theoretical minimum power available for regenera-
tion of 0 from COz is given by the free energy of
formation of €O, which is |.13 KWh/1b CO; or
1.55 KWh/1b 0z- Practical processes can be



expected to consume several times the theoretical
minimum energy-

Clearly, power from a chemical APU (fuel
cel| or heat engine) which produces no more than
about 1.0 KWh/Ib of fuel consumed, is not attrac-
tive for regeneration of 0z, with a power require-
ment no less than 1.55 KWh/Ib. 0 recovery is
therefore definitely tied to missions with solar
or nuclear power available.

Direct thermal or electrolytic decomposition
of €0z has been extensively studied, with only
limited progress toward a system useful in a space
vehicle. As an alternate, processes producing
intermediate products have been considered. A
promising example is the hydrogenation of COz by
the Sabatier process, followed by pyrolytic de-
composition of methane and electrolysis of water.
The reactions are:

€0z + 4Hz = CHy + 2Hz0 (Sabatier)

CH¢ = C + 2H: (pyrolysis)

2H0 = 2Hp + 0 (electrolysis)

The sum of these reactions gives the desired
end result:

0z = C + 0z

Except for a small initial and makeup
supply, the required hydrogen would be regenerated
by the process. Similarly, the intermediate
products, methane and water, would be decomposed
as shown.

Use of the water in the Sabatier reaction to
augment the space vehicle water supply is not
recommended, nor does it appear advantageous to
use methane as fuel for a chemical APU-.

The Sabatier reaction has a favorable
equilibrium (9% per cent conversion of C0z at
400%F: 95 per cent at 640%F). Catalysis of the
reaction is necessary for any practical reaction
temperature; catalyst development is paturally
aimed at a reasonable reaction at a low tempera-
ture, where the equilibrium is favorable relative
to competing 5ide reactions, such as:

€02 + 2H2 = C + 2H;0

(This is the reverse of the commercial water gas
reaction used to produce hydrogen from coal and
steam. This reaction, catalyzed, proceeds from
left to right at about |000°F.)

Methane spontaneously pyrolyzes at 1600°%F or
higher. The reaction is substantially complete
at 2000°F. Reaction at lower temperatures is
is desirable for space applications. In particu-
lar, it would be desirable to pyrolyze methane at
a temperature low enough to absorb the heat pro-
duced by the Sabatier reaction:

CO0; + 4Hz = CHs + 2H20 + 1640 Bru/lb CO;

CHy = C + 2H; - B30 Btu/1b CO:

The Sabatier reaction has plenty of heat
available, but for this heat to have a chance of
being used to pyrolyze methane, the temperature

would have to be at least 600°F, with some sacri-
fice of completeness of COp conversion. Even at
this temperature, the equilibrium conversion of
CHs to C and Hp is less than |0 per cent. To make
the CH, pyrolysis complete at 600°F, carbon would
have to be continuously removed. Process-
development tests of low-temperature pyrolysis of
methane are planned as a supplement to test work
recently completed on the Sabatier reaction’. The
latter will be briefly summarized in the next few
paragraphs. It is of course not essential that the
heat to pyrolyze methane be obtained from the
Sabatier reaction, but it is desirable to do so.

The Sabatier reaction will not work in the
presence of appreciable oxygen because of the pre-
ferential reaction with hydrogen to form water.
Thus, space vehicle atmospheres, with only about
| per cent CO; content, cannot be hydrogenated.

It is necessary to work with relatively pure COz.
In the test work reported in Reference 7, COp was
obtained by desorption of a molecular sieve bed
(Linde type 5A). Rather than desorb the sieve by
the usual process of exhausting to low pressure
{which in this case would require a pump) the CO;
was removed by purging with hydrogen at 300°F.
Approximately 75 per cent desorption was obtained
in a once-through process. Complete desorption of
C0; from the sieve is unnecessary.

The advantage of Hz-purge desorption is the
power saved. Figure |4 shows typical power re-
quirements for pumping CO; (temperature = 100°F)
from a desorption pressure of 0.05 mm Hg to the
pressures shown. The disadvantage of Ha-purge
desorption is the variable composition of the
purge gas, which was found to have an unfavorable
effect on the completeness of the Sabatier
reaction.

In a typical run on purge gas, 85 per cent
conversion of the COz to CH, was obtained at 600°F
in one pass through the reactor, with a nickel
catalyst. The effect of the unconverted C0z on
the subsequent processing (especially pyrolysis)
has not been investigated. Hopefully, small per-
centages of C0; would be tolerable, passing
through the process and being recycled to the
sieve inlet with the produced hydrogen-

C0 formation should be avoided on principle.
This is one of the best reasons for keeping the
temperatures reasonably low, since CO formation is
thermodynamically favored at high temperatures.

Figure |5 shows the elements of a complete,
steady-flow, 0z recovery system using Hz-purge
desorption of the sieve bed, a catalytic reactor
for the Sabatier process, a cooler-condenser to
separate the water produced, an electrolyzer for
the water, and a pyrolyzer for the methane.

The major power requirement would be for the
gas blowers and for the electrolysis of water.
Figure 16 compares the theoretical energy require-
ment for electrolysis of water with that achieved
by actual electrolytic cells. Efficiencies of 50
to 80 per cent are typical. 0z is drawn from the
electrolytic cell and returned to the breathing
system. The hydrogen from the electrolytic cell
is dehumidified, combined with the hydrogen from
CH4 pyrolysis, and returned to the desorbing sieve
bed.



Work to date on the Sabatier reaction has
gone a long way toward establishing its feasibility
for 0z recovery in space ECS, but substantial
development of the process remains.

Certain ion exchange resins absorb C0; from
gas streams. Since these resins can be regenerated
electrically, the materials can be used in regen-
erable COz removal systems using the fundamental
process of electrodialysis. Cationic and anionic
exchange membranes which are permeable to ions of
opposite charges are placed in contact with the
ion exchange resin bed. These membranes, which
are essentially the ion exchange resins in film
form, provide the means for CO2 removal from the
resin bed.

Operation of an electrodialysis removal system
involves absorption of the COz in a basic lon
exchange resin bed to form carbonate ions:

+ - + =

2(R° +0OH) + COz = (2R +COs) + Hao
As shown in Figure 17, the carbonate ions migrate
from the absorption bed through an anionic membrane
into an adjacent reaction bed. Hydrogen ions
migrate into this reaction bed through a cationic
membrane on the opposite side of the reaction bed.
The hydrogen ions and carbonate ions react to
liberate COz and Hz0:

oy + 24t = Hz0 + CO0z

Hydrogen and oxygen are generated at the cathode
and anode, respectively. The ratio of the gas
generation rate to the C0; removal rate depends
upon the internal arrangement of the cell. If the
cell is designed primarily for COz removal, it
will have a relatively large number of removal
passages per pair of electrodes. If the cell is
to be used in an oxygen recovery system, the
electrode area will be sized to provide the re-
quired 0z flow while removing the COz. Of course,
increased 0z production will invelve increased
power consumption over that needed for C0z removal
alone. The theoretical power required for CO;
removal alone is 65 watts/man. Present prototype
electrodialysis cells require approximately 350
watts/man. There is reason to believe that the
power consumption can be reduced to less than 100
watts/man. Because of the continuous flow and
static nature of the process, electrodialysis may
be used to advantage for long-duration space
missions.

Table VI contains recommended ECS elements
for missions of lengrh 3, 30, 300, 1000, and 3000
hours: The 3 and 30 hour mlssions are assumed to
carry | the other missions are assumed to
carry 5 men. Recommended power source is included
in the table together with a power penalty figure.
Power selection is included because of its effect
on ECS element selection. The quoted penalty
range for solar-nuclear power (200-500 1b/kw;
100-300 1b/kw) reflects a range of system advance-
ment status and also a range of power levels, as
shown.

e e
Man,

Weights of expendables produced and consumed
per man are shown for the mission lengths indi-
cated. These quantities are the theoretical
calculated minima; for example, the 0; shown is
metabolic 0; only. Where closed cycles are used
for 02 or Hz0 recovery, the numbers in parentheses
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reflect an arbitrarily selected inventory for
makeup and emergencies. Where total water utiliza-
tion differs from the makeup quantity required,
because of partial water recovery, both numbers are
shown. For example, on a 1000-hour mission, the
total water utilized 1s 460 Ib/man, of which all
but 75 1b/man is provided by water recovery.

There are few surprises in the table. The
longest mission shown (3000 hours) s clearly in
the stored food and stored sol id waste regime.
(The latter would probably be dehydrated to save
volume.) Only the 3000 hour mission, of those
shown, utilizes oxygen recovery.
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TABLE I HUMAN MATERIAL BALANCE

CONSUMED  LB/MAN| PRODUCED LB/MAN
DAY DAY
FOOD 1.BO |COp 2.25
WATER VAPOR
(EXHALED 8 PERSPIRED)  5.70
OXYGEN 2,00
WATER (URINE) 3.25
. - 5 WATER (FECAL) 0.30
NKIN TER B.
i 80 SOLID WASTE
(URINE + FECAL) 0.30
WASHWATER  3.00 |WASH WATER 3.00
TOTAL 14.80 |TOTAL 14.80

BASED ON:
I. AVERAGE METABOLIC LEVEL ANTICIPATED IN SPACE

FLIGHT,
2 RESPIRATORY QUOTIENT (COz PRODUCED/Oz CONSUMED)
=.82.
3, 50-50 SPLIT OF SENSIBLE AND LATENT COOLING LOAD.
4. ARBITRARY WASH WATER ESTIMATE.

TABLE I HUMAN WATER BALANCE

CONSUMED LB/MAN | PRODUCED LB/ MAN
DAY DAY

DRINKING 8.00 | WATER VAPOR 5.70

WATER (EXHALED & PERSPIRED)

WASH 3.00 | WASTE WATER 6.25

WATER [URINE £ WASH)

TOTAL 1.00 | FECAL WATER 0.30
TOTAL i12.25

BASED ON WATER QUANTITIES OF TABLE I. EXCESS OF
1.25 LB REPRESENTS WATER TAKEN IN WITH FOOD (0.25 LB)

AND METABOLIC WATER (1.00 LB).

TABLE I SPACE VEHICLE
WATER BALANCE
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CONSUMED  LB/MAN | PRODUCED LB/MAN
DAY DAY
HUMAN 1.0 | HUMAN 12.25
BY-PRODUCT SQURCES
LIOH 0.90
H, [0, 8.00
TOTAL 21.15
BASED ON:

I. €CO,=2.25; 2LIOH + CO =Li, €O, +H,0

2. APU POWER = .33 KW/MAN DAY (AVERAGE)
SFC = 1.00 LB/KW HR

TABLE I¥ SPACE VEHICLE WATER BALANCE
FOR VARIOUS RECOVERY SOURCES

PRIMARY WATER RECOVERY SOURCES
VAPOR (EXHALED VAPOR (90%) |VAPOR (90%)
AND PERSPIRED)
WASTE (URINE AND | WASTE (20%) NONE
WASH]
FECES
- APU
oy AND 0.1 86 3.0 -2
LIQH
PRODUCT
APU 8.2 77 2.1 =50
WATER
sEcovery. | LIOH 2. 06 -50 -10.1
ES
SOURCES | \onE 12 -0.2 -5.9 -IL0

POSITIVE NUMBERS DENOTE WATER SURPLUS, LB/MAN DAY
NEGATIVE NUMBERS DENOTE WATER DEFICIT, LB/MAN DAY



TABLE V

OPERATING CONDITIONS, REGENERABLE COz SYSTEM

ATMOSPHERE MOLECULAR WEILGHT
INLET PRESSURE

INLET TEMPERATURE

INLET HUMIDITY

OUTLET HUMIDITY

AVERAGE INLET CO; CONCENTRATION

INLET COz PARTIAL PRESSURE

AVERAGE OUTLET COz CONCENTRATION

OUTLET COz PARTIAL PRESSURE
COz; REMOVAL RATE

C0, REMOVAL RATE
ATMOSPHERE FLOW RATE

WATER LOSS

WATER LOSS

WATER LOSS

SILICA GEL BED WELGHT
MOLECULAR SIEVE BED WEIGHT
SILICA GEL BED

MOLECULAR SIEVE BED

DESIGN CYCLE TIME (BOTH BEDS)

MW
Pi

Ti

] >

L &

']
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30
7.0

45
0.013
b}
0.0207
5.0
0.o02l
0.5
7.5
0.313

16.8

7.90

20

psia
F

Ib/H20 |b atmosphere (saturated)

1b/1b atmosphere

mm Hg

Ib/1b atmosphere

mm Hg

Ib/day (3 men)

1b/hr

1b/hr

1b/hr

Ib/day (3 men)

Ib/man day

Ib silica gel (per pass)
Ib zeolite (per pass)
psf

psf

min
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TRALE W1

RECERMENSED ECS ELEMENTS

POWER SOGRLE ATHOSPHERE SOURLE
e AND PENALTY, 0. RECOVERY MASTE MAMAGEMENT|  TOTAL WATER  |TOTAL EXPEWDASLES TATAL
URATION LE/KN SEAT 5 INC €0, KEMDVAL 200 0 H.0 REMOWAL H 0 RELOWERY Foo8 INCLUD ING COMSUMED, [CONSUMED EXPENDABLES
WoURS OXYGEN WITROGEN L necesenafion L FROW ATMCSFRERE|  MAMAGEMENT HoQ BECOVEAY | [BRINKING, FOOD | [WOT ENCLUDING PROGUCED
[ESTINATED FROM WASTE FREFALATION.MASH| POWER PENALTY) | ASD STORED
FOWER_LEVEL
CAYDGEMICALLY OFEN CYCLE COOLER- NOME
STORED (B LB} VENT TLAT BOw CONDENSER-
BATTERTES SET BT CODLING By 0, SEPRAATOR Er:.r“u“[?‘““ i
3 50 LB/ CRYDEEMIC 0, | LOAD WONE WONE RE-ETAPATER ONE WONE. WOME WOKE.
S0 W
= MATER (7.5 L)
" d + CATOSENIC 0
s | 7 | CRYOGENICALLY LiOH STORED SHED
30 300 LA/ W - AS STORED mOME NONE 122 L8 {i'; R [ 50 L8] (25.8 LB} (3.0 )
1 JEELES (2.5 ) L X '
H,-0, AP RADTATOR + CRTOGEN ICALLY 140 LB PAATLALLY
o8 La/il (sauan] CRYOSENIC 0, STOMED; QUANTETY 1.
MICLEAR AP WHER | A9 ®, 55 CRMIGERICALLY | BEPENDS O Liow FART AL STERES STOAED INVENTORT: (07 (85 L)
30 AMATLABLE ; ANATLAELE STORER LEARAGE AND WOME RECOVERY (22 L8] (85 L8
00-500 LB/KN (15 1) REPRESSULITATION 134 ) (25 w8}
WEQUIREMENTS
L
Hy-0, APE; REGEMERABLE : COOLER-COMDENSER] POTENT JAL WATER RECOWERY g ::u:::ml-"
SERALATOR, WITH | RECOVERY WITH RS NEEDED FOR
[I?WU-JMT;M CRYGCENICALLY HECM e SR FUATHER MATER | CHENICAL APU, ot MASTE WATER RECOVERY: WATER
(L] WPU WEN STORER WIRE REMOVAL PRIDR TO| NEARLY COMPLETE STOAAGE OF IRVENTORY [LE N7 (42 )
AFATLABLE (85 18) €0, PAOCESSING |WITH SOLML- (75 ) FECAL WASTE AMD (15w
200-500 LB/KH) WICLEAR APY CAIME MESIDUE
5 (42 Le)
STORED AS GAS STORED A5 GAS: SABATIER = CH AS COMPLETE AS WATER AECOVEAY | 1400 LB; PARTIAL-]
FOR MAREUP AMD | LEANAGE MuST BE FYROLYSIS + POSS IBLE FAOM WASTE LY MET B¥ WATER
SOLAR-MUCLEAR EMERGENCTES. [T © ELECTROLYSLS WATER. DEWYIRA- & (525 La [ 108 L)
3000 Py RADTATOR L2 0} (aoap H STORED TION OF FECES | TwyewTomy: )
100-300 LB/ (229 ) TO SINPLEFY
STORAGE (150 )
15 W
- | {105 18]
MOTE: Welghts In par h Indicate lcal minimum quantiny of Irdicated especdabiles consused

or produced per man for the mission length Fndicated.
Y tha 3 and 30 hour missions, 3 men

for longer misslons.

System selection is based on | man for
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Figure 10,

Regenerable CO, Removal System
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FIGURE 12. REGENERABLE CO, FREEZE-OUT SYSTEM
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THERMAL BALANCE OF A MANNED SPACE STATION

by

George B, Patterson - Advanced Development Engineer

Arthur J. Katz - Group Head, Thermophysics Group

GRUMMAN ATRCRAFT ENGINEERING CORPORATION

INTRODUCTION

The early artificial satellites, all unmamed,

had relatively simple temperature control reguire-
ments. In desifning such systems it was only
necessary to prevent temperatures from exceeding
the maximum and minimum allewable limits of the
electrenic eguipment aboard, !Manned spacecraft,
on the other hand, imposed new and mnTe severe
restrictions on the allowable internal temperature
variations. While men can survive in an environ-
ment ranging from less than LOUSR to over 60U°R,
his ability to perferm useful work for extended
periods of time is severely compromised unless
temperature, pressure, and humidity variztions are
kept to a minimum,

This problem is further marmified, in the
case of an orbiting vehicle, by the extreme vari-:
ation in the external radiatien which it receives
as it moves into and out of the earth's shadow.
Added to this are the variations resulting from
changes in the orientatien of the vehicle with
respect to the earth and the sun, Tt would seem,
then, that the temperature control of such space-
craft misht present sonme difficulty. It is the
purpose of this paper to describe a scheme for
analyzine the thermal balance of a manned space
station and to proprse a passive temperature con-
trol system for such a vehicle,

A survey of the available literature on the
subject discloses considerable coverase of the
thermal radiation environment of space, However,
the suppested analytical techniques are usually
applied to simple peometric shapes and are re=

stricted to determining equilibriur radiation temp-

eratures.

In order for any analysis to yield reasrnable
results when anplied to a realistic configuration,
it mist account for convective, conductive, and
radiative heat transfer throurh and within the
vehicle, and, unless the vehicle svrface is wholly
convex, for the complex interchange of radiation
between ertermal surfaces. The following is a
comprehensive view of the entire heat balance
problem, including internal and external redi=
ation, cenduction, and internal convection heat
trensfer. In additien, 2 specific method of temp-
erature contrel, particularly suited to manned
space stations is surrested. The method makes use¢
of the "atmosrhere" within the space station as a
major facter in the process of heat distributien.
The vehicle air is circulated betwcen the living
quarters and an area containing the bulk of the
heat renerating equipment. By refulating the flow
rate, temperature chanfes in the living guarters
are minimized at the expense of increased fluctu-
ation of the equipment area temperature. This
technique has been applied to a manned orbital
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space station (M0SS) confiruration, surrested by
NASA's Lanslev Research Center, The feasibility
of this approach has been demenstrazted in terms of
required and available flow rates, and the range
of allowable eguipment temperaturesl.

GENFRAL PROCEDURES OF THE ANALYSIS

The methods applied to the space statien
heat balance can be considered extensiens of the
basic methnds of transient temperature analysis
aprlied to any large or complex cenfiruration.
For the purposes of znalory, consider the case of
nen-stesdy state conduction heat flew in a rod.
The red is divided into differential sepments of
lenrth dx, where x represents the lonpitudinal
axis of the rrd. The equation for the time deri-
vative of temperature,

_a_T_: = ﬁ_ BIT (1)
2t ¢, o%*

may then be written, Since the rate of heat flow
by conduction is proportienal to the temperature
gradient, dT/dx, the second derivative represents
the rate of change of heat flow in the x-direction.
The equation properly reflects that the time deri-
vative of the temperature of a serment is pro-
portional to the net heat flow inte that segment.
This eguation may be sclved analytically for mest
types of boundary conditions, Hewever, the more
difficult problems represented by the two- or
three=dimensirnal form of the equatirn must be
treated by numerical methnds. Tn such a case, the
body is divided into a finite number of "differ=-
ential" sepments, each of which is assumed to be
jsothermal (each of uniform temperature, varying
with time), A difference equation may thea be
written for the time rate of change of the temp=
ergture within any sepment as a function of its
temperature and the temperatures of the adjacent
germents, Mce the initial temperatures are
sssirmed and the boundary conditimns specified, a
numerical intepratieon will yield the transient
temperature time history. Such a procedure can,
theoretically, produce any desired derree nof
accuracy, however the accuracy is governed by the
eize of the serments and the computing interval,
In practice there is always some comoromise be-
tween accuracy and the amrunt of time and effort
expended.

For this analysis, the entire vehicle is
subdivided into sections, where each section is
assumed to be isothermal as defined above, and in
"thermal contact" by means of radistien, conduc-
tion, and/or conwvection with other sections. The
boundary conditions for the system are described
in terms of the thermal radiation envirenment.
This enviremment is dependent on the position and
angular orientation of the space station with
respect to the earth and the sun, the two sources



of external radiation. The success of the analysis
derends on the ability to adequately describe both
the effect of this complex thermal environment on
the space station exterior and the physical rela-
tienship between the section which determine the
internal heat trensfer rates. Mnee this informa-
tion is compiled, the numerical integratien can be
profrarmed for a hiph speed digital computer.

The reneral equation governing the entire
analysis represents a complete heat balance on any
section, This equation, which must be evaluated
and interrated numerically for each section of the
station is piven by

c'? éI = qu“ + QEHLT“ +Qm

'*cQEAD + (chnn'fﬂncwnv

'+(D:Lap'*c1‘QU|r

where Cp is the thermal capacity of the sectien.
The different Q terms represent all available
means of heat input or exchange for any sectien.

(2)

Not all the sections will receive heat from
all the available sources. For example, Osun,
Qearth, and Qalhedn-can only affect sections
which constitute external surfaces of the station.
The rate of heat input will be d ependent on the
space station confimuration, the surface charac-
teristics, and the orientation of the station
with respect te the sun and the earth, For
miscions other than earth orbits, Qearth and
Qaibedo may be neglected or used to represent
radiztien from any other body which reflects
solar radiation or is itself a source of thermal
rediztirn. Opad includes both the heat lost by a
surface throush radiation to space, and the heat
exchanred between sections by thermal radiatien.
The remaining terms describe the internal flow of
heat within the station. Qgond, Ceonvs and Of1ow
are the rates at which heat is exchanged by con-
duction, convection, and the mass trensfer of air
within the station. Oenpip is the rate at which
heat is renerated intermally, both by the occu-
pants of the statlon and sny heat penerating eguic-
ment which is on board

Subdivision Into Sections

The entire analysis requires the judicious
division of the stztion into a number of separate
sections, each of which exhibits a reasonable
depree of isothermal behavier. The subdivision
must be the initial step in the procedure since
all the detailed information geverning heat flow
rates derives from the charscteristics and inier-
relations of the different sectirns., Any alter-
ation of the subdivisien scheme later in the
znalysis will reguire reczleulation of most of
these data,.

While 211 sectieons will be subject to the
same peneral equatien poverning heat flow, they
may be divided into four distinct types, for
vhich different terms will have precter importance
and which may betreated with differing derress of
accuracy. The tynes of sectirns are:

l, FExternal surface, or skin sectims

2. TInternal structure and non-heat-
renerating eguipment

3. Heat renerating equipment
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L. Air masses contained within the statiem

Skin Sectiens These sections, which compro-
mise the entire surface of the vehicle are the
most critical since it is through them that the
vehicle receives heat from the earth and the sun
and dissipates heat by radiating to space. The
two major criteria governing the divisien of the
skin into the different sectimns are the reguire-
ment of a relatively uniform tempersture over any
piven section, and a desire to maintain resscnably
simple recmetrical outlines for each sgection, In
order to evaluate what constitutes a relatively
uniform temperature it is necessary to consider
the effects of a temperature variation within a
section. The assumption of uniform temperature
over & section affects the evaluation of the tptal
heat radiated by the section and the determination
of the rate of condvction to the adjacent sectimns.
A plate 2t a8 uniform temperature will radiate at
a rate 2% less than a plate at the same mean abso-
lute temperature but with a linear variation of
107 between its end temperatures. The error
varies with the square of the temperature wvari-
ation with respect to the mean., This would
indicate that a temperature range of 10°-20° is
acceptable for a mean temperature of the order of
S00°R. 1In speaking of temperature variation over
a section we do not mean fluctuations in small
areas as mirht result from fittinps or small
structural details. Rather, it is the variatien
in temperature such as mirht cccur from one end of
& section to the nther, A pond indication of the
variation within a section is riven br the temp-
erature difference between two adjacent sections.
On this basis, sectirns shruld be established to
restrict adjacent section tempersture differences
to less than 50°,

In addition to the error in radiatien. we
must consider the methnd used to estimate the rate
of conduction between adjacent sectirns. Since
the nnly infermation about temgerature that is
available during the analysis is the mean temp-
eraturc of a section it is necessary to assume
the pradient at the interface between two sectiens
is proportional to the terperature difference be-
tween the sectimns. Such an assumption becomes
prorressively less accurate as the variation of
temperzture within the sectinns incresses.

The second reauirement for skin divisien,
that of maintaining simple peometrie shapes wher-
ever possible, arises from the inherent difficulty
of determining the rates of radiative heat trans-
Ter between the sections., This oroblem, which is
discucsed later in the paper, is simplified to
some extent if the sections have rerular outlines
and only slicht curvature. One important ex-
ception to thir situation is an axially symmetric
vehicle which rotates abrut its axis of symmetry,
If the vehicle rotates rapidly enourh, the radi-
ation inputs from the earth snd the sun may be
averared arrund the perichery. TIn this case, the
sections may be taken as circumferential rinrs.

The temperature gradients which exist alenp
the skin sections have been discussed above. If,
in additien, a rradient exists threurh the skin
it may be accrunted for witheout additicrnal sube
divisien, as follows, The heat flow rate thrrugh
the skin is mrown from the rates of heat flew 4into
and out of each face. The value of the temper-
ature difference threurh the skin may be deter-
mined from this information. Since the mean temp-



erature is assumed to be the average of the two
face temperatures, the correct face temperatures
can be calculsted. These will be used for deter-
mining convection and radiation frrm the faces
while the mean temperature iz used for conduction
through the edges.

For some confipurations, there may be &
large porticn of the vehicle, such as 2 solar
collector or shield, which is not an interral
part of the vehicle and transfers heat to the
vehicle proper only by radiation. It is often
possible to separate such an item from the general
analysis and treat it as an external source of
radiation whose temperature can be predicted
independent of the vehicle analysis. This situ-
ation will be discussed in a later section.

Internal Structure This classification
comprises all portions of the station which are
neither skin nor heat penerating eouipment. “hile
#he bulk of this may well be actual structural
framing and internal paneling, the catepory also
includes any ecuipment which does not penerate
heat, any storape tanks, furnishinps, or, in
general, any mass with a thermal capacity which
carmot be neglected. The decision as to whether
or not certain of these items sre to be included
in the balance depends on the hest trensfer fune-
tion they perform. The majer contri‘mtion of
internal structure items is their heat capacity.
The amount of heat that is cenducted throurh them
is generally not of great impertance except in
the case where structural frzmine constitutes a
conduction path from hiph temperature ecuipment
to some heat sink, such as the skin. Usuelly,
the heat transfer rates to these items are taken
into account only so #s to allow the effects of
the heat capacity to appear in the balance. 'lhen
the heat transfer paths to any of these items are
not sufficient to cause a variation in their temp-
erature of more than several degrees when the
temperatures of the section with which they ex-
change heat very greatly, the items need not be
included in the bslance. It is difficult to state
any general rules for structure subdivision since
confipurations can vary so greatly, howevsr, the
number of sections should be restricted to as few
as possible for the szke of expediency.

Heat Ceneratinec Eguiprment Any reasonably
compact group of components which can be repre-
sented by one mean temperature should be treated
as a single section. The rate of heat peneration
is assumed equal to the rate at which this equip-
ment dissipates power, This is trested as a
direct heat input to the section and will result
in the temperature of the equipment section rising
to the point where this heat can be dissipated by
the normal means of conductirn, convection and
radiation.

Lir Masses “hile the atmosphere within a
space station does not have a larpe heat capacity,
the fact that it can be circulated bet:reen areas
of widely different temperatures mskes it an
important factor in the heat balance, Rather than
attempt to identify a certain guentity of air and
follow its movement between different compartments,
it is best to subdivide it according to location.
The air in each compartment is treated as a sepa=-
rate section, and, while its identity is constantly
changing as the air is circulated between differ-
ent crrpartments, the quantity of air in each
corpartrment remains constent. The rate of heat

exchance beteen these air mass sections is then
dependent on the rates of circulation and their
temperature differences.

Radiative Heat Transfer

Tn caleulating the heat balance of e vehicle
in a fluid medium, the heat flux by radiatien
usually represents a minor, if not insignificant, |
percentage of the overzll amnunt, ''ith space
vehicles, however, as a result of the vacuum in
which they operate. radiation must act as a major
contributor to the heat transfer precess. Indecd,
the heat exchanpe between the vehicle and its
envirenment takes place solely by radiative
transfer.

This envirenment contains radiation of three
types, direct solar rediation, direct earth radi-
ation, and solar radiation reflected fren the
earth (albedo radistion). During each orbit,
there may be an extreme variation in the rate of
heating by direct solar and albedo radiation.

This results from the vehicle "seeing" varying
amrunts of the day side of the earth, and passing
into and mut of the earth's shadow, The variation
is so rreat thet radistion equilibrium temperatures
for the two extremes ranre from 250°F, to =200°F,
Such & veriabiem is, of course, intolerzhle for a
mermed vehicle, Tt may be controlled to a larre
derres, hewever, by insulating the skin fron the
station interirr, usinr & shield apainst soler
radiation, or aprlyin- soecial coatines to alter
the rates at which external radiatien is abserbed.

L second ares where the vehicle heat bzlance
is affected by radistion is that of radisnt inter- [
change between the different sections of the
station. This exchanpe occurs not only between
skin sections but aleo between the structure and
equipment sections, The rates nf exchenpe by this
method are usually of the seme order of magnitude
as those of conduction or convection between
sections.

Mechanism of Radiation The potential rzte
of emission of therral radiastion from an opaque
body is piven by the Stefan-Boltzmann law as:

6= o AT (3)

where A is the surface sres and T is the absolute
temperature of the surface. Such radiation is
called "black bndy" radiation, and is-emitted over
the entire electromapnetic spectrum with a particu-
lar spectral distributien which is elso a functinn
of temperature, HNo real body ever completely
attains this ideal maximum rate of radiation. The
surface of the radiatin- bedy and/er its molecular |
structure have an sttenueting effect on the rate |
at which this radistirn is emitted. The derree of
attenuation veries with wavelenpgth and is primerily

8 resnlt of the surface characteristics. The

fraction of "black body" radiation actually emitted

at any wavelenrth is knmm as the spectral emit-

tance, €, , while the fraction emitted ocver the

entire spectrum is the trtal emittence, € . The

surface characteristics have a similar effect on

incoming radiatien, so that the fractim, oy, of

the impinpine radiation at wevelenrth A is ab-

sorbed and the remainder reflected. The fractien
representine the amount reflected is czlled the

reflectivity, , which mey also vary with wave-

lenrth. The spectral zbsorptence, of, . of a sur-

face is eoual tr the spectrsl emittance, €x , at




any wavelength provided no artificially stimulated
emission takes place, However, since the incoming
radiation may not have the same spectral distri-
bution as a "black body" at the temperature of the
surface, total emittance and total absorptance are
not necessarily equal. "Thile a complete descrip-
tion of the radiative properties of a surface re=
quires a determination of the spectral emittance
over the entire spectrum, it is usually sufficient
to work with the total emittance and the total
absorptances with respect to each of  the various
radiation spectra which will exist at the vehicle
surface.

The earth radiates with the same intensity
and nearly the same spectral distribution as a
"black body" at L5U°R. Since the spectral distri-
bution of "black body" radiation dees not change
greatly between LSU°R and the expected temper-
atures cn the space station skin, the total ab-
sorptance of these surfaces to earth radiation
may be censidered equal to the totzl emittance,

The sun, on the other hand, radiates as a
"black body" at a temperature of £000°R, This
represents a spectral distribution radically
different from that of the space station surface
radiation, and therefere, the total absorptance
with respect to solar radiation, ofl,, is, in
general, different from the total emittance. It
is possible, by choosing coatings with a spectral
emittance which is low for wawvelengths shorter
than three microns, the region where most of the
solar energy is radiated, to obtain surfaces with
ﬂ} ratios as low as O,1. Cenerally the
ratic may be used as a rourh measure of eouilib-
rimm temperature. By reducing the amount of
solar radiation abscorbed while maintaining a high
rate of surface heat loss by radiaticn, the sur=
face tenperature can be regulated.

Emitted and reflected radiation exhibit
directional properties., The directional distri-
bution of emitted radiatien is usually such that
the intensity of radiatien in any directimn is
proportional to the cosine of the angle between
the direction of radiation and a nermsl to the
radiating surface, (Lamberi's Cesine Law) Such
radiation is termed "diffuse". 'Thile deviatiens
from diffuse emiscion will sometimes occur with
polished surfaces, in general, these deviations
are small encuch to be ignored. Reflected radi-
ation may also be diffuse, in which case the
cosine law for distribution is followed, repard-
less of the direction of the incident radiation.
The opposite extreme is "specular" reflection in
which the angle of reflection is egual to the
angle of incidence, ‘/hile no surface is a purely
specular reflector at all wavelengths, most pol-
ished surfaces will exhibit & sipnificant degree
of specularity, particularly st low angles of
incidence.

View Factors ‘'fhile the rate at which a
surface radiates is easily determined from its
temperature and surface characteristics, the
determination of the eventual destination of the
enitted radiation, which may either "escape" to
space or be reabsorbed by another surface, is a
cnmplex problem,

fissumine diffuse emission, the rate at which

radisation leaves an elemental srea dij and im=
pinres on a second elemental area dAp is given
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by
4+
4R, = o€l ca:rﬂ;?‘;aos M2 dAdA, |

where dzpand zare the angles between the
normals to the areas and the line between their
centers, and r is the distance between them. In
order to find the rate of radiation for two finite
surfaces, Ay and fp, this expression mst be inte-
grated over both areas, The ratio of the radi-
ation which leaves the emitting surface, A;, and
initially impinges on A2, to the total radiatien
emitted by Ay is called the direct wview factor, or
angle factor, from Ay to Az, and is denoted by
F1-2. The first step in the process of determining
the rates of radiative heat exchange between the
different sections of the space station is the
calculation of these direct view factors between
all sections which can "see" each other. Any
method of evaluation of the direct view factors
will involve the integration of Eq. L, either
exactly or by an approximate methrd, To perform
the intepration exactly, both surfaces must be
represented analytically and Fg, L inteprated in
closed form between the required limits. This
procedure can be carried out for simpie shapes,
most of which have already been investirated, a
the results made available in reneralized form,2s3
At the opposite extreme from exact intepration is
the simplest approximatien, both surfaces being
treated as "incremental" plane areas and Eg. L
applied directly without integratiom, This is a
good approximation when the distance bhetween the
surfaces is larpge relative to the surface dimen-
simns. Intermediate derrees of approximation can
be used by subdividing each surface into some
number of small "incremental" areas and summing
the radiation between them,

The direct view factors must be found in both
directioms (i.e. both F;_» and F,_,), and there-
fore it is usually convenient to aPply the reci-
procity relation

A‘|F1*L = ﬂka F£-£ (5)
to find the one from the other. Another relation
between the view factors which must be obserwved
expresses the conservation of emergy. 'Then the
direct view factor of space (fraction of radiation
from a surface which does not impinge on annther
surface} is taken into account, the sum of the
direct view factors for radiation leavines any
surface rmst be unity.

"Then interratine Do, L, it must be assumed
that rediation is emitted wniformly aver all of
This may not always be the case. For example,
skin sections may either have strong rradients
threurh them so that the inner and nuter faces
radiate at different temperstures, or else have
different values of emittance for the two faces.
In such cases, separate view factors must be
determined for each of the portimns of the surface
of a section which emit at a different rate

A,

nce the direct view factors between the
sections have been determined, one additional step
is necessary before the rate of radiative heat
transfer between the sections can be calculated.

4
UG‘A‘T‘ I__l-z "(’z (6)



denotes the rate at which heat is radiated from
k,, impinges on Ap, and is absorbed. However,
the radiation which is reflected from fp must
gtill be accounted for. This radiation may be
reflected back and forth any number of times be-
tween Ay and Ap and any other nearby surfaces,
some of it being abscrbed at each reflection,

The total view factor, é?iz: is the ratio of
the radiation emitted by A7 which is eventually,
after any number of reflections, absorbed by
surface Ap, to the total radiation emitted by Aj.
Unless the surfaces are completely absorptive (in
which case the direct and total view factors are
equal), the total view factors cannot be estimated
or calculated directly. However, once the direct
view factors and the surface abscrptances are
¥novm, it is theoretically possible to trace the
paths of all emitted radiation, as it is reflected,
by the repeated application of the direct view
factors. This process has been formalized |
glightly differing ways by Hottel,3 Eckert,% and
Gebhart,” all of whose metheds are based on the
following assumptions.

First, each of the surfaces must be isother-
mal, & requirement which is basic to the entire
analysis, Second, the surfaces must be "gray".

A gray surface is one which has a constant spec-
tral emittance over all wavelengths. Uhile this
is rarely the actual case, most surfaces may be
treated as effectively gray if the emittance is
constant over the wavelength band in which the
major portien of the radiant energy is concen=
trated. When this is not the case, the wavelength
range of interest must be divided into bands over
which the surfaces are effectively gray. The
calculation will be carried out for each band and
the results added together to give a final value
for the total view factor. The third assumption
is that the surfaces are perfect diffuse reflece
tors., In actuality, most materials deviate from
this condition, The external surfaces of a space
station would probably be given a hiphly reflec-
ting coating in order to minimize the rate at
which heat is abscrbed. Such coatings are rarely
purely diffuse reflectors. If the degree of
specularity is too great to be ignoreg, a2 modi-
fication to this method must be used.

Whether or not the errors in the total view
factors due to specular reflectance are too great
to ignore depends on the ultimate use of the view
factorg., If they are only to be used to determine
the rates of exchange between the sections, a high
degree of accuracy is not required. Hewever, if
they are to be used to determine the rates at
which the sections absorb radiation from the earth
and sun, greater accuracy is desired, If the
space station does not lend itself to the ana-
lytical procedures referred to above, either as a
result of extreme peometric complexity or diffi=-
culties with surface specularity, an alternate
method may be used to determine the rates of ab-
sorption of external radiation. This method,
involving reflectance tests on a scale model, is
described in the following section.

It was pointed our previously that many
coatings respond differently to solar radiation
and radiatien from lower terperature sources.
Becauge of the difference between the values of
ocand € for most coatings, the two types of
radiation sources must be treated separately.
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Therefore, two sets of total view factors must be
penerated. One set will be used to determine the
radiation between the skin sections, and the rate
at which earth radiatien is absorbed, while the
second set will be used to determine the rate at
which solar and albedo radiation are absorbed.

Radiation Heat Imput  While the heat
exchange rates between the sections are dependent
on the temperatures of the sections, the rates of
heat input by external radiation are only depend-
ent on the vehicle configuration, the radiative
characteristics of the skin sections, and the
relative positions of the earth, the sun, and the
space station., Therefore, these rates may be com=
puted independently of the overall transient heat
balance analysis., The heating rates should be
comuted for a sufficient number of positions in
the orbit so that the results may be tabulated and
interpolated accurately when used in the actual
transient calculations.

The caleculation of the rates of heat absorp-
tion by each sectirn is performed in two steps.
First, the rates at which the radiation impinges
directly (before reflections) on each section are
determined, after which, the rates at which this
radiation is absorbed can be calculated, taking
into account the possible multiple reflections
between the different sections,

In order to determine the rates at which the
earth and albedo radiste to each section, Eg. L,
the basic relation for radiatien interchanre be=
tween two surfaces must be used. In general, it
is necessary to integrate Eq. L over that portion
of the earth which radiates to the station., This
Uyisible cap" of the earth is treated as the emit-
ting area, A, and is divided geometrically into
a finite nur%er of incremental areas, Each section
of the skin is treated as a receiving area, dip,
and Eq. U is inteprated numerically by summing the
radiation from each increment of Ay. For earth
radiation, @€ T4 is taken as 66,?& BTU/hr=ft% of
radiating surface, 7, is the angle between the
normal to the incremeéntal area and the line from
the area to the station. 7,is the corresponding
angle for the normal to the skin section. Then
the skin section is treated as a single incre-
mental receiving area, so that no integration over

is performed, it is assumed that the secticn is
a flat plate, In this case, cos g,_dﬁg of Zg. L
represents the area of the section projected inte
a plane normal o the line of sight to the emit-
ting earth surface. Uhen the skin section is not
a plane srea it may be handled either by subdi=-
viding it further until it can be approximated by
plane sections, or by treating it as a sincle unit,
in which case the projected area in the appropriate
direction is substituted for cos 2f,diz. Two addi-
tional factor must be introduced into Ig, L when
determining radiation input. ‘henf,>90°, the skin
section is turned away from the incremental arca
on the earth and can receive no radiation from it.
It is also possible that a section which is orien-
ted so that it should be able to see the radiating
area has its view blocked by another part of © he
station. As a result of this possibility, each
section has associated with it a "shadow" factor
which describes whether or not another section o
the station casts a shadow upon it when radiation
comes from a particular directicn, and if so, what
amount of the section is shadowed, For a complex
confipuration, these factors may be very difficult



to determine analytically. In such a case, suf-
ficiently accurate aprroximations may be obtained
by using a scale nmndel and a cellimdted wisible
light source to show the radistion shadow pattern.

The proccss for albedo radiation is similar
tn earth radiation, however, only that jﬁvtiﬂn of
the wvisible cap which is lighted by the sun is
treated as en;ttinr ared. Tn deuer mine the inténe
sity of radiatirn from each incrcnentsl area
of Zq. L is replaced by ‘!2 2cos 3,J.L,"l.r--fté
uhcrﬁ‘?; is the anrle oeuvLep the *normal to the
inerepcntal arca and the carth-sun line, and @ is
the albcdo reflectivity of the earth, usually
teken as 0.38,

Ho integration is required fer solar radiaticn
since the sun may be treated 2s a point source.
Eq. 4 may be replaced by

d@,, = Cs cosm, 4A,

where Cg is the solar constant, Lk2 3“L}Hr-ft2 of
vehicle ptrchc for any 1acat1nq within several

thousand miles nf the earth, The shadow factor
must still be used, and in addition, there is the
possibility that the station lies in the earth's
shadow, where it will receive no solar radiatien,
The geometry involved in determining the crien-
tation of the earth, the sun and the station, and
the procedure to be followed in performing the
integration over the wisible cep of the earth is
covered in Ref. (7)

(7)

The information resulting from this wrrk is
a tabulation of the earth, albedo, and solar radi-
ation incident upon each sectirn of the space
station for a number of positiens throughout the
oerbit., It remains to deternine how much of this
radiaticn is actually absorbed, The initial ab-
sorption rates are given byolgand €, while the
radiation reflected from cach section will be
additienally absorbed as it impinpes on other
sectimms. If the radiation incident ~n a section
is reflected diffusely, its directional distri-
bution will be the same as if it were heins emit-
ted by the section. Therefrre, the total view
factors may be applied to determine the amount
absorbed by each section as a result of multiple
reflections. The ameunt of selar radiation ab-
sorbed by the ith section is piven by

R () = Qu ()t (mzqﬂ O[] F, o)

where Q'sun is the solar radiation directly inci=-
dent on a section, and the summation is taken over
all the skin sections. Albedo and earth radiatiem
are treated m an identical mammer, with € sub-
stituted for o the case of earth radiation.

In additien, sf;ce the total view factors are
dependent on the surface absorptances, the total
view factors used to determine the rate of zbsorp-
tion of earth radiation will, in general, differ
from those used for solar and albedo radiation.

This relatively straightforward procedure mey
not be applicable, either because the surfaces are
highly specular, or because the total view factors
cannot be determined with sufficient accuracy.
Under such circumstances it is necessary to resort
to scale model testing to determine the thermsl
radiatien inputs., The basic theory of radiatien
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model testing, w%ich follows a procedure published
by Tea and Daker“, requires a scale model which
duplicatcs the external confipuration and surface
radiaticn characteristics of the space station.
Radiation is sirmulated by a collimated light
source, messurerments of which are made with li~ht
sensitive cells such as solar cells, These cells
are placed en the model in nesitiens which are
revrescntative ~f the subdivision of the space
statimm surface, As the model nrientetimn is
changed :rith respect to the lirht, readings sre
taken on the cells and comrared with a2 monitoring
cell to shmr the radistion incident on each sec-
tion as a percentare nf the full intensity of the
beam., These readin-s rive the total of directly
incident radiation a&nd reflectied radiatien ulti-
mately incident n each scction. This procedure
was utilized for the [i055 study and wes shown to
be accurate and praciicable.

Some individeval considerations which must be
observed are as follows:

1. The model must be in a sufficiently
"black" enclosure to eliminate stray
radiation and prevent radiation reflected
off the model from returning,

2. The light scurce must illuminate the
model with a field of uniform intensity
and should be sufficiently collimated or
far enough from the model sco that the
beam is essentially unidirectieomal.

The cells must be small ennurh s0 as not
to interfere with the reflectance pattern
of the model.

3'

L, The respense of the cells should be
linear over the range teo which they are
sensitive. (Filtering of either cells
or source may be necessary,)

5. The surface costing of the model must be
"erey" in the spectral range which the

cells respond to.

Since both the direct and reflected radiation
are meagsured torether in this procedure, the
reflectance of the model must match that of the
space statien. Specifically, the model must have
the same total reflectance over the spectrum to
which the metering cells respond, as the station
has to the solar or earth radiation spectrum. If
ol and € of the station differ, two test runs must
be made so that both may be duplicated. Ideally,
the tests should be run over a ranpe or reflec-
tances, and the results fitted with a power series
in terms of P . This will allew investipating the
effects of changes in the space station coatings
during the analysis. In addition, if the desired
coating for the station is not "prey", it is pos-
gible, with this information, to po through the
proper procedure of bresking the spectrum dewm
into bands over which reflectance is constant.

The data resulting from the experimental
reflectance tests will be tabulations of the
percentage of full intensity radiation on each
section of the station as a funetion of the anpu-
lar orientation of the radiation source with
respect to a conrdinate system fixed on the
station.




In caleulating the radiztion from the incre-
mental areas of the visible cap of the earth, the
term ccafzi.was used to describe the percentage of
full intersity radiation directly incident en 2
section as a result of its anpular orientation
with respect to the direction of the incoming radi-
ation., Since the function evaluated in the re-
flectance tests gives the same infrrmatien for the
sum of both direct and reflected radiatien, it
may be substituted for cos 4, in Eq. L to obtain
the total radiation incident on each section., The
fraction of this radiation which is absorbed,
according to the values of ofg and € of each sec=
tion is the total external radiation heat input teo
the section.

Radiation Between Sectlons In addition to ab-
sorbing radiation irom the earth, the sun, and the
albedo, the external surfaces of the space station
reject heat by radiation to space. At the same
time, all sections of the station are involved in
a mutual interchange of thermal radiation. To
properly evaluate radiation between secticms both
the amount of radiation emitted by each section
and the total view factors which describe how the
radiation is reabsorbed must be kmown. It is best
to consider the radiation between externsl skin
sectioms separztely from radiation between sections
within the wehicle,

The entire external surface of the station
emits thermal radiation according to the Stefan=-
Boltzmann Taw, modified by the total emittance.
The emitted radiation may either "escape" directly
to space, or impinge on other sections of the
space station skin, The radiatioen which impinges
on other surfaces is partly absorbed and the re-
mainder is reflected. This process is identical
to the reflection and absorption situation de-
seribed for radiaztion inputsfrom external sources
and, correspondingly, the fractions of radiation
leaving a given section which are eventually re-
absorbed are given by the total view factors for
the external skin. Applying these view factors
directly to the emitted radiation we obtain the
rates of radiation exchange for the external skin.

4 4
Q=-0e AT, +Z_,1 oe; AT F, &
The view factors of spaceﬁ?fi spaces bhe fraction
of radiation emitted by a secfion which is not re-
absorbed by any section, does not appear explicit-
1y in this equation, however, it is related to the

other total view factors by
‘%?muus == é: éﬁij

thus assuring that all radiation leaving a section
is accomted for., ''hen the total view factors
between extermal skins sections have been evalu-
ated to a sufficient degree of accuracy to assure
that they properly indicate the amount of radi-
ation absorbed and conseguently, the amount
“escaping”, they may be used directly. Hewever,
when these factors have not been evaluated with
great accuracy, either as a result of too complex
a confifuration or difficulties with surface spec-
ularity, it is necessary to perform an independent
calenlation to determine the view factors of space.
The experimental procedure used to determine the
external radiztion input may be utilized to
evaluate 3y gpace. The results of these experi=-
rents, which were used to compute the amount of
radiation absorbed by each section from &ny ex-

(10)
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ternal source, should be used to compute the

smount of radiation to each section from & hypo-
thetical sphere surrownding the station. The ratio
of radiation absorbed by each sectien to the total
amount emitted by the sphere will be egusl to the
view factor from space to the section,

By the reciprocity relation, (Eg. 5), ,sﬁgﬁﬁgi
may be determined. The expression for'i, spsce
derived from this procedure is
i 2T
I
Fomee "-n-‘_/ n € | Fele,6)deods, n)
&va Ty =0
Uith this independent evaluation of & 5 ¢nace the
rough estimates of the total view f actofs may be

adjusted to satisfy Egq. 10 and then used in Egq. 9
to evaluate the radiastion exchange. While the
errors in the total view facters will result in
some discrepancies in the radiation between the
sections, the heat loss 'to space will now be
correctly represented.

Radiastion between sections which occurs within
the space station is also determined from Eg. 9
and hence is completely defined when the rates of
emission from each section and the total internal
view factors are known. The rates of emission can
be determined from the mean temperature, emittance,
and surface area of each section. "hile this
information is not difficult to ~btain fer the in-
ternal surfaces of the skin or lerge panels of the
internal structure, the structural framing and the
heat peneratins equipment usually have rather come
plex radiating surfaces. In addition, the analysis
must often be performed before the space station is
thorourhly desirmed, so that structuraldetails may
not be availeble, Therefore, rourh estimates of
the amount of emitting surface must usually be
made. Since most of the internal radiation ex-
change occurs between the skin and compartiment
walls, these insccuraciecs for the detailed strue-
ture can renerally be tolerated, The problem is
more critical for heat renerating equipment since
a large portion of its heat dissipation may nccur
by radiation., When the detalls of the eguipment
are not available, an upper limit on its capacity
to reject heat may be determined, since its
neffective" radiating surface area may not exceed
the area of the surfaces to which it radiates.

As was the case with the external skin, the
total internal view factors must be derived from
the direct view factors and the surface reflect=
ances, The direct view factors of preatest im-
portance, those between the immer skin, structur-
al paneling, and compartment walls, can usually
be determined by analytical procedures. Those
involving the less well defined structural com-
penents and equipment must be estimated as well
as possible, However perfunctory these estimates
may be, both the direct and total view factors
must satisfy the restriction that

‘T—‘:i,j = JZ‘FL,j =

in order te insure that no radiation is inadver-
tantly "lost".

(12)

Unlike the space station exterior, the in-
terior surfaces may have highly absorptive coat-
ings in order to reduce temperature variations
and eliminate "hot spots". If the surfaces are
highly a&bsorptive, the procedure for deriving
the total view factors may be applied without



great concern for the restricting assumptions.
When this is not the case, the restrictions must
be adhered to, particularly the assumption that
an entire surface is exposed to a uniform radia-
tien environment. This may require further sub-
division of the sections in order to determine
the view factors.

Conductive Heat Transfer

Conduction of heat will take place between
any of the skin, structure, or eguioment sectioms
which are in thermal contact with each other.

When two sections are in contsct through an inter-
face of area A, the rate of conduction between
them 1s given by

Q=%L ﬁi'A a%lj ﬂJA

where 34, 1s the temperature gradient normal to
the interface and k is the conductivity. Ihen
the conductivity is different on the -opposite
sides of the interface, the gradient is discon-
tinuous. ''hile this equation is an exact repre-
sentation of the conduction rate, there is not
sufficient information available from the analy-
sis to correctly evaluzte the gradient. The
major limitation on our ability to estimate the
gradient is that our knowledee of the temperature
distribution within a sectien does not go beyond
a !mowledre of the mean temperature. To nbtain
any further information it would be necessary to
additicnally subdivide the sections.

(13)

A general procedure for handling this prob-
lem requires the determinatien of the nominal
resistivity of the conducting path between the
fFeometric comters of the twe sections, It is
assumed that steady state conditions exist, the
mean temperatures occur at the centers of the
sections, and the only neat flow present is con-
duction throuph the sections and across the inter-
face, Then, if L is the distance from the inter-
face to the center of a section, and A is the
average cross section perpendicular to L, the con-
duction rate is given by

T -
=T + 5
Ak A E;
The denominator of this expressien, the thermsl
resistivity of the conducting path, is essentially
a constant of proportionality between the heat
flow rate and the terperature difference between
the sections. 'hile the approach may seem to
leave something to be desired from the point of
view of rigor, it represents the same order of
accuracy as the assumption of isothermal sections.
In addition, this approach is usually a good
representation of one of the more important con-
duction activities which occurs, the removal of
heat from heat penerating equipment, Here, the
flow is zenerally unidirectional, from the high
temperature source, the eguinment, throurh struec-
tural members, to a lower temperature sink, the
gkin, In the preliminary desipn stapes, it is
often an important part of the problem to deter=
rmine how rood a conducting path is reguired to
keep the equipment temperatures at a reasonable
level, For this purpose, the thermal resistivity
is the simplest parametric representation of a
generalized conducting path.

Q= (L)
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Convective Heat Transfer

Convective heat transfer occurs between the
air masses and the surfaces which they contact,
The basic equation for convection is

CQ'= jkfip CWT; "Fr;.)

where A is the surface area, T; and Ty are the
surface and air temperatures respectively, and
hy is the convective film coefficient.

(15)

‘hile it is not absolutely necessary that a
marmed space station contain an atmosphere, it is
assumed that this will be the usual case, In
this event, the effective operating temperatures
of the station will be determined by the tempera-
ture of the alr within the different compartments,
Therefore, careful treatment of the convective
heat transfer process is necessary since it is the
only means by which the air can absorb or reject
heat.

The item which introduces the greatest com-
plication in the determinstion of the cenvection
rates is the film coefficient, The £ilm coeffi=
cient is dependent on the compositien of the
space station atmosphere, its pressure, the con-
dition of the surface, and the velocity with
which the air passes over the surface, The most
difficult factor to determine is the velocity of
the air over the surface, This will be affected
by the rate of air circulation between compart-
ments, the expected pattern of flow, the degree of
free access of the air to the surface, natural
convection due to rotationally induced gravity,
and a host of other items. In general, the sit-
uation is very similar to the problems encounter-
ed in aircraft air conditioning and ventilatien,
and liberal reference should be made to the avail-
able literature on this subject.

While the convective heat transfer to the
equipment is correctly described by Eg. 15, there
is rarely sufficient information available to
allow a description of the equipment in terms of
convective surfaces and film coefficients, When
a rouph estimate of the effects of egquipment heat-
ing is needed. it may be assumed that the equip-
ment operates at a constant temperature and man-
ares to reject its entire heat load tn its sur-
roundings. The rates of heat rejectien by con-
duction and radiation are then determined from
estimates of the effective radiating surface and
the conduction paths, The remainder of the heat
load is then assumed to be taken up by the air
within the compartment. From the analysis, it
may be determined whether the air remains at a
low enough temperature for such a heat rejection
rate to be possible,

When the space station contains an atmos-
rhere, the air mass sectimns exchance heat with
their surroundines by convection and with each
other by an interchange of mass flows. The air
mass sections are initially determined by sub-
dividing the volume which is occupied by the air,
usually according to vehicle compartmentation,
“lhen there is mass exchanpe by flow between the
sections, the identity ~f the air comprising any
section will be constantly changing, However,
since the total mass of each section is constant,



a heat balance may easily be written. The rate
at which air leaves any section is equal to the
rate at which it is returned from the other sec-
tiens. The heat pained by a section is equal to
the heat content of the incoming air, less the
heat content of the outgoing air.

Some care should be taken to avoid a pos-
gikle numerical interration difficulty which can
arise when high flow rates between the sections
are used, If a large portion of the air in any
section fs exchanred in one integration inter-
val, a diverrent escillatien in the sections
temperatures may result. This may be avoided by
reducing the intepration interval or by elim-
inating rapid chanzes in the air flow rates,

MOSS Study

The methods described in this paper have
been applied to a manned orbital space station,
{(M0SS), in a study for NASA's Langley Research
Center, The confifuration studied consisted of
an inflatable torus, 32 ft. in diameter, con-
nected by inflatable spokes to a rigid cylinder
in the center. The torus was to be used as the
living cuerters and work area for the crew,
while the eylinder housed the bulk of the equip=-
ment, An erectable solar collector, which was
used as a source of power, protected the wehicle
from directly incident solar radiation. The
steady power requirements resulted in an inter-
nally generated heat load of 10,000 BTU/hr,

The object of the study was to determine

a method for rerulating the temperature within
the torus without resorting to an active ther-
mal control system which would require chanres
in the heat load, the use of variable surface
coatings or any method of altering the thermal
radiztion input rates. The procédure developed
was based on the repulation of air flow between
the torus and the equipment eylinder.
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The torus was given an aluminized surface
with an el = .25 and an € = ,08, The cylinder
had a porcelain enamel finish with an = 2%
and an € =,75. 'ith no circulation of air be=-
tween the torus and the cylinder, the torus
temperature varied from 50°F to TO°F during an
orbit, while the cylinder temperature varied
from 120°F to 170°F, In order to reduce the
fluctuation of temperature in the torus, air was
circulated between the torus and the cylinder
during the cold portion of the orbit., Vhen the
rates of flow were properly controlled, the
torus could be maintained at a constant temp-
erature of TO°F while the eylinder varied from
80°F to 170°F.
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LIFT CONTROL DURING ATMOSPHERE ENTRY FROM SUPERCIRCULAR VELOCITY
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This paper presents an analysis of a guidance
method which uses a reference trajectory. The four
state variables needed to prescribe the trajectory
ere used as follows: Velocity is made the inde-
pendent varisble, and the errors in the rate-of-
climb, acceleration, and range varisbles away from
the reference are used to govern the lift. A 1lin-
earized form of the motion equations i1s used to
show that this represents a third-order control
system. First- and second-order control terms
(rate of climb and acceleration inputs) are shown
to determine the entry corridor depth by stabiliz-
ing the trajectory so that the vehicle does not
skip back out of the atmosphere or does not exceed
& specified acceleration limit. The destsbilizing
effect that range input (the third-order control
term) can have is fllustrated and the results indi-
cate that a low value of range input gain must be
used at the high supercirculer velocities while
larger values of range input gain can be used at
lower velocities.

The usable corridor depth and range capability
with this guidance system are demonstrated for a
1ifting capsule (L/D = 0.5). The practical appli-
cations of this system are illustrated with a fixed
trim configuration wherein roll angle is used to
command the desired 1lift. The results show that
the guidance system requires only one reference
trajectory for sbort entry conditions as well as
for entry conditlons near the design values.

Introduction

Current and future menned space flight projects
require the development of entry guidance methods
applicable to blunt-shaped vehicles entering the
earth's atmosphere at supercircular velocities.
These guidance systems must regulate small 1ift
changes in such a manner that constraints, such as
acceleration and heating, are not exceeded and thet
the vehicle arrives at a predetermined destination.
Various entry guidance and control methods which
meet some or all of these needs have been consid-
eredl-12 and although these studies do present
solutions to the problem, they do not esnalyze in
detail the contrel parameters which strongly influ-
ence the entry guidance system. It is the purpose
of this paper to demonstrate, by means of control
system analysis techniques, the influence of vari-
ous control parameters upon the trajectory motion.
A simple guidance method, using & reference trajec-
tory, will be developed from these principles, and
& linearized form of the entry motion equations
will be used to describe mathematically the trajec-
tory dynamics resulting from this guidance method.

This guildance technigue will be demonstrated
for entries of a low-1ift (L/D=0.5, W/CpS =48 psf)
vehicle with entrance conditions (a velocity of
36,000 ft/sec st an altitude of 400,000 ft) that
are to be expected in the return from a luner mis-
slon. As previously shownl%,;15 the entrance velo-
eity requires that 1ift be varied in such a manner
that it does not let the vehicle skip out of the
atmosphere or exceed a given acceleration limit.
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The use of lift variations to keep the vehicle
within these constraints will be studied and the
manner in which renge must be controlled to reach a
desired endpoint will be considered. Finally, as a
practical application, the control system is illus-
trated with a fixed-trim configuration in which
roll angle is used to control lift during entry.
The guidance characteristic of this system is shown
for entries from a lunar mission as well as for
entries at possible abort conditions.

Control System Analysis

Dynamics of Entry Motion

In order to study the dynamics of entry motion
a sel of equations is needed which not only
describes the important aspects of the motion but
which also has simple analytical solutions for use
with control system analysis techniques. The equa-
tions of motion in the plane of the trajectory in
their standard form - two second-order nonlinear
differential equations with time as the independent
varisble - can only be solved by a computer and
they do not, as such, lend themselves to a general
analytical solution. Chepman® has shown that
these equations may be approximated by one second-
order nonlinear differential equation with normal-
ized velocity, U, as the independent varisble.
Although his eguation does indicate the important
control aspects in entry motion, its nonlinear
nature does not allow the use of standard control
system analysis techniques. Before the Chapman
equation can be used to analyze the trajectory
motion, it must be linearized. The linearization
given in the appendix will be used throughout this
paper to illustrate the effects of various trajec-
tory parameters that might be used to govern 1lift
variation.

Fig. 1(a) shows a block diagram of the
linearized equation of motion derived in the appen-
dix. The equation of motion is a second-order
differential equation in either altitude, accelera-
tion, or temperature along the trajectory. However,
when range is considered, the equation beccomes a
third-order differential equation. To illustrate
the dynamics graphically in terms of the variation
of trejectory parameters with veloeity, u, a simpli-
fied representation of the motions at the bottom of
skip is shown in Fig. 1{b). When the altitude,
acceleration, and temperature are near a maximum
(or minimum) their corresponding rates of change
must, of course, change sign. Also near this point,
the range curve has an Inflection point. The curves
on Fig. 1({b) indieate graphically the integrations

1/s) shown in the block diagram.

It is interesting to note the loops inherent
in the motion equation shown in Fig. 1. The upper
loop, (1 - ©%)/A%, corresponds to the spring con-
stant of the second-order differential equation,
and, therefore, it determines the natural frequency
of the trajectory oscillation. This loop is stabi-
lizing when velocity, u, is less than 1 (local cir-
cular veloeity), but it is destabilizing when
velocity is greater than 1. The lower loop, 1/4, is
a first-order damping term that adds damping to the
trajectory oscillations.




This simplified representation of the dynamics
gives some insight into the terms a 1ift control
system should incorporete. For instence, 1ift var-
iation controlled by range measurements represents
a third-order system. It can be reasoned that this
third-order system, like eny octher classical third-
order control system, needs first- and second-order
feedback terms for satisfactory dynemic response.
The first-order term in this case is represented by
the rate of change of altitude, acceleration, or
temperature and the second-order term can be repre-
sented by the value of altitude, acceleration, or
temperature. It appears that simple entry control
techniques can be conceived by consideration of
these system dynamics. One method which will be
demonstrated here is the guidance sbout a stored
reference trajectory. The system chosen uses the
difference in range from that of the reference tra-
jectory as the third-order feedback term, with
errors in acceleration and in rate of climb used as
gecond- and first-order feedback terms. The com-
mand equation for lift-drag ratio is

L/D = (L/D) .op + Kafh + Kaf\A + Kot

where (L/D)pes 18 the L/D function used to
deseribe the reference trajectory, and the error
quantities, Ah, Ad, and AR, are the difference
between measured variebles and the stored reference
variasbles s a function of the veloecity, u, along
the trajectory. A block diagram of this control
system is shown in Fig. 2.

The trajectory dynamics mssociated with each
of the feedback terms in this control system will
be shown. Comparison of the trajectory moticons
resulting from simulated controlled trajectories
will be made with the linearized analytical expres-
sion of the motion taken from the appendix. The
use of first- and second-order terms (h, A) to con-
trol the trajectory and thus assure a satisfactory
corridor depth will first be discussed. Then the
manner in which the third-order range term must be
used will be demonstrated and the maximm value of
downrange and crossrange availeble will be
determined.

Design Reference Trajectory

The reference trajectory to be used must be
precomputed for the desired path through the atmos-
phere to the desired touchdown. The entrance con-
diticns for the reference trajectory are limited to
those within the safe entry corridor. This corri-
dor, which can be defined in terms of possible
initial entrance angles, is presented in Fig. 3 in
relation to the overshoot boundary, where the
vehicle will just stay within the atmosphere, and
the undershoot boundary, where the vehicle will
reach a specified deceleration limit. The refer-
ence trajectory is computed for a prescribed L/D
variation which gives the desired path through the
atmosphere. In this report the computed reference
trajectory is expressed as an L/D function
proportional to rate of climb.

(LIID) ref - K:Lﬁref

Fig. 4 shows typical trajectories obtained
when L/D 1is controlled by a constant-gein
(Ky = -0.001/fps) feedback for various initial
entry angles. With this program for L/D the max-
imm value of L/D 1s commanded for the initial
portion of the entry; L/D is then varied, as the

function of rate of climb, to stabilize the trajec-
tory; and, finally, at subecircular velocities,
gbout half of the meximm IL/D availeble is com-
manded, thus giving a trajectory within the center
of the subcircular maneuvering capability of the
vehicle. The reference trajectories in Fig. 4 have
a particular variation of rate of climb, accelers-
tion, and range with respect to velocity which can
be used for the reference values in the complete
control equation

L/D = (L/D),ep + Kaoh + Kat0A + KafR

The (L/D)per 15 that L/D used to deseribe the
reference trajectory, (L/D)rer = Kifiper. A simpli-
fication can be made in this equation by noting
that with this particular reference trajectory

(L/D) per + K18 = Kyhirep + Ky(B - Bpeg) = Kah

so that the equation reduces to
L/D = Kih + Ko0A + KgAR

Trajectories, also shown in Fig. 4, represent
limiting values for the constraints used in this
study. The overshoot trajectory (y, = -4.6°)
defines the skipout limit since the maximum nega-
tive 14ft, in this case L/D = -0.5, fails to keep
the vehicle within the atmosphere. The steepest
entrance angle ¥, = -7.5° shown in Fig. L is deter-
mined by the acceleration 1limit (-10g) which is a
funetion of the maximum acceleration force that can
be tolerated by the vehicle or crew. The -10g
acceleration 1limit is shownl” to be a realistic
value for humens. The effect of the permissible
acceleration level on the corridor boundary will
be demonstrated.

Control System With Acceleration and Rate-of-Climb
Inputs

The effects of the various feedback quantities
upon the entry trajectory can be shown by using the
input quantities Independently and in combination.
The first quantity to be considered is acceleration
feedback which 1s used to control L/D din the
following manner,

Fig. 5 shows trajectories for various entry
conditions where L/D was controlled only by the
acceleration error. It can be seen in Fig. 5 that
the resulting trajectories are very oscillatory
sbout the reference trajectory. The oscillatory
character of this control is to be expected because,
as was polnted out earlier, the acceleration feed-
back is of second order and would thus modify the
frequency, but not the demping, in the eguation of
motion.

Since the trajectories are highly oscillatory
when only acceleration feedback is used, it would
seem reasonable that the addition of rate of climh,
which is essentially a first-order feedback quan-
tity, will damp the motions. The combined acceler-
ation and rate-of-climb trajectory control is
specified by the following equation

L/D = (L/D) per + Katth + K2t

This method of control is 1llustrated in Fig. 6
wherein the acceleration error AA 1s shown versus



velocity for various constant K; gains in the
trajectory control equation. The effect of the
rate-of-climb control is particularly evident in
this figure because, as can be seen from the curves,
when the X3 gain is increased, the resulting
vehicle acceleration damps quite rapidly to the
aceeleration profile of the reference trajectory.
When rate-of-climb feedback gain is approximately
-0.001/fps, the damping, as can be seen in Fig. 6,
is almost eritical and the vehicle acceleration
reaches the design trajectory acceleration with a
small amount of overshoot by the time the vehicle
}rel{:—cf}cy has decreased to local circular velocity
a=1).

An approximate analytical description of the
trajectory dynamies for this combined rate of clinb
and acceleration feedback can be cbtained from the
linearized equations in the appendix. From the
appendix the linearized characteristic equation
with combined rate of e¢limb and acceleration
feedback is

&= +(%- 25,&00K1)s+900<-1:1%-:—f‘2 = 1{2>= o}

from this eguation
2wy = L - 25,800K;, (radians/unit of %)
u

and
wp? = 900 5—;—“5 . }Cg), (radians/unit of )2
Rref

If K; and Kz are set equal to zero, these expres-
sions for damping and frequency reduce to the val-
ues inherent in equations of motion with no L/D
variations. It can be seen that if K, and K> are
negative numbers, they will increase the damping
and the frequency of the trajectory oscillations.
If, for example, we set K; = -0.001/fps,

Kz = -0.33/g at 1 = 1, the computed damping factor
is ¢ = 0.78. The corresponding curve of Fig. &
compares favorably with this result. The approxi-
mate formulas for damping and natural fregquency can
be seen to give a quantitative as well es a guali-
tative insight into the effect of the rate-of-climb
and acceleration gains upon the vehicle trajectory.

Typical rate-of-climb and acceleration-
controlled trajectories are shown in Fig. T for
various initial entry angles. It can be seen that
for the usable range of entry angles, the vehicle
trajectory damps to the reference trajectory by the
time the wehiele weloclty has decreased to
approximately local circular velocity.

Usable Corridor Depth

The limits of entrance angle within which a
gpecific vehicle will enter the atmosphere without
violating any of the constraints placed upon its
trajectory determine the usable corridor depth. A
comparison is made in Fig. 8 of the usable corridor
depth for the three control combinations considered
thus far. From Fig. 8 1t is seen that with L/D
variation controlled by combined acceleration and
rate of climb, the usable corridor depth is almost
equal to the aveilable corridor depth. When L/D
variation is controlled by acceleration errors, the
usable corridor depth is approximately 10 miles
less than the availlable corridor depth regardless
of the acceleration constraint placed upon the

trajectory. When IL/D is controlled only by rate
of climb, the useble corridor depth is about

13 miles less than that available. The data in
Fig. 8 represent the maximm usable corridor depths
to be expected with the given K; and Kz gains.
The usable corridor is primarily a function of the
first- and second-order feedback terms. Additional
effects of range, the third-order feedback term,
upon the trajectory characteristics will next be
considered.

Control System With Range Inmput

A control system using range measurements in a
faghion that will assure the vehicle's arrival at a
desired destination at the end of the reentry is
preseribed in the following manner:

L/D = (L/D) per + K12l + KphA + KafR
or, for the particular case considered herein,
L/D = Kyh + Kanh + KafR

The range error term, AR, is the difference between
range to the destination and range the reference
trajectory will traverse. If this error is zero by
the end of the trajectory, then the vehicle will
reach its destination. The terms K,Ah and KanA
are those described in the previous sections and
are used to give acceptable control of L,fD.

The effect of range input gain, Kg, is shown
in Fig. 9 for a given initial renge error sbout a
glven reference trajectory. Using a low value of
galn does not correct entirely the range error by
the end of the trejectory. On the other hand,
large values of range input gain will overcontrol
the vehicle and can cause 1t to skip out as shown
in the figure. In order to gain a better under-
standing of the problem, an spproximate analytical
expression for the trajectory dynamics derived in
the appendix can be used to assess the effect of
range-error gain. From the appendix the linearized
motion equation at local points along the
trajectory can be stated:
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-Ka)sB
Afer

§3:600% g
Apef

2 4 (ﬁ - 25,8001{1) 52 + 900

This 1s a linear third-order equation and the stan-
dard methods of control analysis can be used to
gain ingight into the trajectory dymamies. One
simple method of analysis is to determine the val-
ues of Ks which make this equation stable. From
Routh's eriteriom for stabllity, Ks must be
positive and also
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The sbove expression can be used to determine the
upper 1imit on Ks (f.e., the upper limit based on
atability consideration) and can be used to cbserve
the qualitative interaction of X, Ko, Ka, and 1
on trajectory stability. From the sbove equation,
increasing the magnitude of K; and Kz will allow
the upper limit cn Kz to increase and 1t is
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important to note that the upper limit of Kz will
increase as U decreases. To maximize range capa-
bility and drive the range error to zero by the end
of the trajectory it is desirable to have & large
value of range input gain, Ks, but still maintain a
margin of system stability. This value of gain
must be small, then, when u 1is large (i.e., u >1)
end larger values of gain can only be used when i
is emall (i.e,, @ < 1),

The maneuvering longitudinal range capability
boundaries as a function of initial entry angle
that result from various range input technigues are
presented in Fig. 10. In this figure the range of
the reference trajectory i1s 3400 miles and rate-of-
climb feedback gain and acceleration feedback gain
are held constant, The curves labeled range input
from i = 1 were obtained with Kg = O when u > 1
and K3 = 0.005/mile when 1 < 1, and the curves
labeled "range input" from @ = 1.4 mean that
Ka = 0.0008/mile when @ > 1 and Ka = 0.006/mile
when @ < 1. It can be seen that If range control
is exerted only when velocity is less than local
eircular veloeity, the vehicle has & range capabil-
ity of approximately 2000 miles for any entry angle
within the usable entry corridor. In contrast,
when two-step range input is used from 1 = 1.4 the
range capability is increased 500 to 2000 miles,
depending upon the initial entry angle. However,
for shallow entry engles and for flight ranges
greater than the reference trajectory, there is an
approximate 6-mile reduction in the usable entry
corridor. This is because, if for shellow-entry
angles an attempt is made to extend range when
4 > 1, the range input will overpower the first-
and second-order input terms and cause the vehicle
to skip out. Even though there is this slight loss
in usable corridor depth, this use of a small range
input gain at the higher velocity adds considersbly
more useble range.

The attainable ground area for two different
corridors is shown in Figs. 11(a) and 11(b). The
conics in these figures represent the vacuum tra-
Jectories for the extreme entry angles at the
boundaries of the corridor in each case and the
shaded areas represent the ground area that can be
reached from any entry angle within the corridor,
In Fig. 11(a) for the 3L-mile usable entry corridor
depth between 7, =-5.3° and 7, = -7.5° the attain-
able ground area is about 2200 miles of downrange
capability and from 250 to +350 miles of cross-
renge capsbility. In Fig. 11(b) for the 1.‘L-mi.1e
usable entry corridor depth between 7, = -5.8

= -6.5° the attainsble ground area for the
vehicie is 3900 miles downrange and 250 to
+550 miles crossrange. These date illustrate the
trade off that must be. considered between the
specified corridor depth and attainable ground area.
This demonstrates that the largest ground area can
be attained if the entry can be made within the
smallest specified corridor. These data also show
the capabilities that can be expected for the
supereircular entries. The following section
illustrates the application of these control-system
prineiples to a particular vehicle.

Control-System Application

The control-system principles described in
this study will now be demonstrated by application
to a particular entry vehicle, The vehicle chosen
is a 1lifting capsule configuration trimmed by
center-of -gravity position to give a constant angle

of attack that produces a ratioc of 0.5 between the
forece normal to flight path and the drag force
along the flight path. The vehicle roll angle is
then used to control the 1ift force in the vertieal
plane during entry. This roll-angle command method
will be 1llustrated for entries from a lunar mis-
sion, as well as for entrles from sbort conditionms.

11-Angle Command

The control method described in this study is
‘used merely to null errors in the trajectory vari-
sbles. It 1s therefore reasonable to expect that
the full transformation that relates roll angle
to L/D [L/D = (L/D)gay cos 9] need not be used in
the command equation. Instead, the following sim-
plified command equation, which was found to be
adequate, will be used.

Ipl - 90° = K3h + KaoA + KaAR

The predetermined reference trajectory that is
needed for this control system is ccu:uputed. by con-
trolling a trajectory with |g@| - 909 =

exactly as was done in the previous section
During en entry, the Kih and KbAA terms in the
command equation cause the vehicle trajectory to
converge to the design trajectory; the range input
term, K&3AR, can be used to null the range error so
that the vehicle reaches a prescribed destimation.
In the command equation a low value of range gain,
X4, 1is used when vehicle velocity is greater than
local circular velocity. Larger values of range
gain, compatible with the previous stability con-
siderations, are used when wehicle veloclty is less
than local circular velocity.

The command equation determines the magnitude
of the roll angle, and the sign of the roll angle
is determined by crossrange. The method of deter-
mining the sign of the command roll angle by cross-
range to the destinetion is shown in Fig. 12. The
method is to let the vehicle fly to one side until
the crossrange to the destination exceeds a value
specified by a design envelope at which time the
sign of the roll-angle command is reversed. The
alloweble crossrange design envelope is made a
function of % which is shownl® to be a good
approximation for crossrange capabllity of a
vehicle, particularly when its speed i1s less than
loeal eircular veloeity. For the control system
used here the crossrange to the destination is
allmn:d. to become equal to approximately one-half
(100 &%, miles) the maximum crossrenge capability of
the vehiele, at which time the sign of the roll-
angle command i1s reversed. This procedure usually
entails & meximm of four to six roll reversals
during typleal entry trajectories.

Entry From Lumar Trajectory

Both automatic and piloted control have been
studied for this type of roll-angle command system.
Fig. 13 shows a typlecal trajectory in which roll
angle is controlled by the automatic system. It
can be seen that the crossrange error becomes zZero
by the end of the trajectory, and the downrange
error, which is initially -1500 miles, converges to
zero at the end of the trajectory. The attainable
ground area and usable corridor depth cbtained with
this roll commend system is essentially the same as
given by Fig. 10, where & similar 3400-mile design
trajectory was used. It is important to note that
this range capability is achieved with cne design
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trajectory. If greater ranges are required than
+hose shown in Fig. 10, another design trajectory
will have to be used. The range capability is
essentially the same for either automatic or
piloted control because under normal conditlons the
task of following the command roll angle cah be
accomplished by either with nearly equal facility.
However, the pllot will strongly influence the
successful completion of em entry mission when an
emergency situation occurs. For instance, simuila-
tion studies with NASA test pilots indicate that
this particular roll-angle control task can be
accomplished even when the short-period stability
augmentation system fails.

Entry From Abort Trajectorles

The possibility of an abort during a lunar
mission poses the most stringent requirement that
can be placed upon & guidance dystem - that 1t be
able to cope with those conditions which are
extremely far from the design trajectory. Typical
abort trajectories were flowm using this roll
command guidance system and are shown in Fig. 1h.
These trajectories represent reentries at
26,000 ft/sec and 32,000 ft/sec where the destina-
tion is 1,500 miles from entry into the atmosphere.
Many extreme abort conditions were investigated.
The sensitive situation for this guidance system,
and one which would be diffiecult for most guidance
methods, was found to be emergency entry Iin which
the vehicle at the bottom of the first skip is near
circular velocity and range extension 1s needed
from this point to reach the destination. The
entry at 26,000 fps in Fig. 1k 1llustrates such &
sensitive situation. Although these entry condi-
ticns are quite different from the reference tra-
Jjectory, the guidance system is able to govern the
trajectory so that the vehlcle reaches its destina-
tion and none of the acceleration constraints are
violated.

The abllity of this control system, which uses
only one reference trajectory, to handle these off-
design entrance conditions is due primarily to the
fact that the four state varisbles needed to
describe the trajectory are contained in the guld-
ance law. This is eguivalent to the fact that all
three of the feedback loops are used in the third-
order control system described as a funection of
velocity. This control system therefore is able to
damp out the oscillations along the trajectory and
guide the vehicle to a desired end point.

Conclusions

It has been shown in this paper that reentry-
trajectory control systems can be represented as a
third-order control system described with respect
to veloeity. The first- and second-order feedback
terms determine the vehiele's usable corridor depth
because they damp the vehicle trajectory to the
reference trajectory in such a way that the wvehicle
does not skip out of the atmosphere or exceed speec-
ified acceleration limits. Range error feedback,
the third-order term of the control system, must
have a high gain at velocities less than local
¢ircular velocity to insure that range errors are
zero by the end of the trajectory, and the feedback
gain must be low at higher velocities to insure
trajectory stability.

A system using one reference trajectory was
investigated for a low L/D vehicle and super-
cireular entry velocities. The results indicate
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that for a 34-mile usable corridor depth, attain-
able downrenge increment is on the order of

2200 miles, and for ean 1ll-mile usable corridor
depth, attainable downrange increment is on the
order of 3900 miles.

This reference trajectory system was demon-
strated for a lifting capsule configuration where
roll angle is varled to modulate 1ift. The control
system using only one reference trajectory gives
setisfactory guidance for entries from design super-
circular velocities as well as entries from abort
or emergency conditions.

Appendix

An approximste equation that represents the
dynamics of the equations of motion a&bout & refer-
ence trajectory can be derived by & linearization
of the following Chapman egquationl®

B om a MBI ,
i & Pz i
where
7o P& B
2(m/cps) B
Z' and Z" are the first and second derivatives

with respect to 1.

Let AZ", AZ', and AZ denote the variations
of the vehicle trajectory from a reference trajec-
tory; then equation (1) can be written in the
following form:

Zper + LZ

(2l v 82%) %(Zi-er + A7) + =

P Zref -
@ (Zres + £Z) \Pref -

f;)= _fEr ()

Now if this equation is linearized by neglecting
(az)2 compared to Z2.p, it becomes:

A At
.'.'SZ——-{_—I-—-+ -_P+ﬁr;-¢32
--Z'fer*rz’:er—(%-—;;?: me—m_ 2
(3)

This 15 a linear differential eguation In A¥Z with
varisble coefficients. The left side is the "char-
acteristic egquation" that describes oscillations of
the trajectory about the reference trajectory
defined by the right side of equation (3) when
L/D = (L/D)yer. Then when L/D = (L/D)..p the
right side of the eguation is the Chapman equation,
(1), for the reference trajectory and may be set
equal to zero. o
By noting that - Pr @lpar = Arer and that
1/%® 1is smell compered to (1 - ©)/(F2Z8:¢).

equation (3) may be written:
sz . A2 .Gr(lz- &) pp - - ABEALD)
E Ater L




The operator transform of eguation (4) may be
written: (Note that di in egq. (1) is negative
during solution of an entry trajectory.)

1

g2 +
a

-
g 4 Pr(1-T)

| oz~ - LD (5)
Aref "

The dynamics of this characteristic equation
will be deseribed for various functions controlling

A(L/D) .

Rate-of-Climb Input

The expression for rate of climb in the Z
function notationl® is h = Jg/B (uz' - 2), fps;
1L/D 1is controlled by h errors about the refer-
ence trajectory in the following manner:

A(L/D) = Kaph = K, JefB (382! - aZ)

This &(L/D) can be substituted into egquation (L)
to obtaln the following result:

5= +(% - Klﬁjgr) 8 +

Br(l - 1.-12:' _ Kl.ﬂgr =0
Aer =

Then at each local point along the trajectory, the

damping and natural frequency can be approximated
by:

2Lw, = % - Ky Jer, radians/unit of i

-
s

=
wy® MZ‘%—”~ z E}E, (radiens/unit of @)°
ef i

s

e T

L.

From these approximate solutions, importent features
i of the dynamics can be noted. The gain K; must
be negative to increase the damping of the trajec-
tory and this in turn increases the natural fre-

5 quency. The inerease in mn*'a is very slight,

" however, for the K, large enough to give near

- critical damping (§{ = 1); so then rate of climb is
~ egsentially a simple first-order feedback term,
that is, affecting the damping only. In future
derivations the Kj; contribution to natural
frequency will be omitted.

nd Space admintstratien
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Acceleration Input

s
]

'."‘aq'ﬁ' &

The expression for acceleration in the 2
funection notationl® is A = - Jpr 0Z, g. Acceler-

ation errors control L/D about the reference tra-
Jectory in the following manner:

A(L/D) = Kabh = Ko (BT G4Z

This value A(L D) can be substituted into equa-
tion (l4) to cbtain:
Ke) = 0

32+%

8 + pr la;ﬁa—..

ref

100

At each local point along the trajectory, the
dynamics may be approximated by:

Lu, ® % radians/unit of 1

w? = pr (‘1_"2 i Kg) , (radians/unit of @)%
ref

It is apparent then that if K- is negative, the
natural frequency is increased and Kz will not
affect the damping.

Renge Input

The expression for range in the Z funetion
notationl® is
e
’
iz %

The L/D 1is comtrolled by range errors about the
reference trajectory in the following mamner:

r

R =
5280 JBr

miles

a% = KaAR )
Kt j‘“‘ (Zper - AZ)dT
5280 JBr |Ji, (Zrer - AZ)(Zrer + A2)
i fﬁl _ai_
Uz Zrer
If AZR 1s neglected compared to Zoep this
becomes
Ty
L r AZ
A= Kg f an
o 5280 JBr Jiz Zper

This value of A(L/D) may be substituted into equa-
tion (4) and the equation becomes

L2y Br{la- &) s
u Arer

Br3iKg
5280A%er

83 + +

For this third-order equation not to have a posi-
tive root, Kg must be grester than zero and 1u
must be less than unity. An upper limit for Ks
may be determined by using Routh's eriterion for
stability; that is, the trajectory will be stable
if
-2
K'a o l-u

)

r

As is shown in the text, other inputs (i.e., accel-
erations and rate-of-climb control) will add damping
+to the control system and permit a larger value

of Kz than the one shown here for range error
input alone.



Notation
A horizontal acceleration, g units
Cp drag coefficient, S
(1/2)pV38
D drag force, 1b
E local gravitational acceleration, ft/sec?®
h rate of climb, fps

Ki1,Kz,K3 gain constants

L 1lift forece, 1b

m mass of vehicle, slugs.

T distance from planet center, ft

R downrange value along & local great cirele
route in space, miles

8 surface area, ft?

u circumferential veloc¢ity component normal

to radius vector, fps

i dimensionless ratio,
u u
circular orbital velocity’ [&r
v resultant velocity, fps
W welght of vehicle, 1b
] atmospheric density decay parameter, ft~™*
oy flight path angle relative to local
horizontal; positive for climb
p atmosphere density, slugs/cu ft
i) roll angle, deg
& damping factor
radian
natural fre —_—
g FEAUEneY, it of B
Subseripts
ref respect to reference trajectory
1 initial value
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IEnDEZVOUS GUIDANCE TECHIOLOGY

Robert 3, Swanson, Consultant
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Northrop Space Laboratories

SUFARY

The literature on rendezvcus guidance technology
is reviewed and a bibliography of about 160 docu-
ments is presented. The importance of the proper
selection of the ascent trajectory and of the
orbit for a manned space station or an orbiting
lawnch complex is emphesized. The way the launch
delay problem affects the selection of the ascent
trajectory and the target orbit is discussed, A
gpecific ascent trajectory and an orbit for a
manned space station or an orbiting launch com=
plex is recommended on the premise that launch
delay problems will continue to outweigh most of
the other orbit selection criteria,

A new method for determining the velocity correc=—
tions required for mid=course guidance is pro=
posed., The proposed methods consist of an
"exact-numerical” solution of the relative equa=-
tions of moticn in the "Shell=coordinate system."
The proposed "exact-numerical" method extends the
applicability of the mid-course equations to a
much greater range than that of the currently
available linear metheds,
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INTRODUCTION

One of the essential requirements for a strong
National manned space effort is a satisfactory
rendezvous capability. By means of this capa-
bility we can assemble, supply, end maintain
manned Space stations and orbital lawmeh facili-
ties; and can expedite our most important current
liational space project, the Apollo, by at least a
yvear, Over the last four years the development of
the analytic pertion of rendezvous guidance tech-
nology has been proceeding, and now two experi-
mental rendezvous projects, the Air Force's un-
manned "Satellite Interceptor" and the National
and Space Administration's manned "Cemini" are

in progress.

While this review of the rendezvous puidance
literature naturally has some application to these
current projects, the specific proposals which are
presented herein for ascent trajectories and for
mid-course guidance apply primarily to meore ad-
vanced systems, such as those associated with a
permanent manned space station and/or an orbiting
launch complex, A fairly complete bibliography
of about 160 rendezvous guidance technology
reports was prepared for this report. During the
last four years at Northrop Corporation alone,
ovaer 50 technical reports on various aspects of
rendezvous technology have been written (in addi-
tion to numerous progress reports and proposals).
Two years ago Robert E, Roberson presented a com-
prehensive review™ of rendezvous guidance in which
he listed 22 selacted technical reports (about
half of the reports available at that time).
similar "selection" from the reporta available
today would total about 65 reports, This gives a
rough indication of the current nature of ren-
dezvous studies (and of the percentage decrease
in quality of the published reports).

A

The problems asscciated with guiding a maneuver=
able astrovehicle (to be called a "space ferry"

in the following discussion) either from the earth
or from ancother orbit, to an orbiting space statim
or orbiting launch complex (to be called the
"tareat satellite” in the following), cover a num~
ber of astronautical technologies. For example,
some of the more important considerations in ren-
dezvous operations are: the characteristics of
the launch vehicles, the trajectories to be fol=
lowed, the sensing equipment, the mathematical
models used, the gomputing equipment used, the
propulsion system and attitude control system
used, thedocking and coupling system used and,
most important, the over-all mission of the
systenm.

The development of a strong rendezvous guidance
techmology is important for both civilian and
nilitary applications. The special features of
military applications of rendezvous technigues
will not be discussed here, although it should
be noted that many of the logistics problems
associated with military operations in space

are substantially identiecal to the eivilian space
logiatics problems,



The word, "rendezvous," has many meanings —
even when used in a strict astronautic senge,
"n-transit=rendezvous” is the rendemvous between
vehicles while in route to the lunar surface or
the planets. The term, "planetary rendezvous,"
denotes the rendezvous of a man=made astrovehicle
and one of the planets in the solar system
{usually a planet other than "earth" unless the
astrovehicle was launched from ancther plnnat]'.
"Rendezvous" will be used in this paper to denote
the process of bringing a maneuverahle astiro-
vehicle, or space ferry, into gentle contact with
a nonemaneuvering orbital vehicle in a near-earth
orbit.

liote also that the mid-course puidance problems
associated with the rendezvous between a space
ferry and a tarpget satellite, and the mid-course
guidance problems associated with "planetary
rendezvous" are very similar. In the terminal
phases of planetary rendezvous the influence of
gravitational field of the planet and the in-
fluence of its atmosphere are of predominant im-
portance, while the gravitational atiraction
between a space ferry and a target satellite is
completely negligible, and they have no atmos=
phere. [Lecause the mid-course puidance problems
are similar, the bibliography presented in this
report contains some papers dealing with the mid-
course puidance problems associated with plane-
tary rendezvous.

The cost of rendezvous operations, even the suc-
cess or failure of such operations, depends to a
major extent upon the proper selection of the
target satellite orbit and the ascent trajeec-
tories used by the space ferry, As a result of
studies of the way the rendezvous problems affect
the over-all system opitimization, some specific
recommendations for the over=-all staging design
of large launch vehicles will be made, The
staging and, in general, the ascent trajecteries
will be discussed in some detail in the section
entitled, "ASCEIT PHASE."

In the section entitled, "MID-COURSE GUIDANCE
PIIASE," are presented some of the requirements
for mid-course puidance and a sumnary of past
studies. The uwid-course puidance phase is con-
sidered herein to include all operations from the
moment of leaving the weiting orbit (or another
orbit) until the terminal homing phase staris.
The initial range may be of the order of 450
nautical miles and this, of course, requires the
use of powerful beacons in the target satellite.
This definition includes what has sometimes in
the past been called terminal-=impulsive guidance.
Since substantially the same techniques are re=
quired for both terminal-impulsive and mid-course-
impulsive guidance, it is believed more desirable
to broaden the definition of mid-course puidance
to include substantially all near-impulsive cor-
rections given to the maneuvering vehicle, The
authors alsoc present a proposed new method for
mid-course puidance, using the "Shell-coordinaae
system," which they have previously proposed®:”,
and an "exact-numerical" sclution of the relative
equations of motion (see Appendices A and D),

The solution is so arranged that the veloecity
components required for rendezvous at a specified
time can be calculated more accurately than will
be reguired when consideration is given to the
errors due to the sensing equipment (the radar
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equipment, for example)., The proposed method
allows a great extension in the range of appli-
cability of mid-course guidance — above that of
currently available linear systems, The scheme
does, however, require greater spaceborne digital
computer capability than would be required by the
linear system, CGCreater radar range (using
teacons, of course, for the friendly rendezvous
case) is also desirable to fully utilize all the
potential of the proposed scheme. It is be-
lieved the desired sensors and computer equip-
ment will be available for the suggested appli-
cations.

As was previously mentioned, the mid-course
guidance phase of planetary rendezvous is similar
to the mid—course puidance phase of orbital ren-
dezvous, For this reason the proposed new pro-
cedure for calculating the veloecity corrections
required for orbital rendezvous mid-course
guidance may have direct application to planetary
rendezvous operations, Further investigatica
will be required to establish the relative use-
fulness o the methods proposed in Appendices A
and B with those currently suggested for plane-
tary rendezvous mid-course guidance,

Although the main emphasis in this report is on
the ascent and mid=course guidance phases, some
consideration is also given to the terminal
homing phase, the docking phase, and the coupling
phase. While it is certainly necessary to perform
these maneuvers accurately and with high relia-
bility, it is expected that the selection of a
specific method of performing these maneuvers
will, in general, have little effect on the over-
all performance characteristics, i,e., the total
payload vhich can be placed in orbit, The dis-
cussion of the studies available on equipment
mechanization and error analyses is also rather
limited, since few such studies are currently
available for the type of rendezvous applications
mainly under consideration herein,

This paper has three appendices., The first two
appendices (A and B) discuss in some mathematical
detail the "exmect-numerical" sclution of the
rendezvous equations of relative motion in the
"Shell-coordinate system," and the methods of
using the numerical solutions of these equations
for two=impulse mid-course rendezvous guidance.
Because the formulation of the equations and the
method of solution are new, it was felt desirable
to present it in some detail. The essence of
these two appendices is, however, sumarized in
the body of the paper for those not directly
working in the field. In Appendix (C) is given
a summary of the various forms of the rendezvous
equetions of motion which are used, The material
in this appendix is included primarily for con-
venient reference.

Three "Flight Performance Manuals for Orbital
Operations" have recently been prepared for the
larshall Space Flight Centefﬂé&ﬂ, and contain
many useful design chartsés9s0, The material
containad in each of the three handbooks is
somewhat different, but it is all valuable. It
was not felt desirable to reproduce herein the
material on rendezvous given in these manuals
but, rather, the recommendation is made that
any serious student of rendezvous technology
acquire access to these three unclassified
handbooks .



ASCENT PHASE

System Variables and Criteria

The rendezvous of a vehicle launched from the sur—
face of the earth with an orbiting target satel-
lite in an orbit with arbitrary inclination, alti-
tude, and epoch angle involves large performance
penalties and severe guidance problems, While
this is the normal military interception problem,
and the inefficiencies must be accepted in the
military situation, it is certainly intolerable
for the routine, but expensive, logistics opera-
tions associated with a manned space station or an
orbiting launch complex. Although it is possible
that we will have a major lawnch base near the
equator at some future time or that we may de-
velop oceanic portable launch sites, it is most
likely that the free-world establishment of a
manned space station or an orbiting lawmch come
plex will take place from the Atlantic Missile
Range., The orbit of these systems should thus

be selected in such a way as to optimize the re-
quired rendezvous operations for launches from
the Atlantie lMissile Rangs.

It is quantitatively very difficult to measure the
"eost" of a rendezvous operation which is not per-
formed because adequate allowance was not made for
possible aborts, lawnch delays, etc. The over-
all cost is probably much more than that of the
cost of the single launched vehicle, It may in-
volve some danger to the well-being of the whole
space station or, if additional back-up launch
capability is maintained at all times, the rather
tremendous cost of such an additional capability
must be charged against the unreliable, poorly
designed rendezvous system. The numerical evalu=
ation problem is difficult but, fortumately, it

is not the purpose in this paper to make a quan-
titative operational research study of rendezvous
operations but, rather, to point out some of the
fundamental system variables that must be con-
sidered,

The expected "cost" of rendezvous operations thus
depends on the following:

1. Probability of a successful rendezvous.
2, The over=all payload capability of the
launch vehicle,

3. The relative size of the launch vehicle
stages,
4. The way the ascent phase errors affect the

mid-course and terminal guidance phases,

5., FPayload penalty required for corrective
guidance,

6., The operational problems asscciated with
lawmch (these problems can be measured both by
the statistical distribution of launch delays
and the monetary cost of launch operations),

7. The weight and size of the required life-
support system in the space ferry (as it affects
the time in a waiting orbit),

8. Launch base location and facilities
available,

9. BSafety provisions during launch,

10, MNisslon of manned space station or orbiting
complex,

11, Characteristic velocity requirements to
maintain vehicles in the target orbit.

12, [Radiation hazard associated with target
orbit altitude,
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13. Fayload penalties for ferry vehicle associ-
ated with target orbit altitude,

14. Payload penalties for ferry vehicle associ-
ated with earth rotation effects,

15. FPersonnel morale problems associated with

rascue capability,

In the selection of the optimum ascent phase con-
sideration must be given to all of the system
variables specified above. Certain qualitative
criteria can be postulated which are, for the most |
part, rather obvious., It is desirable to have a
high probability of a successful rendezvous, and
usually it will be worthwhile to have a rather
conservative design, for the factors relating to
the high probability of a successful rendezvous
most likely outweigh the performance eriteria,

On the other hand, it is very possible to "have
one's cake and eat it too" by careful selection
of the target satellite orbit and ascent trajec—
tory along with the selection of the staging of
the launch vehicle. For example, if all of the
characteristic velocity margin (required to over-
come some of the factors that would decrease the
probability of a sucecessful rendezvous) is placed
in the space ferry, then this margin, when not
actually used, can be considered useful payload,
since it will always be desirable to accumilate
fuel in orbit. The launch delay problem men—
tioned in item number 6 is quite important. To
avoid umnecessary repetition the launch delay
problem and the other criteria will be discussed
in more detail in the next two sections.

Summary of Past Studies

"Rende zvous—-Compatible-Orbitg" are & class of
orbits which are designed’—1° to allow efficient
rendezvous operations., An example of a desirable
rendezvous—compatible-orbit is shown in Fig, 1.
A rendezvous-compatible-orbit is one in which the
satellite iraces over the earth are synchronized
with the rotational period of the earth, This
synchronization is obtained by the proper selec-
tion of the period of a satellite in a near=
circular orbit and of the orbital inclination.

It is necessary, however, to maintain the period
of the satellite by a station-keeping procedure
since, otherwise, there will be a continuous but
varying drift due to the various perturbations
acting on the satellite,

If the satellite is placed in any synchronous
orbit in the proper epoch angle relative to the
launch base, one efficient rendezvous per earth's
rotation is possible, If the orbital inclination
is simudtaneously selected with the orbital alti-
tude, it is possible to select points on the earth
where one of the ascending (relative to the equata
crossing) intersect. If these intersections are
placed over a launch site, two efficient rendez-
vous are possible each day,

In actual practice the vehicles cannot rendezvous
directly over a launch base; therefore, when it
is desired to determine the orbit which allows
two possible rendezvous per earth's rotation, it
is necessary to make some assumptions concerning
the trajectory of the launch vehicle. A simple,
surprisingly realistic, assumption which can be
made is that the injection point is a given dis—
tance downstream from the launch base — regard-
less of the direction of launch. That is, the



injection peint is assumed to lie on a small cirds
of constant radius from the launch base.

il
It was pointed out in the I'E].'n-orts:"_]‘3 on rendez—
vous=compatible-orbits that the more important of
the over=all system requirements for the selection
of targat orbits can be met by having the target
satellite in an orbit with an altitude so selected
as to give a synchronous ratio between the rota-
tional period of the satellite and of the earth of
exactly 15 to 1. In Ref, 7, the problems associ-
ated with the selection of the inclination of the
"prendezvous—compatible—orbit" were discussed and
a low inclination orbit was recommended, primarily
based on the belief that a pessimistic view should
be taken of the precision with which the timing &
launch operations will occeur, It was pointed out
that & low=inclination orbit is more tolerant of
launch delays than is a high-inclination orbit,

It should be noted that larger orbital plane in=-
clinations allow rescues from ground-launched
vehicles a much greater percentapge of the day wih
moderate plane anrle chanre capability. GFor
exanple, & plane inclination of about 35 and a
1P plane angle chanpe capability allows six hours
per day rescus capability, However, it seems
preferable to provide "lifeboat" type return
capability in the space station, rather than hope
to "rescue" the personnel — rainly because of
the tremendous cost of maintaining a fully
equipped launch facility for rescue, Thus, a
lower inclination orbit plane of about 29,20 is
recomnended,

Since these rendezvous-compatible-crbits are des-
cribed in detail in these six references, a de=
tailed deseription will not be repeated here, It
should be noted, however, that the prime advantage
of rendezvous-compatibtle—orbits is that two af=
ficient rendezvous can be performed each day
(more exactly each "effective" earth's rotation,
i.e,, the time required for the earth to rotate
one revolution with respect to the target satel-
lite orbit plane). If laumches are made at pre-
cisely the right time these two rendezvous are
made without any plane angle change. If there is
a slight launch delay, a small orbit plane angle
change is required — the magnitude of the plane
angle change depending on the amount of the delay
and of the particular inclination rendezvous-
compatible—orbit chosen,

A rendezvous—compatible-orbit elearly requires
that the initial errors in orbit establishment of
space station be corrected and that the proper
epoch angle be maintained by a station-keeping
control system, These problems were discussed
by the authc—rsi"* and & recommended "zero cost"
station=-keeping technique was suggested.

It has been suggested by John Bird, David Thomas,
and John Houbolt15,16 that only a very small plane
angle change would be required to perform a ren-
dezvous once=a=day, provided the inclination of
the target orbit plane was only slightly greater
than the launch base latitude. The scheme, as
suggested in these references, requires an ac-
curate launch time (when the target is in the
proper epoch angle), although it clearly could be
modified by the use of waiting orbits, Utilizing
this technique, there is no requirement for
station-keeping of the target satellite and neo

109

‘requirement for the accurate selection of the

orbital altitude. In general, the plane angle
changes required for this technique are about
half of the difference between the inclination

of the target orbit plane and the launch base
latitude. The plane angle change can thus be
maintained quite small with a small orbit inclina-
tien,

W, H. Straly’’ has discussed the pemeral problems
associated with launch timing and has recommended
a technigue which utilizes a small plane angle
change and the "phasing technique," which is
essentially a waiting orbit, The technique he
recommended was thus, in_effect, an extension of
that recommended by Bird1? and Houboltl® to include
the use of waiting orbits to avoid the accurate
launch time restriction, Stralyl7 did not place
any restrictions on the target orbit altitude,
nor did he suggest any station-keeping technique
to control the epoch angle. The orbital inelina-
tion was merely suggested to be only slightly
greater than the lawnch base altitude. Because
there was no restriction on the altitude and thus
the epoch angle, relatively long waiting times in
orbit could be required.

The technique of using waiting orbits is by no
means new, various aspects of waiting orbits are
discussed by Swansong-8 Stamhgff,lf) Ehricke, <0521
Keller,<2 Brunk and Flaherty,<> Paiewonsky,<4 and
Pierce.?? A number of other papers which deal with
the problems associated with the ascent phase,
including discussion of the actual Satwrn guidance
system, are listed as Refs. 26 through 33, and,

of course, much useful information is included in
the three Flight Performance Manuals.»”s

Recommended Ascent Trajectory and Target

Satellite Orbit

The logistics requirements associated with a large
manned space station or an orbiting launch complex
are sufficiently great so as to demand a great
deal of care in the selection of the optimum erbit
and the selection of the best nominal ascent tra-
jectory. This selection should take due accoumt,
not only of the optimum conditions, but alsc of
the various possible errors or tolerances associ-
ated with the logistics operations, While there
are many who believe that launch timing problems
can bs made non-existent in the 1970 time peried,
it appears desirable to select the target satel-
lite orbit so that not only can efficient launches
be obtained for on-time launch operations, but
also the penalties associated with launch delays
are minimized.

The recommended orbit is the lowest possible in-
clination "rendezvous-compatible-orbit." The
basic concept of rendezvous—compatible—orbits is
believed to be very sound for multi-rendezvous
operations, In a negative sense it simply appears
to be very foolish from a logistics viewpoint not
to establish and maintain the target satellite in
an orbit which optimizes the logistics system,
since even,at best, maintaining space stations

and orbiting launch complexes are very expensive,
The selection of the specifie rendezvous-compatible-
orbit out of the multitude that are available
depends on many criteria., A synchronous ratio
15:1 orbit with an altitude of about 260 nautiecal
miles is selected as a besi compromise, The



alternates for two-per-day rendezvous are a sSyn=—
chronous ratio of 14:1 rendezvous—compatible-
orbit with an altitude of over 440 nautical miles
which is in the lower part of the Van Allen radi-
ation belt, and an altitude of 98 nautical-miles-
orbit associated with a synchronous ratio of 16:l.
The lower altitude, while ideal for a short dura-
tion parking orbit, is too low for a permanent
manned space station. The cost in characteristic
velocity to maintain a space station at this low
altitude on a continuous basis is prohibitive.
Intermediate altitudes can be obtained by using
synchronous ratios allowing two rendezvous every
two or three days. These lower intermediate alti-
tudes (150, 175, and 205 nautical miles) have only
slight payload advantages for launch wvehicles which
are properly staged to utilize the 92 nautical-
mile parking orbit and general ascent trajectory
recommended herein, and would require much longer
times in the waiting orbit for both optimum and
non-optimum days. The intermediate orbits would
have the same general payload penalties associated
vith launch delays for laumches scheduled for the
optimum days, but the possible penalties on the
other days would be much larger. The payload
advantage of the intermediate altitudes is, how-
ever, quite pronounced for cwrent two-stage
launch vehicles, The intermediate altitude tra-
jectories may thus have real advantages for the
current experimental program, Froject Gemini.

lote that if a Hohmann transfer is used from the
parking orbit and the mission is an orbital-laumch
refueling operation, then part of the additional
characteristics velocity required by the 260
nautical miles orbit over that of, say, the 175
nautical miles orbit is regained due to the small
escape velocity required from the higher altitude.

The net penalty for this example is about 100
feet/second of characteristic velocity (for the
orbital launch vehicle), TFor permanent orbital
launch facilities this is more than compensated
for by the fact that about eight times more
characteristic velocity (about 250 feet/secfear
for the whole facility if it weighs 100 pounds/
square foot frontal area) is required to maintain
the lower orbit against air drag than to maintain
the 260 nautical mile orbit,

The selection of the orbital inclination depends
on the specific mission of the space station but,
in general, one may expect that any orbital
inelination from 28,5 degrees to 35 deprees will
meet most of the purposes of the space station.
The selection of an inclination of 29,2 degrees
for vehicles launched from the Atlantic lissile
Range (with an assumed latitude of 28,5°) gives
an offset angle (i.e., a difference betwsen the
orbital inelination and lawnch base latitude) of
about two-thirds of a depree. This inclination
of 29,2 derees allows zero plane angle chanpge
rendezvous for two successive satellite passes.
The use of parking orbits and a two-thirds degree
plane angle change capability (which can be par-
+ially accomplished by the more efficient boost-
turn trajectory during the first and second launch
stages) allows a rendezvous to be accomplished at
any time within a periocd of two hours and twenty
minutes, It is believed that this time period is
more than adequate for launch delays to be en—
comntered in the next few years, and certainly
more than adequate in the 1970 time pericd. The
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relatively small payload penalties associated with
the two=thirds—of-a-degree plane angle change are
expected to be more than compensated for by the
increase in payload capability cobtained by utiliz-
ing a low-altitude (98 nautical miles) parking
orbit,

Although this scheme allows a launch window of
about two hours and twenty minutes, there are
clearly some times for which it is more optimum
+o launch than others. The specific rendezvous-
compatible points are obviously the desired times
for launching. It is believed desirable to par-
tially close this 2.3=hour window. The exact
read justment would require a detailed study of
the possible sowrces of lawnmch delay and of the
propellant boil-off cost associated with the
specific launch vehicle. (A possible compromise
closing of the launch window is suggested below.)

It is desirable to examine in somewhat more detail
the specific recommended orbit and the trajectory
to be followed as & fimction of the launch delay
time. The target orbit ineclination is 29,2 de-
grees,and the nodes of the target orbit are so
oriented that the injection point for & launch
from Cape Canaveral lies exactly in the plane of
the orbit in two successive passes over the launch
base, Since the launch vehicle and space ferry are
desipned with enough margin to allow a minor boost-
turn and orbit plane angle change capability (about
0,67 degrees), the launch can actually be scheduled
23 minutes (about one-fourth orbital period) prior
to the ideal rendezvous—compatible launch time,

If the epoch angle is made compatible with this
early lawnch period, when the launch actually
cecurs at 23 minutes prior to the condition of
zero plane angle change, the time the vehicle 1s
required to remain in the 98-nautical-mile waiting
orbit will be only that time required to separate
from the second stapge and acquire the target satel-
lite on the radar and compute the desired mid-
course trajectory, and start a near-Hohmann trans-—
fer to the target satellite, If the lawmch delay
is 23 minutes later then no plane angle change
will be required, but the space ferry must remain
in the waiting orbit for four-parking-orbit
revolutions prior to injecting inte the Hohmann
transfer, Additional launch time delays will re-
quire plane angle corrections and additional time
in the waiting orbit until a maximum of 94 minutes
of launch delay results in 156 waiting orbit
periods (or one effective earth's rotation), For
launch delays of 94 minutes, it is no longer neces=-
sary to wait in the parldng orbit but, rather,
conditions are once again compatible for a zero
time in the parking orbit. The time in the wait-
ing orbit again increases continuously as addi-
tional launch delay occurs, but for the next 23
minutes the orbit plane angle change requirement
decreases to zero. For launch delays greater than
117 minutes, the plane angle change required in-
creases nearly linearly to the masxdmum of two-
thirds of a degree at 23 minutes after the zerc-
plane-angle requirement and a total time in the
waiting orbit of 140 minutes (or 2 hours and 20
minutes), DBetween the times of about A7 minutes
after the first opportunity for a launch until 94
minutes from the first opportunity is the most
unfavorable launch time, Nearly the full two-
thirds-depgree plane angle change is required along
with a time in the waiting orbit in excess of one-
half day, It would penerally appear desirable to



postpone launch during this time, if' possible, and

reschedule launch for 94 minutes after the originsl

schedule, If this is done, a total launch time
of 94 minutes, nearly equally spaced around the
two efficient (zero plane angle change) rendez-
vous is obtained. (It appears completely un-—
reasonable to expect to perform launch operations
of manned rendezvousing systems with launch ve-
hicles which are sufficidntly unreliable that a
total tolerance launch time of about an hour-and-
a-half-per-day is unsatisfactory.) In this case,
the maximum time in & waiting orbit is one-half
day or eight waiting orbital periods, This is
considered quite satisfactory, since in the ad-
vanced time period considered and the complex
operations involved in space, if there is any
appreciable decrease in the reliability of this
system associated with one-half day spent in a
waiting orbit, then the whole logistic system is
too marginal to be considered.

Cne can characterize the recommended target satel-
lite orbit as a station-kept,l4 "rendezvous=-
compatible—orbit" which utilizes an ascent tra-
Jectory containing most of the best features of
the one=rendezvous-a—day scheme of Jolm Dirdl5
and John Houboltl® and of the phasing technique
described most recently by W, H. Stralyl? for
those launch operations which involve possible
Jaunch delays, The target satellite orbit and
recommended ascent trajectory allow efficient on—
time launches but are alsc extremely tolerant of
launch delays, and these delays can be as great
as two hours and twenty minutes without exceeding
a penalty of more than about 250 per second of
characteristic veloecity., The propellants associ-
ated with this characteristic velocity will be
accunulated in orbit, for other uses, if the
launch is on time.

The trajectory has been selected to include a
parling ortit in order to accownt for launch de-
lays, It is desirable to stape the launch ve-
hicles sc as to fully utilize the characteristics
of the parking orbit so that the maximum payload
may be carried to the manned space station or
orbiting launch complex., The use of three—stage
vehicles (where the space ferry is considered to
be the third stage) seems to be ost desirable for
such space logistiecs operations. The first two
stages are required to boost the space farry to
an apogee of 98 nautical miles, the parking orbit
altitude, The flight path should be so arranged
that the first two stapes burn all their pro-
pellants, the f1ight-path angle being so controllsl
that the apogee is equal to 93 nautical miles,
The veloeity Jecrement at that altitude required
to Inject in a circular orbit will be provided
by the space ferry. The amount of this decre-
ment will, of cowrse, depend on the specific
characteristics of the first two stages. Such a
procedure is allowable, since the vehicle is
going into a parkding orbit end exact tining
during the operation of the first two stapes is
not required, The relative position of the space
station and of the space ferry in the parking
orbit must be so arranged that under the worst
tolerance conditions associanted with the first
two stapes that adequate time is still available
for a near-liohuann transfer between the parking
orbit and the space station rendezvous—compatible
altitude orbit when the launch was on~tine,

By means of such staging it is possible to have all
of the propulsion margin placed in the space ferry
and, thus, propellants will be accumulated in
orbit for other uses such as station-keeping,
attitude control, refueling of astrotugs and re=
fueling of lumar laumched vehicles, ete., The
other distinct advantapge of this type of staging
is that we do not require a two-stage lawmch ve=
hicle to inject directly into a high 260-nautical-
mile orbit, since the degradation of the perform-
ance of a two-stapge vehicle with orbital altitude
is notorious, Because the space ferry must have
propulsion capability in order to perform the ren-
dezvous, it is highly desirable to utilize it in
other ways to meke sure the maximum payload is
carried to the space station or orbiting complex.

It generally appears to be undesirable to utilize
parking orbits which are above the rendezvous-
compatible-orbit, First, because they require
more characteristic velocity and, second, because
under the conditions which we would normally like
to utilize a high-altitude parking orbit, a plane
angle change is also required to further increase
the characteristic veloecity penalty. The addi-
tional time which mst be spent in a low=-altitude
waiting orbit seems preferable to the large in=-
erease in characteristie velocity asssociated with
the high-altitude parking orbit — at least for
routine logistics applications.

It should be noted that there is a difference inthe
precessicnal rate of the orbit plane of the space
farry in the 98-nautical-mile waiting orbit and
the target satellite orbital plane in the 260=
nautical-mile rendezvous—compatible-orbit of about
one degree per day, This difference in the pre-
cession of the orbit planes must be accounted for
in such a way that the launch azimuth into the
waiting orbit will allow a near-Hohmann transfer
without any required orbit plane angle change

when the transfer from the waiting orbit to the
final target orbit is accomplished, With a low=
inelination orbit, such as the recommended 29,2
degrees, rather minor changes in the launch
vehicle flight path result in an azimuth angle

at injection which produces a very large change

in the nedal angle and, thus, there are sub-
stantially no penalties associated with allowing
for differential precession angles as much as one
degree,

HKID-COURSE GUIDANCE PHASE

Reguirements for Mid-Course Guidance

In the discussion of the friendly rendezvous for
the purpose of supplying a manned space station

or orbital launch facility, it was shown that
parking orbits are required to cope with moderate
to large wcertainties in the timing of laumch
operations, Even if parking orbits are not used,
it is generally most efficient to stage the laumch
vehicles such that the space ferry is injected into
a near-Hohmann transfer from a low altitude of
from 60 to 100 nautical miles. In either case,
With a coasting trajectory of nearly 180 degrees
and with an altitude difference of over 160 nauti-
cal miles, it is very desirable to utilize long~
range mid-course corrections in order to minimize
the requirements on the final terminal-homing
phase and, in general, to accomplish a rendezvous
with the maximum efficiency and safety, In fact,



it would be desirable to leave the parking orbit
for the 260-nautical-mile rendezvous-compatible-
orbit only after the radar guidance has acquired
and locked on the target satellite if the radar &
in the space ferry. (For routine operations it is
expected that radars will actually be available in
both vehicles for improved reliability,) This
requires a total radar range of about 450 nautical
miles, a range which is not available with current
radars but which does not require large increases
in the state-of-the-art for the cooperative ren-
dezvous situation in which the target carries a
beacon., If the target satellite orbit is well-
known and the ascent guidance fairly accurate,

the initiation of the near-Hohmann transfer could
almost be based only on range information without
regard to range rate or angle raie information,
provided the mid-course correctlons were within
about 10 minutes, This would give more than
adequate time for radar data smoothing.

Once on the transfer orbit, it is desirable to
have a form of mid—course guidance logic, which
would require no corrections at all if the data
were perfect and the satellite was on a eollision
course with the target. Unfortunately, as some
detailed ccmguter studies by the authors and by
Eggleston’4s 3% have shown, the popular linearized
guidance formula?s;3;34=3% do not work too well
for orbits which are as far below the target orbit
as these will be, Here it would seem that some
improvement in guidance technigue is required, and
a proposed procedure for solving this problem will
be discussed below, as well as in Appendix B.

When the range between the interceptor and the
target decreases the closed loop loglc using
linearized equations (similar to that described
by Eggleston34) proves quite adequate.

Summary of Fast Studies

Equations of Motion and Coordinate Systems, It
is very desirable to have available and to use
approximate equations of motion when studying the
rendezvous problem; first, because a clearer
understanding of the physieal situation is then
possible; and, second, because the actual compu—
tations required for the rendezvous must be per-
formed with a space-borne computer, If approxi-
mate equations can be used the computer can be
nade simpler and of lighter weight, It is, of
course, necessary to ¥now the range of validity
of the approximate egquations. If the approximate
equations are not valid over the range for which
they must be applied, then methods of solving the
more exact equations must be developed. "Exact-
numerical" sclutions of the exact egquations are
presented in Appendices A and B.

The first approximation to the equations of motien
(and their solution)to be discussed is the "free-
space" approximation. The assumption is made
+hat the two vehicles are sufficiently close to-
gother so that the effects of the earth's gravi-
tational attraction are almost the same on both
vehicles and, therefore, we can assume that the
net effect of the gravitational attraction terms
is negligible and the equations of motion in in-
ertial free space apply. Such an assumption, it
is clear, will only apply when the two vehicles
are rather close together and, furthermore, when
the time interval for the completion of the man-
euver is relatively short. If the time is long,
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even when they are close together, the effects of
gravitational forces will result in significant
modifications of the motion; and if the bodies are
far apart then the gravitatiocnal differences may
produce significant forces, These two criteria
have different implications. The fact that the
bodies are close together merely defines that it
is the very terminal phase of the motion for which
this approximation can apply, but the fact that the
time must be short implies that rather large thrust
forces are utilized to make the rendezvous, so
that these forces will be large relative to the
differential effects of gravity. This very well
may have the connotation of inefficiency, since

the pravitational forces are negligible in a per-
centage sense only, and if the thrust forces are
very large it may require a tremendous quantity

of propellant to perform the maneuver.

One exception to this rule is when the closing
velocity is large because it is obtained from
previously required impulses and/or because the
motion of the intercepting satellite is at a much
lower velocity than that of the target satellite,
so that the target satellite is catching up with
the intercepting satellite, Under these conditions
& large force is not required to initiate the
motion, but only to stop it, and there are neo
great inefficiencies associated with this type of
use of the free-space equation concept. Thus, the
free-space approximation to the equations is most
useful for the homing guidance equations.

The free space concept was discussed by Fr. R. A,
Hord,2? and H, Oberth,4C The errors involved in
using the free space concept are best discussed
by evaluating the differential gravitational
affects (which are also termed "tidal accelera-
tions").

If the first-order effects of the earth's gravi-
tational potential are included in the equations
of motion the range of validity of the equations
is greatly extended, This was first shown inde=
pendantlg vy three different groups: Albert
Wheelon, 30 Clohessy and Wiltshire,37 and Louis
Spradlin,3® A1l of these three studies used the
rectangular rotating coordinate system. The
rectangular rotating coordinate system is less
accurate in general than the shell-coordinate
systen devalogad by Swanson, Petersen, and Hoover,?
and by Soule,? Independent studies showing the
advantages of the shell—coordinate system were
conducted by Eggleston and Beck4l and 3t&plef0rﬂ-!“2
The fact that the shell-coordinate system is ap-
preciably better for rendezvous studies than is
the rectangular coordinate sysiem can be seen
most easily for those cases whers the X coordinate
is large, where the x direction is aleng the flight
path. If two bodies are in precisely the same
orbit, they will have the same altitude in the
shell—coordinate system (see Fig. 2), but will
have a different altitude in the rectangular
system depending on the value of x, The time
interval of the motion is no longer of guite such
importance as in the free-space case, but the
relative displacements between the two bodies are
important, since the first-order gravitational
effect type of an approximation is directly as=
sociated with the geometrical relations between
the two satellites and the earth, Furthermore,
greater efficiency is obtained since the "natural"
gravitational forces can be used to advantage.



Impulsive Techniques. The two-impulse rendez-
vous guidance technigque has been developed by
Clohessy and Hiltshire,37 Scrule,3 and Eggleston.-yf
While the two-impulse technigque is by no means
optimum, its simplicity makes it very attractive.
The first impulse is given shortly after booster
burn—out, and the second is usually replaced by
a terminal«homing phase. When the characteristic
velocity required for rendezvous is small, then
the use of a simple non-optimum scheme such as the
two—impulse technique is much to be recommended.
The technique is alsc very useful as a secondary
correction procedure. Useful desipgn curyes are
given in the Flight Performance Handbook,

A three-impulse technigue suggested by Irving, and
discussed by ‘-Jhaslon,3 consists of a tangential
velocity increment just suffigient to neutralize
any steady drift, later followed by two radial
velocity increments; the first, when the vehicle
crosses the same radial altitude as the target
vehicle; and the second, just before impact with
the target vehiele, This scheme is more expen-
sive in final requirements than the two-impulse
scheme,

A four- or five-impulse technique, called "Quasi-
Optimal Rendezvous Guidance System or "JORGS,"

was de'\relopadg — which gives a near-cptimum ren—
dezvous in that the impulses are given tangen-
tially so that the minimum characteristic wvelocity
is required to achieve rendezvous within exactly
one orbital period., The four-impulse method re-
quires less characteristic velocity than the five-=
impulse method; however, the five-impulse method
is considered more optimum when the guidance
sensor accuracy requirements are considered, as
well as the characteristic velocity requirements.

Cuidance Simulation Studies. The only orbitsl
rendegvous mid-course guidance problem which has
been simulated on digital computer is that of
Eggleston.y' This study clearly shows some of
the shortcomings of the rectangular coordinate
system and linearized equations of molion for
long-range mid-course guidance, BEggleston also
studied the effects of dead-band and of radar
inaccuracies (a study similar to that of Eggle-
ston34 but using the guidance law suggested in
Appendix D is very desirable),

Other reports which discuss the mid-course n:iE-;
ance problem are given in the bibliography.4-—2~

Criteria for "Best" 13d—Lourse Guldanca,

The "best" mid-course guidance to use is hardly a
subject that lends iiself to dopgmatic statements,
The oultiplicity of factors entering into the
decision makes it difficult to say anything im-
portant unless specific information on the space
system in question is available.

Anticipeting the major characteristics of future
space systems will, however, bring cut some facts.
In the friendly, logistic rendezvous emphasized
in this paper, future rendezvous vehicles will
become considerably more massive, while computer
capability per unit of computer mass will increass
so that the cost of improving the quality of
puidance information by means of additicnal com—
puting (smoothing plus exact equetions of motions)
will be a much smaller fraction of total wehicle
mass than is noWw recuired while the potential

savings will be greater. Furthermore, large digi-
tal computers can be boosted into orbit during
the initial assembly of the space station and can
be used for subsequent rendezvous operatiens (with
a radio commmnications link). Again, the in-
creased efficiency of rendezvous operations more
than offsets the larger computer installation.

It is apparent, then, that as sensors are im=-
proved more accurate guidance equations than have
been suggested previously will be required to
bring desirable over-all improvements in the
system.

In homing systems similar to those proposed for
the Adr Force Satellite Interceptor System, the
guidance formulas are derived on the assumption

of free space (no force-field gradient). The
rendezvous guldance systems %gpified by the
Clohessy and Wiltshire paper”/ and by Swanson,
Petersen and Hoover~ derive guidance formula on
the basis of linsarized force-field gradients,

In each of these types of guidance formulas the
accuracy deteriorates with increasing range, but
with closed=loop, guided trajectories these guid=-
ance laws will, of course, actually produce a
rendezvous even when applied far beyond the limits
that make the guidance formulas "good assumptions."”
The question to be answered in the choice of a mid=
course guidance scheme is whether the waste of
thrust is compensated by the simplicity of the
guidance system, And the answer clearly depends
on the operational time peried in question.

Appendix B gives s basis for a guidance scheme
which is one step more advanced than the two basic
types referred to previously. This system gives m
"exact" solution under the assumption of a central
force field and, therefore, brings about ancther
improvement in accuracy. Still more accuracy would
require the consideration of very minute forces
acting on the satellite — such as aercdynamie
forces, those due to oblateness, and so on, Since
these forces are very small and not too greatly
different from each other in order of magnitude,

a great mumber of them would have to be considered
in order to bring about a unified treatment. The
accuracy to be gained by these additlonal consid-
erations is very small, Some of the effects of
oblateness and the slight'eccentricity of the
orbit may be taken into accownt by the use of a
reference orbit, The requirement in the selection
of such a reference orbit is that the position of
the reference point in the reference orbit will
coincide with that of the target at the time of
rendezvous.

The method proposed requires a successive approxd-
mation to be computed wntil a satisfactory numeri-
cal convergence is obtained. Once started, this
method requires no evaluation of trigonometriec
functions so that the increase in required compu=
tational labor just for the cperations of Appendix
B is less than an order of magnitude when com-
pared with previous methods. When looked at in
the 1light of all the computation required (i.e.,
data smocthing, data conversion, ete.), the actual
over-all increase in computer complexity is ex-
pected to be relatively minor,

In general, the factors that affect the choice of
the mathematical model to use for the guidance
system are:



1. The quality of the sensed information.
2, The range over which the system must
operate,

An increase in either of these two tends to pro-
mote the selection of a more accurate guidance
formula, and vice versa; there is 1little point

in trying to make improvements beyond a certain
1limit in sensor accuracy for a short-range system,
In this case the crudest of models, force-free
space, is adeaquate,

Froposed "Bxact=Humerical" Methods for Mid=Course
Guidance Using the Shell-Goordinate oystenm”

Efforts to obtain a more accurate model of the
relative motion in a rendezvous maneuver than that
of the linear gravity gradient, culminated in the
analysis given in Appendix A, The fact that the
use of shell coordinates allows one to obtain two
gxact first integrals of the eguations of motion
is & strong point in its favor, but the more im-—
portant consequence is that the "exmct" equations
of motion can be written in such a manner as to
only have functional dependence on one (the alti-
tude coordinate) of the dependent varisbles (the
word, "exact," in this case implies the solution
of the equations of motion for a central-force
field and neglects the small perturbations due to
earth's oblatensss, atmospheric density, solar,
lunar and planetary perturbaticns, ete. While
some of these effects are of importance — when
one is in a waiting orbit, for example — they
are guite negligible during the mid-course guid-
ance phase, In fact, the magnitude of these
gquantities can be used to estimate a limit on the
required accuracy of the numerical calculations
as performed in Appendices A and E, It is the
fact that the equations have a functional de=
pendence only on the altitude coordinate which
allows the rapid nmumerical solution of the exact
relative velocity required to produce a collision
with the target in a specified time as is dome in
Appendix B, In addition, an improved version of
the linearized equation has been derived by the
rather obvious device of discarding (i.e., includ-
ing in the non-linear part of the equations for
numerical integration) only second—order amall
variable quantities, The resulting new linear
equations are more accurate, in general, although
a few specific instances have been found when they
have made no improvement. These new linear equa-
tions, however, are not as easy to use as the
previous ones for guidance purposes., The reason
for this is that they contain the initial condi-
tions in the coefficients in a complicated man-
ner, The use of these equations for pguidance
would require a numerical iterative solution,.

The details of this are not given, however, since
it is felt that if numerical integrations are to
be used the non-linear terms should also be in=-
cluded (as in Appendix B) to give an exmct solu=
tion to the rendezvous problem,

The werk in Appendix A led to the application of
the numerical method of successive approximation
to the solution of the equations with rendezvous
in a fixed time as a boundary condition, The
formulation in Appendix A which makes the deriva=-
tives functions of only one dependent variable,
makes the application of this method straight-
forward, This method takes an approximate curve
which exactly fits the boundary conditions and
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refines it in a series of steps (see Appendix B).

The proposed procedure, then, is to start the near-
Hohmann transfer maneuver from the parking orbit
at the optimum time which is indicated by the
orbit altitude difference and the epoch angle be-
tween the target and the intercepter. Once this
optimum position is arrived at, the time to ren=-
dezvous of almost 180 degrees of target travel is
selected and the exact impulse required to ea-
tablish a ecollision course is computed by the
method given in Appendix B, This impulse is
given to the interceptor and then at periocdic
intervals along its ascent to the target, its
relative velocity is measured and compared with
the correct relative velocity as computed from
the time to go and the exact methods given in
Appendix B, As the rendezvous vehicle gets closer
to the target the method of Appendix E degenerates
to the more common linearized equations. From
this point on into the final homing phase the mid-
course guldance is achieved by conventiocnal
methods (discussed in detail by Soule? and
Eggleston34),

TER:INAL —HONING PHASE

There have been more analytic studies and more simue
lator work done on the manned and unmanned termi-
nal-homing phase of rendezvous puidance than on
any other aspect of rendezvous.- 0 Although

the various papers differ in specific details of
the method of mechanization of the elosed-loop
terminal-homing guidance problem, they universally
agree that fairly efficient homing guidance schemes
can be developed. It is desirable that the mid-
course guidance be so designed to bias the initial
conditions for the terminal phase, that closing
velocities are already established and the primary
purpose of the terminal-homing system is then to
decrease to zero these already established closing
velocities.

The differences between the various proposed termi-
nal pguidance schemes depend upon the basic assump-
tions made as to the availability, accuracy and
reliability of various types of equipment and the
proposed schemes to minimize the errors. Schemes
which require a throttleable propulsion system
have been sugpested in a number of papers by

Sears and Felleman,5~5% while schemes that in-
volve constant thrust but require restartable
engines have been proposed by several authors,56s
67,73 Another variation of the basic propulsion
system which has been suggested by Kidd7? and
Soule”0 is to use a constant thrust engine on
throughout the homing phase and achieve guidance
by controlling the direction of the engine thrust.

The various proposed homing guidance schemes may
also be specified by consideration of the methods
they suggest for computation, i.e., whether analog
or digital, and the particular coordinate axis
system they suggest using during the terminal-
homing phase. Stapleford?3 has suggested an
equipment mechanization scheme designed for mini=-
mun complexity. Such a scheme is believed to be
very useful for unmanned rendezvous, but for the
type of operations which is envisioned herein, for
an advanced time period, and where both ascent
guidance and mid-course guidance as well as other
sperations are to be performed with rather high
capacity digital computers, it is doubtful that



such & scheme need be used,

The capability of man to conduct the t-?ﬁffﬂal
phases of rendezvous has been studied. Howe
ever, it is not clear that there is any advantage
to his participation in the terminal phase of ren-
dezvous as a part of the closed loop. There is
obviously a great need to have him aboard the
vehicle to increase the over-all reliability by
prerforming monitoring and maintenance functions,
Obviously, he can only satisfactorily perform
maintenance functions if adequate propulsion
capability is available for him to interrupi the
rendezvous sequence for several orbits while re-
pairing the equipment and again make a satisfac—
tory epproach and rendezvous, The problem of how
to best utilize man in space has been extensively
discussed to date and clearly requires still fur-
ther thought and experimentation before satisfac—
tory answers can be obtained,

DOCKII'G FIIASE

The docking phase begins either when the inter-
cepter satellite is noved as close to the target
satellite as is practical with the terminal-
honing puidance and the moderate to large mancuven=
ing roclets, or when the docldng guidance and con-
trol system can adequately take over (even though
the terminal phase homing system mey still be per-
forming well). The distance between the two ve=
hicles will have been reduced to only hundreds of
neters at the start of this phase. The doc}dng
phase has been discussed for both manned®® and
11:n:-|:?.nmﬂ.ud*ﬁI systems.,

The docking phase may require the space ferry to
approach the target satellite from a particular
azimuth and elevation for some operations. Addi-
tional sensory information would then be necessary
and would probably be obtained from measurements
rmade from the target satellite and transmitted to
the space ferry. Vernier thrusting would be re-
ouired to utilize this added information.

The docldng maneuver is less complicated than the
terminal maneuver from the standpoint of the
equations of motion used to puide the docking pro-
cedure. The equations can be, if desired, reduced
to their free-space forms with negligible loss of
accuracy due to the relatively small distances
involved,

In some other respects the docking phase is rather
diffievlt. The interceptor satellite must usually
be able to approach the target satellite at a given
azimuth and elevation., The selection of the best
sensory and guidance equipment to handle this re-
guirement is a problem that depends on the speci-
fic space station configuration, etec. In addi-
tion, the design of an effective docking system
nust be done concurrently with that of the sen-
sory and coupling mechanism system because of
their interdependence.

COUFLIIG PHASE

The termination of the docking phase and the
start of the coupling phase begins with the
initial contact between the two rendezvousing
vehicles, At this instent the interceptor
satellite no longer actuates its maneuvering and
attitude control rockets so that the two control

systems will not oppose each other, Note that
any maneuvering rockets whose jets are pointed at
the target satellite must have been shut off a
short distance before contact was made, As the
two vehicles meet the coupling mechenisms of each
will meet and enpage.”® The proper parts are
aligned and then locked, All unnecessary anguler
and linear motion perturbations present after
coupling is completed are removed, and the phase
is complete.

A different guidance scheme for the coupling phase
must be worked out for each coupling scheme that
is sugpested. A proper error analysis should

show the probability of auccess of each, Those
scheries which seem to have the highest probability
of success should then be laboratory-tested, The
best scheme i1s determined on the basis of test
success. Upeon contact the latching mmst be posi-
tive and solid to prevent the space ferry from
shalking loose and becoming separated.

EQUIRRIT MNECIANIZATICH STUDIES

Stapleford and .]r-e:'c5 3 made a comprehensive study of
the reguirements which are placed on the flight
control system during the terminal phase of orbital
rendezvous. The report not only specifies some

of the requirements but presents a preliminary
analysis of several possible metheds of achieving
satisfactory flight control systems, using both
manual and automatic systems,

As & part of an over=-all study of orbital laumch
operations being conducted by Chance Vought under
contract to the Marshall Space Flight Center of
NASA, a rather complete study not only of the
theoretical aspects of rendezvous but also many
of the mechanization probleins associated with the
attitude control system and the instrumentation
sensors, was conducted by the Raytheon Company,30

Considerable information on the puldance sensors
is nreserted in the STL Flight Performance Fand-
book® along with methods of processing the signals
to smooth out the noise,

Propulsion system restart problems are discussed
by Radeliff and Trensue,Z7

ERROR ANALYSES

Analyses of the errors made in each of the major
guidance phases are among the most important parts
of any rendezvous program. In fact, before any
proposed over-all rendezvous guidance scheme
(ascent, mid-course, terminal, coupling and
docldng) and the corresponding specific equipment
proposed can be seriously considered for adoption,
a careful error analgs:ns ::lf all aspects of the
system must be made 67,88

Error associated with inaccurate thrust magnitude,
duration of thrust, measurement, computation, ete.,
is the first type to be analyzed, These errors
fall broadly under the classification of "mechani-
cal errors." Errors of this type must, first, be
examined upon an accurate physical model under
simulated conditions, Bven though most of the
errors of this type preduce only small results on
an individual bosis, they often combine to create
large over-all errors., If accurate analysis is
desired, it will be found necessary to make use
of E:lgl{ﬂl computation.




Tha second type error encountered is that asso-
ciated with the guidance law. BEwven with the most
perfect equipment, the thrust computed under the
guidance law and the thrust actually required for
the space ferry rockets will not be identieal.
This is especially true when simplified equations
of motion are used to derive the guidance law.
This type of error has greater effect during the
mid=course maneuver phase than it does in the ter-
minal and docking phases, whers the simplified
aquations more nearly approximate actual operat-
ing conditions.

The performance for such error analysis often leads
directly to improved systems. For example, the
scheme proposed herein for an "exact-numerical"
guidance law resulted directly from an error
analysis of linearized guidance laws which pointed
up the need for an improvement and further showed
that numerical processing of computed errors

could lead directly to a near-exact mid-course-
guidance law.

CONCLUDING REMARKS

The first 90 publieations listed in the references
and bibliography deal primarily with the ascent
and the mid-course guldance phase, the terminal-
homing phase, the docking phase, the coupling
phase, equipment mechanization problems and error
analyses, About 70 additional items are in the
refersnces and bibliography on related subjecis,
such as orbital transfers in space, the effects
of the oblateness of the earth on the orbital
motion, and system studies of space complexes.

In addition to a summary of the general status of
rendezvous guidance technology, the specific con-
tributions of this report are:

1. A recommended ascent trajectory and orbit
for a manned space station or orbiting launch
complex, which not only allows efficient on-
time laumches but is tolerant of launch delays
up to two hours and twenty minutes, The implica-
tions of the use of this ascent trajectory for
the efficient staging of launch vehicles are
pointed out.

2. A proposed "exact-numerical" method for
long-range mid-course guidance using the "shell-
coordinate system."
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APPENDIX As THE “EXACT-NUMERICAL" SOLUTION
OF THE RENDEZVOUS EQUATIONS OF MOTION
IN THE "SHELL-COORDINATE™ SYSTEM

Summary

The "exact" equations of motion of & point mass
in a central force field relative to & reference
circular orbit ere exanined. The effects of
earth's obletensss, sir dreg, lunar end soler
gravitetional perturdstions, etc. are neglected.
Since the out-of-plane motisn is very weakly
coupled with the in-plane motionm, the case of co-
plenar motion is singled out for study and the
resulting differential equetions of motion Bre
reduced to lineér end nonlinear parts. The
linear pert is solved eralyticelly, while the
gsolution to the monlinear pert is of second-
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order smeéll magnitude &nd is obtained numericelly
as & perturbation to the linear equetiona.

The lineur equations are someWhat more accurate
then those used previously?s®:5455 their conatant
coefficients and independent variatles differing
by quantities of second order when compered with
the earlier cnes. This method, therefore, pro-
vides & very accurite solution to thes equetions of
motion in that the oaly errors amade are those thet
are comnitted in the numerical integration of
quantities of second order. The integretion
method used permits this error in second order &and
8l]l smeller gquantities to be held to one part in
one hundred thousand for typicel cases.

The relative size of the nonlinear correction is a
function of the time of flight &nd the magnitude
of the reletive motions. This eppendix attempts
to establish some qualitative idea of the error
introduced by using the linearized equations.
Numericel comparisons of the exact solution with
the "0ld" and the "new® linearized expressions

are made for several specific cases.

Introduction

The equations of motion of point m&as in a central
force field relative to a circular or elliptic re-
ference orbit have been derived previously” in the
shell=coordinate system. With this derivetion,
when coplanar motion is considered, each equation
of motion has an exact first integral (correspon-
ding to the conservetion of enguler mouentum and
the vis-vive integral).

The "gquestion" of whether to use rectanguler
coordinetes or apherical shell coordinstes ia not
of direct importéance here, ss it ias only possible
to use tre latter with this nethad. It my be

of interest to observe thet coaputer studies mede
by the authors have sptisfied us thet there is no
quesation but what the shell coordinctes are, on a
whole, surerisr to rectangular coordinates for
rendezvous guidence. These studies showed thet
the rectanguler coordinetes were best only when
the initial conditions were such thet the target
wes almost directly below or sbove the space
ferry. It was tails reeson thet promoted us to
use s a check cese for the linear formula ad-
venced here the "worst" cese of motion, & lurge
altitude discrepancy. In the case of large epoch
angle errors end relatively long-time rendezvous
asaneuvers, the use of the shell coordinete system
produced usable mnswers while the rectangular
coordinate systen indicsétes initial impulses which
ere quite ridiculous.

It has becoae comauon pructicea’5r54'5a to linearize
tne exact equations end solve the resulting linear,
constent-coefficient, differential equetions,
snelyticelly, The linearization is performed
uncer the assumption thet the distence and velo-
cities, when nondimensionalized by the reference
orbit radius end velocity respectively, are
first-order smell when compared with unity. The
products, squares, end higher powers of terms

like this are neglected. The spproximatisrs made
result in an sccurscy that is unknown and which
detericrate with increasirg scale of the motion.
The following enalysis will atteampt to iacrove

on the beaic equations and provide & aethod of
computing the exsect motion whickh in furn will



provide en error snalysis of the approxiazte
solution.

In this work the most genersl fora of the linear
equstions will be sought; that is, the nost
general linear, constent-coefficient equation
without regurd to the order of wegnitude of the
terans inclided. The difference between the
solution of this equetion, wh.ch ig anslytical
in nature, end the exact solution, which ia
implied by the differential equation, is termed
the perturbetion solutisn. This perturbation is
second-order gsmsll and hus its own differentiel
equation which 28y be solved by & numerical
integration procedure. In actusl fect the pro-
blem of determining the sslutiosn is practicvlly
one of quedratures which aekes the numericcl
apalysis inherently more sccurste.

hnslysis

Differentiel Equetions for Relstive

Aotion. The situation t3 be studied is shown
in Fig. 2 . A reference point is moving uni-
formly at & rate @ in & circuler orbit of
redius ¥ . As this is the tsrget setellite
the reletionship between @ eand |~ i3 fixed
Uy, ihe two-body result foar & circular orpit

er5=f‘= . The coordinetes of the position
of the space ferry with respect to the refererce
point (mey be tne target satellite if the target
satellite i3 in e perfect circuler orbit) are

A » arc length along the reference orktit,
end 3F redially out from the reference orbit.

To derive the differsntisl equstions of sotion
by lagrange's equetions the expression for the
kinetic &nd potential energy (T end V) are set
down.

T- 2{flred Tsliove) dae s ]’
=(m/z2)[ 2%+ (r+2)* (61XA)E ]
V=~ Gam/(riz)
= —metr? (r+z)!

Letting L=T-V, the following two differentisl
ectustions result:

(aL/ay)- 44t (BL/a%)=0

(2mArr)dde [ire2Y (B t%/r)] =0 (1-a)
(0L/a2)- 44t (3L /33) =0 >

ME - (r+ BB+ X/ )= ME 3 (r42) "= 0(2-4)

The equetions may be nondimensiomalized Ly the
new variables,

E=T‘.}"rﬂ g: X/‘(" e=6t (3-4)

and become, after aimplification:

d/dg [_{ 1.+E)1(i"i E,’J] =0 (4-4)

T-E) I+ 84 (4B =0 G-a)
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where & priue indicetes differentistion witn
respect to theta, E; .

Solution of the Differentiel Eguations.
The differential equations above ere really no
more than the conventional equetions of two-body
motion with a transformation of veariables. These
equetions c8n be solved in the same =anrer as
orbit equations, however, this is not astisfac-
tory for rendezvous studies. What is desired,
of course, is en equation for 8 and L, es
functions of & . (SomethigE like this has been
done and sppears in #oultonl®l op p. 171. Moul-
ton's equetions, unfortunetely, cannot be evalua-
ted resdily when only the motion relative to the
terget is koown.) When the terget end inter-
ceptor are close it is known that the motion
Bpproxigetes thut in free gpace and it is desired
to have the equations of rendezvous heve this
behevior.

The solution to the two differentiel eguations
abive may be pertly &ccomplished by the two exect
first-integrels available. These correspond to
the conservetion of enguler momentum 8nd vis-viva
integrals respectively. The consténts of inte-
grotion will be dencted by small 's.

(+8) (1t €)= 4, (6-A)

comes directly from the first differentiel egqua-
tion (4-A). To get the second first-integral,
insert this relation into the second equetion

(5-4)s

ﬁ”"'(i"' ;)-1_”&2(”_5)-3___0 (7-A)

This equation mey be integreted by wultiplying
through by 15 which produces an examct differential,

(5’)1-1(|+;)'*+k,2( HEY =k (en)

This lest equation, however, is not used by the
procedure outlined in this note, but the equation
from which it is derived is used insteed. The
differential equstions then become!

i,f‘*(l*ﬁ)‘idé}{”ﬁ)-g‘g (9-4)
E4i-4 (1120 (10-4)

where J@aia to be eveluasted by the initial
conditions.

Introducing additional notation to distinguish
between orders of magnitude of constants, let

K = R,- | (11-1)

Kz 2K -KF (12-4)

If this notation is used the differentiasl eque =
tions become:



2+ (re) e () (1+2Y 70 (e

(14=4)

'g"-ﬂ - () '.+1‘;Y2=0

where all symbols eppearing ere first-order. It
is now possible to seperate the differential
equations into their lineer and nonlineer pRris

by the following substitutionsi

(H'.C,')_i‘ l-2§1-F7f.7;) (1554)
wherat
a3 + 25
%-r- E W (16-4)
and
(l+'.;3-$= -3 rT(f) (17-2)
wheres
Terar 32"
x= t { \+T )3 (18-4)

The differentigl equations ere now writien in
two parts belowt

[ﬁu*ﬁ (143K2)- K] +[ P"‘}"(HKJ ] =0 (15-4)

[2/ 122w -K ]t [-plun)] = © oob

Eoch equetion is the sum of & lineer and a non=
linear part, &nd esch egquation is mlso exact in
thet no simplifying essumptions have been in
addition to the besic assumptions.

The lineer pert of the differentiel eguation
differs frow the usual equations only in that,
the constents contein, in addition to the usual
firat order terms, some quantities vhichk are
usually neglected because they &re en order of
megnitude smeller then the besic part of the
term. These extra terms in the constents, how=
ever, do effect an improvement in the accuracy
of the linear epproxiaction to the motion which
is most noticeable in the enelysis of very long
time motions.

Let E.. anc rL be the complete sclutions to

the linear perte of the equations above. The
compleie solution to the equetions will then
sppesr 88 the sun of & linear end a "perturba-
tional" part, s shown below:
E= 5. v & (21-)
LT ~C +L (22-4)
v P

124

In order to write the lineer solution explieitly
the following notetion is employed:

W2

o= (1+3K) (23-4)

g0 thet the linear solution becomes:

‘I;h= C,sinwd + Cz coswe + WK /oot

(24-4)
.- [__———ztz_f')c::}cmsma- [-—-—-—:'2{::‘ C:[sinwe
2(i<, K 204¥.)C
'[%2_\& K)o+ [£. - 2]
wheret
Cl =ﬁ-‘: Cit ﬁu _ K."/ml (25=4)

Substituting these into the complete differential
equation along with the unknown nonlineer pert of
the solution, one gets the differential equation

of the nonlinear partsi:

ipl' = - (143 Cp + (14KY-f
§;= - 20+k)T, + ( 1+t<.j(3

where the functions —6 and (5 are es defined
before and ere functlons 3f the coamplete
solution Z: « If, in the equetions above, the
linear instead of the complgte solution Were used
to substitute in P end these functions
would Le in error only by terms thet ere first-
order small E?en compered with the true velue of
and This means thet the perturba-
tion snlutisn would be off by en amount one order
smeller then the size of the true perturbation
solution itself. The perturbstion eolution
would be sdded to the linear to result in second-
order spell errors in the totel solution; there-
fore, the problem is precticelly one of quadra=
tures. The actusl solutisn of the nonlinear per=-
turbation egqueticns ebove, howsver, was carried
sut on & IBM 7090 by & numericel method that
permits errvor control to within one part in one
hundred thousand for normel applications. The
equations ebove were solved (using the complete
solution to eveluste the 7, and §, functions)
by e method which is limited in its accuracy
only by the number of significant digits carried
in the celculation. The numerical integration
was carried out bfy an Adems-Moulton fourth-order,
fixed=-interval method.

(2’5-5:‘

(27-4)

The linear equetions can be reduced to the more
common fora oy elimirction of ell quintities of
gsecond order in the constants.

The computer program calculeted the welue of the
"61d linear" equations as & check on the colcula-
tions. In eddition, it calculeted the "new
linear" solution, the perturbetion solution and
their sum, the exact solution. The progrem can
take sny set of initisl conditions in either tne
non-dimensionael form written here or in dimen-



aional form, £nd give the answera either in
dimensionel or non-dizmensional form.

An inspection of the perturbation equetions will
show that the "forcing function" has an ampli-
tude proportionsl to the square of the coordinate

« Intuition would sey, then, that the
error in the linear solution to the eguetions
would be proportional to the square of the
averége excursion from the origin and would
increase directly with the tiae of flight in the
worst instance. The preliminary investigations
with the program have been carried out with the
model sbove in mind, end some of the results are
shown in the nexi section.

As e sidelight, the equivalent operation of
splitting into a linear and g smaller nonlinear
differential equation cen ealsoc be accomplished,
using the second integral availeble. The con-
stants ere adjusteds

Ka =',k=+‘|

The rollowing substitutions umede:

(+T) =1L € g= T¥1r1)
(+2Y = 12843855 5= Llasg)(we)™
[ YL 20K, +lia4cs) ] +
[26-8 +38"K2- 8] =0

The expression in brackets on the left hes es its
solution the lineer reletion outlined above,
however, it can be seen that the type of pertur-
bation mnelysis used earlier is not applicable
here.

Results

The equations in the previous section were
programmed for solution on an I&4 7060, es was
Previously mentioned. As & check on the eccuracy
of the program the "interceptor" was placed in
the initiel condition equivelent to an orbiting
body at perigee with reapect to 8 reference
orbit with the same nean 1otion. The initial
conditiona for three cages, = » .0C1, .010,
«100, were run end the trejectory for one orbit
computed. The “"exact" solution reproduced the
initial conditlions one orbit later to the order
of accuracy of the input conditions. In maddi-
tion, the error in the lineer sslution checlred
the predicted error of Ref. Ea], the errar in
the linesr solution growing es the square of the
initi=l distance, Agreement between solutions was
good for e = ,001; see Figs.3&4 for other cases,
The improvement over the "old lineer" by the
"new lineer" is slso quite cleer in the larger
case of motion, tre error being reduced Gty a
factor of four.

The initicl conditions were computed by & series
expansion given on page 171 or Ref. 2, so the
check is independent.
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APPENDIX B: THE "EXACT-NUMERICAL" PREDICTION
OF TIE VELOCITY COMPONENT REQUIREMENTS
FOR_TWO-IMPULSE RENDEZVOUS GUIDANCE
USING THE "SHELL-COJRDINATE"™ SYSTEM

In Appendix A is presented & method for deter-
mining the "exact-numericel™ motion of a apsce
ferry provided the initial conditions, i.e.,
position and velocity, are given. In order to
obtain & set of guidance equations, it is neces-
ssry to be able to calculate the velocity com-
ponents regquired for rendezvous at & specified
time &nd position in teras of the initial
pesition. In other words, one must have s solu-
tion to the equetions of notiosn between fixed
boundary conditions (the end points of the
mntlnng- The_lineer equetions of relative
a0t10n213132-38 sre easy to errange in guidence
lews. The more exact numerical solutions, such
as presented in Appendix 4, require an iterative
procedure such ts described in this Appendix in
order to iovert the solution of the motion into
8 guidance law.

The need for a more exact guidence law is depen-
dent on the accuracy of the reletive position and
rate information end on the renge and altitude
distance between the two rendezvousing vehicles.
Even if amccurate relative position and rate
informetion are available a8t the stert of a long-
range rendezvous meneuver (e.g., at the start of
ascent from & parking orbit) use of the lineari-
zedrendezvous guidance equations will result in
large errors to be corrected later. Anticipeting
large syatems of the future where computing com-
plexity is & minor considerstion end guidance
efficiency is & mejor item, the following scheme
computes an accurate numerical approximetion to
the exsct impulse required to put & vehicle on &
collision course with the terget at s specified
time.

The differential equetions advanced in Appendix A
heve proven themselves good for the problem for
which they were designed, that ia, given certein
initial conditisns to compute the relative motion
thet these initirl conditions produce. This
appendix considers e problem which is somewhat
the inverse, nemely, what initial conditions will
produce & relative motion that ends in rendezvous.

Solutions like those in Appendix 4 might be used
to epproximete the nonlinear perturbetion and
then a linear cerrection epplied to the initial
conditiona to get 8 new, corrected, impulse.
Such e procedure, however, fails to get ut the
root of the problem aince the cese of interest
is one in which the nonlinesrities play a m& jor
role. A4in ettack which produces s good answer,
regardless of the distences imvolved, mey be
more complicated but may =lso be & practicel
necessity.

The differential equatiosns in Apoendix A can be
used, but in order to solve them with fixed
boundery conditions en sdeptation of the numeri-
cal method of successive epproximetion is re-
quired. A description of this method is given
in diine's Numerjesl Solution of Differential
Equations on po. 106-109. The adaptation of
this method to the wethemstical situstion of this
eppendix involves some generalization of this
aethod for & sonewhat more simple situstion.



The generel idea is to establish an spproximéte
trajectory which exactly fulfills the toundery
conditions and successively refinea it by re-
peated substitution into the differentisl eque-
tion, adjusting the conastants of integration to
assure the satiafaction of the boundary condition
at each step. In order to 1llustrate the appli-
cation of this methnd the problen will first be
formulated in general terms.

The independent veriatle is Q , 8aod the two
dependent veriables are end Z + The
boundary conditions are given below:

Boundary conditions

When Q‘
D)

equals then g end Z; eguel

. | 4

Ox o | &

Of course, L, , Z. , end O are ell given.
( Ok 1s equsl to the product of the time to
rardezvous and the anguler veloeity of the rota-
ting coordinate aystem). The problea ia to find
the velocity %/ and Z,/ that will satisfy the
boundary conditions.

f“:( is a constant of integretion thet iz a

function of the initial conditions. Written
symbolically!
),
;<’= J‘f (’g;n! Zt;) ;?0 (B-1)

liote thet with this formuletion of the equations
of mation (see Appendix A) that is not a
function of L% ; end that " and £’ are
functions only of Z end /K as shown by the
following differential equationsi

2o e ]
g'= h[z]khIL]

!
So that if the ipitiel value of :;o and the
correct value of are found one hes an im-
plicit solution to the problem of determining
the correct L4 and 5/ .

(B-2)

(8-3)

First, form a first triel "solution" ;Tf@;)

auch that
Liov=1, Z.(6)=0
0f course, the noreh, (@) is like the true

golution, the faster the solution will converge.
The boundery conditiona require that:

x
s
E;{‘;§} =0= z?u 7t 9_‘;:{j£;

(B4 )

If the first epproximestion function is substitu-
ted into this equation, one hast

Ex (=
£ £[T.e]de+K|fs [t ]do=0 (s

B8=0 g=o
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The two integrals in this equation are quedratures
which wé&y De evalusted in our cese by numerical
methods. when this is done the first epproximetion
to K masy be found, may K, , where:

g+ [ izl | o
Lo b [L@]d0

The second boundary condition requires thet

By
[led=c-T +Lley+|| Td%0
Bz

So that the first approximation to ;,_, may be
computed 883

A [ I+ _rs‘:‘g. [f.fe)]dzt?]
(Eu), - (8-8)

With the first approximations to the boundary con-
ditions now at hend e new, &nd presumably better,
approximation function can be computed by the
foroula below:

(=]
T=L,Co)e + ”etif'mg}’ K]d%® ()

Repeating this procedure should result in succes-
sive refinements of the correct solution. It is
not possible to prove with rigor thet the solution
will converge except for a very limited class of
functions, however, the behevior of the sequence
{l;f,} of initial values should convince one of
tne validity of the sclution since the existence
of the solution is known from physicel reasoning.

K=

The formuls below gives the actuel computational
algorithim used in their proper order.

Definitionat
B=7*(3+20)(1+%)"
¥= T (et80+35%)(1+4)3
B = (1-22,+f.)

Ei"z-’ IE}| (13;59)

Ky = 2K +K™

The subseript L , L=hZ. ..
valucs obtzined from the
function.

Given g: ' 5 and @.{ » the differential

equations,

FL Ky =L (143K )+ Y (14 i) -ﬂ
£'= K [1-Gz-p)]-(25-8)

and an epproxizetion functisn ; (8) such thet

-5,  T(en-0

(8-10)

. refera to the
th approximetion

(B-11)

(B-12)



The logical choice for Z;. is one predicted by

the linesrized two-impulse rendegvous foraula.

Uther functional approximations can te used,

however. For convenience the formulas for this

"first guesa" &re given at the end of this
endix.

Be Sx

= 9-0(1‘;': "gi)dg (B-13)

K¢ = (Fi-E,)/(ox-F) (B-14)
9 W

C'T;(QJKL)=[/DI(;JK‘)G"89 (B-15)

(7;1]1=‘[E'IL(GMI(;_)*ZO.]/Q* (B-16)
(5:).. = (Ki‘ E‘L)/B. (B-17)

Zm(ej"' Z;*(:;)LQ +(G: (g, k) B

return to Eg. (B-13).

The linear approximstion function is the "old
linear" solution to the two-impulse rendezvous
problem. The sequence of initiel velocities is
aeen to comverge numericelly by observing the

(L2): . CBED). for L= 1,2,5 .-« untdl
the erbitrary numericel bound for [(T4)u '(Ci};]

and[{g’nkﬂ- [_E_;:-\‘l[] is satisfied.

For integration of F , simpson's rule may be
used, while for the integretion of Ch y 8
veraion of 5tormer's nethod may be used.

a) For starting:

Y. =0
Y, = (h‘/sm)ﬂdo\,':,-rllsyr-Iﬂﬁyg +ZB\;;J

\{2 = 2Y, +Q’=1/-.1.}[\,'l7_ . IO‘T": 1\,':] (B-1%)

b) For continuing:
']
Y’m-l = 2\fn'\1‘n-| + (Wl:.)[y:'lm* 10Y, "y :I'l]{ B-20)

Formulas for the firast epproximetion function are
given below:

f(6)= (4- 3036 T, 1 20-e36) E + (5ing) T
gl‘? ={sine*s, +[18(1-cos8) - Laysing, ] L, } /D
Ly={-20-0360)E, + (43i08, - 20,058)E, /D

D= 36«sinez - 8-~ 0sey)

The sccurascy of the solution, if no errora are
present in the initisl conditions, is governed
by four factors: (1) the mccuracy of the dif-
ferential equations in representing the reel
gituation; (2) the number of points along the
curve that are used to define the approximation
function numerically; (3) the rumber of digits
carried in the computaticn; end (4) the accuracy

of the numerical integretion formula. It seems
cleer thet nons of these fectors will be nearly
es large 88 messuresent errors will be ina
precticel guldance system. Therefore, the
practicality of such a method ultimetely rests
on the enswer to the guestion, "Does the fuel-
saving thet mey be realized with the measurement
end impulse errors thet e real system will have
warrant the extre computing capability required?®
For long rénge midcourse guidance using com=
puting fecilities on board the space statlon

(s0 thet it need be carried into orbit only
once) we believe the anawer is clearly thet

the fuel saving is definitely worth while.

Simplification of the computation procedure for
actuel systems to, say, eliminate the compute-
tion of trigonometric functions may certainly
be made. For extample, one could limit the
computetion of impulse to specific points,
store the sine &and cosine for adequate inter-
t6ls to fit these points and computations then
would &1l be linear arithmetic. The number of
iterations could, posasibly, be reduced to only
one for most cases. It 1s very eBay 1o make
many runs in studiea on the ground to errive

at practicel minimums Por these quentitles. A4s
the distance gets smaller no itersiions need
take place, &nd the computation stops wnen the
lineerized guess for the velocity hes been ob-
tained. Theae formules, in turn, reduce to the
"free spece” formula when the time to rendezvous
is small. In this manner the guidance scheme
successively linearizes itself as it gete
closer, making computation time much less when
informetion is needed more rapidly.

APPENDIX Ci SUMJARY OF
RENDEZVOUS EQUATIONS

The coordinates of an interceptor relative to
the terget reference circular orbit ere shown
in figure 2. The reference orbit has &n angu-
ler velocity & &nd is et & distence |°
from the earth center. & is & conetant for
the heevenly body in question such thet

eé’r‘: G

If ﬂ, is the reference circular orbit velocity
{ Vear& ) then the rendezvous veriebles are
non~dimensionelized by the following formulat

%E = Y/

(nlong an arc)

LERZe

(along en &rc through the
target normsl to reference
orbit plene)

= Z
E: /Tﬂ {outward from force center)
/! '

?E = dg f/EfE; = }(/AJL
\T,’ \,{/\_J"
z:,= 5514J¢

If the subscript o refers to conditions at
& =() then the linearized motion isz



E=E, 0 (sine-0)Y, + (4sing-38)E/ ~1i030) B
L= (4-3s0)0,+2(-tose)E, +sin6 5.
Bz -L(-s0)0, 4+ (4c0s8-3)E. - (25ine) 5
T'= (sine)y, +@sine) §! +(cwse)E!
h = (coseo +bind) Y/

M= -(sine)n, 1(058)},;

The initial value of the velocity which will

produce & collision g, radisna later is given
by

Z f(sins%pf [140<0s80)- cex sing 1,/
yi= -koted)y,

!

;Do g'Z(‘--to)E*) ?,, & [4 5}09{ -38,<058, ) ;‘;}/ﬁ

The value of the velocity £t the collision can
also be computed?

/
g; = {‘2“*[0564)?‘5 151 NGBy Z;?— /D

M= sceq),

f
’g e giasme,pseagﬂzg,_m,g*);; } /_D
where D= 3854 SinBy -3(|«-car9¥)

In the computation there are five coefficients
thet eppear. Due t3 the zero in 0 et Q=0
these become difficult to evaluste for small °

% - For this purpose, power series or
Laurent series should be used for small 'k
The series below mey be used u{ﬂfto e, =40°
with an error never more then g%.

SiNBe /D = ‘é‘_ f 1= Y785 + Vs Gyl . - - 3
[14¢i-es6) - 68451082 ] /D =~ { 1 1% B¢ - Yoo O }

2(1-cos8y) /b= ~{|- a0i 17480 Ext- - §

[45i06y 30,0581 /o= - b, G420 - o0t J

target orbit travel spert. Trne first impulse is
given 360 degrees from collision. These impulses
are, as functions of the initiel conditionst

time 1o rendezvous tengentinl impulse, ﬂ.l;'f
360° - E;-*f‘fm}ﬁ (56)%-(hn*%) 3L
270° (%) 5L
180° ~ ().

50° ~(a)%3
0° ~Clen YE, 4 ()L (o t'B)3S

There are three systems of coordinetes to which
reference will be mede. For simplicity sll dis-
tances will be divided through by crbitel attitude.

1) Shell cocordinates defined in Figure 2.
is along the orbit, 4 is clong local
vertical.

2) Rectenguler coordinctes. X  aessured
tengent to orbit end ¥ salong local vertical
through the coordinete syastem center.

%) Fader coordinates. L distance from coor-
dintte system center. & &ngle from # aes-
sured os poaitive toward

Tne trunsformetion between rectenguler &nd redar
coordinates clerifies their reletionsnip.

lotetiont
Ce = cos@
V,{; = !‘(L{!:VQ“I—QL{

e
sterred foraule sre to be uszed when | is
smell.

x=RKSe
Z=Rla
8= Yan " (x/z)
R= (xtez®)"

X=(1+3%) J¢
z = (l*ﬁjl’:;'l‘
2= ZT-Ve(Q+%) ()

£ = tan’ Cx/cCire)]

7= [ewg)texz )R-
(for eaell R comvert % and T to rader
coordinates end use formula below.)

(49!191 - 3‘9*‘}"@‘: "/?5151-%&1*‘%9:-%@;?] E=[H(u‘4)l'-z(|f‘§;’ff ]vl: [";2+?.‘-'§(’H¥)Téf1)

Cotbx = -'é*i 1130 -'asOy" -~ ?

Inspection of the formules above show the free
space mpproximation holds when é-:y ig very
small.

The QORGS guidance scheme2 has five impulses
tangential to the orbit spaced at 90 degree

Qz'fan"{[{HYJSg]/[g—J;{H;’J]} ( 4)

B+ tan' § [0+3)5g] /[ (118)te -Ij%

£= tan [25e/(4R(e) ] .

L= (1+1Ree +22)2 = RE(E)+R Fale)4 -+ (¥
Fi=le Feash FRr-hiesh F:-%56(-s0%)

Fs» 3lesh (3-7C%) F=& sb(1-14cp+21¢t8)
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Abstract

The restricted Three-Body=Problem considers
the motion of an infinitesimal mass under the gravi-
tational attraction of two finite masses, which
revolve about their common center of gravity in
coplanar circles. It is well known that Euler's
problem of two fixed centers, consisting of the
motion of an infinitesimal mass under the gravi-
tational attraction of two finite masses fixed in
space, can be solved by elliptic functions.

The idea presented here is to take the solution
of Euler's problem as the solution of the restricted
Three-Body-Problem by allowing the initial values
to be functions of time now. Differential equations
for the perturbed initial values are established.
These equations can be given in closed form by
using the fact that the transformation to the per-
turbed initial values of Euler's problem is canoni-
cal. Thus, an approximation can be cbtained for
the solution of the restricted Three-Body-Problem.
The method can also be used to represent classes
of neighboring trajectories for guidance purposes.

Notations

dot: differemtiation with respect to time t, e.g.

1 = dxy/dt, x = dx/dt

small circle: partial differentiation with respect

to time t, e.g. £ = Ox/ot
X3 X10)| ‘3H aﬂfaxl
4=vectors: e.g., X =|Xz|, X = |%zof , 5= = oH/dx
Xz K=x0| aH{Bx
X4 Xa40 oH/ox
0 0 1 0
with the matrix J =| 0 0 0 1| a canonical
-1 0 0 0
o -1 ©0 0
system %, = OH/3x3, Xz = OH/Ox4, X3 = - OH/Ox,,

%4 = - OH/Ox> is written as k = J(OH/dx).

Introduction

For the purpose of guidance of lunar vehicles
it would be useful and convenient to possess
analytical expressions that give position and
velocity at a certain time as functions of position
and velocity at an earlier time; in addition, the
formulas should be as simple as possible and of
sufficient accuracy. This general problem was one
of the incentives to a study that shall be outlined
in its basic ideas in this paper. Only the simplest
case of the problem of motion and guidance in the
real earth-moon space has been attacked so far,
idealizing as much as possible. Accordingly, in
the following the restricted three-body problem in
a plane will be considered, treated as a perturba-
tion problem of Euler's problem of two fixed centers,
which can be solved in closed form by elliptic
functions.
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The procedure of attacking the problem is the
following: Represent the restricted three-body
preblem in a rotating coordinate system in which
the two finite masses are at rest. Then the
Hamiltonian H of the restricted problem can be
written as the sum of two terms, H = H, + Hz, one
of which, say H,, is exactly the Hamiltonianm of
Euler's problem. Solve Euler's problem - this can
be done in principle - and consider the initial
values of the solution of Euler's problem as the
new variables of the restricted problem. It can be
shown that this transformation of the dependent
variables is canonical, and that the new variables
satisfy canonical differential equations, such that
the Hamiltonian of this system is the other term
Hz of the Hamiltonian H = H; + Hz of the restricted
prnblem This process is applied once more to

= Hz + Hs, and the problem is reduced to the
soiution of a system of canonical differential
equations with the Hamiltonian H;. The solutions
of this last system of equations are slowly varying
functions for not too large intervals of time.

The object of this study is not so much the
approximation of the true trajectory by another
simpler trajectory =- mathematically usually an
initial value problem -,but the development of
methods towards the solution of the above-mentioned
prediction problem = mathematically closer to a
boundary value problem.

Theorem on Canonical Initial Values

The following theorem will be used essentially
in the subsequent developments; it will be formu-
lated here without proof. As already mentioned,
it states that in certain cases the initial values
of the solution of a system of canonical differential
equations are canonical variables for another canoni-
cal system.

Let & = J(OH/9C) be a canonical system
with the Hamiltonian H = H(t, @)
and initial values tgy, Q.

Theorem:

Let H = H; + Ho and let B = B(t, B,) be
a solution of the canonical system
f = J(OH,/08) with the Hamiltonian

Hy = l(t B) = Hy(t, B) and initial
values tg, By
Define functions y = I'(t, &) = B(t, &)

and determine the functions

= A(t, Bg) so that the T are a
solution of the (original) canonical
system ¥ = Jfaﬂ}ay} with the
Hamiltonian H = H(t, 7) = H(t, 7)
and initial values tg, 7o = Op.

Then the functions A(t, Bp) are a solution
of the canonical system &= J(BHgfaﬁ)
with the Hamiltonian H% = HE(r, 8) =
Hz(t,['(t,8)) and initial values 5g=Cg.



The Restricted Three-Body Problem in the Plane

ya
Xz
m=, »¥1
¥
m
(ygn. ¥y (1}}

let yy, y= be cartesian, barycentric, and
space fixed coordinates in the plane of motion; let
the finite masses m; and mz revolve in circles about
their commen center of mass with angular velocity n.
The differential equations of motion of a particle
with mass zero and position (yi1, y=z) in the gravi-
tational field of m; and m- read

1 2
= Y:'Yg ) ?1'?5 )
yip= - jym = = Jymgz

Pi Pz

1 2
- Fz'yg ) Yz-yg )
Yz = - = = Jma2

P1 05
where

Py "wﬁyl'Y§l}}2 + (yR-ygl))E i=1,2.
The specific kinetic energy is

T =5 (75 + ¥2),

ra =

the specific potential

V=-

1 1
™ P1 i pz '

and the Lagrangian

[t}
Hi
=1

The equations of motion can also be written as

ay

Vo r - 5yz

na

¥1

F}

o
g

1

Introduce new coordinates x,, xz by the
rotation

xy; = y3 cos n(t - t ) + yz sin n(t - t5)

Xz = = y1 sin n(t = t5) + yz cos n(t - t°)
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so tha Ehe coordinates of m; and mz are constant
and x; 1 , 0 and xo ), 0. In this new coordinate

system we get:

specific kinetic energy
T = 2GE + %)% + 3 02GF + xB) + n(xake - Xixa)
= 2y - x2)? + Ghe + nx)?],
specific potential

L

a
=

1
V = V(xy, X2) = = ymy o ymz

Ty r

where

ri. =\/':x]. = xgl}}E o xg »

the Lagrangian
L=T-=-V,

and the differential equations of motion

- : v
¥, - 2nks - noxy = -
LS
. . 2 ov
X= + 20X, = 0 = - -
2 + 2nx; Xz S

For the following we will write the differential
equations of motion in canonical form; introduce in
the usual manner the generalized momenta xs and x4

by

oL .
Xy = x=— = X2 + nx;

L .
Xz = -é_il = X3 = NXp, 3

and the Hamiltonian

H = H({x) = H(x;, Xz, X3, X3) = JC'_!,}::I + ;CEJC4 -
3 A 1
L(x1, %2, X1, %2) = 505 +x§) +
nix-xs - X;%a) + Vix,, x2).
The canonical equations of motion read

4. = - OB
%, ? 4 m:
oH

or in matrix form % = J Sx’

Let the initial values be t , x,.

0

Euler's Problem of Two Fixed Centers

Write H = H; + Hz,

1
where Hy = E(xg + x3) + Vixy, xa)
and Hz = n(XzXz = X1X4);

H; is the Hamiltonian for Euler's problem of two
fixed centers, as can be derived directly or from



the fact that H; = H(n = 0). Introduce new coordi-
nates w instead of x for the (formal) solution of
Euler's problem, and define a Hamiltonian H, by

Hy = Hy(w) = Hi(x).

The differential equations of motion are
aH,

M

and denote the initial values by t,, w,.

Let w = W(t, "o) be the solution of this system of
differential equations, i.e. of Euler's problem;

it follows from the theory of differential equations
that the W:(t, w) are holomorphic functions of the
variables "W; in a sufficiently small neighborhood
of the point W, = wg. Since W(ty, W) =W, one finds,
expanding W in a power series of t - t;:

= oW
W(t, W) =W + ( (t - tg) + ...
ot ks o

and therefore

(eu.(t, s‘.'r))
__JEE____ = By
i Ji
to
and this holds especially for W = w,.
Perturbation

Introduce functions Rj, j=1l, ..., 4, by

w=0(t, ) = W(t, &)

and determine the functions £j = Zj(t, %) in such
a way that w is the solution of the original
restricted problem, i.e. that

[a)

5=J~a&“u-

with the Hamiltonian B = H(v) = H(w) and initial
values t,, Wy = X,-.

According to the theorem formulated at the
beginning one finds that the functions
£y = Eﬁ(t, X,) are determined by the canonical
system

dHz

i

with the Hamiltonian ﬁe = fiz(t, B) = Ho(0(E, E))
and initial values tp, fp = Xg-

New Expression for Hp

Let us derive another explicit expression for
the Hamiltonian Hz(t, E) in order to be able to
split fi into the sum of two terms and to apply this
perturbation procedure once more. From the
definition of H- it follows that
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Ho = n(uaoy - wius), g = W(E, E).

The w, are the solution of Euler's problem
and ccnsaqugntly satisfy the fellowing set of
equations:

o °
W = Ws, Wo = Wy
1
o OV(w,, wp) mI'ME ) W -m(l)
w IV(w;y, wz) Wz ws
Wy =

W ey e e
2 1

(1)

where wy *; 0 is the fixed position of mj, and

ry =\/kul - mgi))z T

It follows that

aHE o (] -] (-]
o e (gl Skl e Uy o Wiy )
= n(ugs + oy - Wiy - Wylly)
a -]
= n(wzws - wWikg)
W Wz
(1) (2)
=n W - -
[Tml 1 ;? ymzldy ?E
= (1) 1 1
= nymyley TuWg ?E =~ y3) 2
i 2
since

mtmilj + mgwgz) =0
in the used barycentric coordinate system.

s
Integration of ﬁg with respect to time t (the £
are considered as constants) vields

L) at;

for Ha(t,, &) we find, since (t,, £) = &:

t
ﬁz(t. By - ﬁe(tm E) + nmlmgnﬁae-:];-
E

]

ﬁz(tqp E) = n(EzEx - E3E4).

Second Perturbation

Write Ho(t, &) = Hx + Ha,

= n(Eofx - E1fq)
t
1 4
s [y 1)
t
o

nE(tl g)} ri i ri(t- ;)-

where ﬁ3

and Hy =

and ws =



As in the first perturbation process, we will solve
the canonical system with the Hamiltonian Hx and
introduce the initial values of the solution as
new variables into the full canonical system with
the Hamiltonian Hg.

Introduce new variables g,, gz, g3, B4 and
solve thg canonical system
-
& EE

with the Hamiltonian
i H§(s) = Hz(g) = n(g=83 =~ B184)

and initial values tg, Byt The solution g = G(t,85)
can be given explicitly as the simple rotation

0
0

0-
0

cosn(t-t,) sinn(t-t,})
sinn(t-t,) cosn(t-t )

g Eo

0 0 cosn(t-:u) sinn(t-t,)
0 0 -sinn(t=t,) cosn(t-t,)
or
g.= R(t)g,.

Now introduce functions 7; = I'j(t,A) = Gj(t,})
and determine the functions Aj = hj t,xo) so that
the functions rj"are solutions of the full canoni-
cal system with Hz, i.e. of

. ous
7y =J >

with the Hamiltonian HE = HE(t,7) = Ha(t,7) and
initial wvalues t,, Mg

Again it follows by the theorem formulated in
the beginning, that the functions A = A(t,x;) are
determined by the canonical system

., OHs
AN=2J Ei”
with the Hamiltonian H: = H:(t.h) = He(E,T(E,A))

and initial values tg, Ay = X5. The Hamiltonian
Hs can be written also as

t
Hi(t,M) = nmJE)fue G“ = 1_)“,
1 1"3
Lo

where W and ri have to be expressed as functions of
t and } () is a constant for the integration)}.
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Concluding Remarks

By the foregoing developments the restricted
three=body problem has been reduced principally to
the computation of the functions A; = A;(t,x,) as
the solutions of a system of canonical ifferential
equations.

One can try, for instance, to expand A(t,x )
in a power series of t=t; or in a series of sulgably
chosen polynomials in t. It is easily seen that

therefore the power series reads

Alt,xg) = xu+-%-(é ))t {t-:o)2 i
(4]

i.e., the linear term vanishes. This indicates
that A = x, is a good approximation in some neighbor-
hood of tg.

2 ACt,xo

ot®

The coordinates x of the restricted three-

body problem can now be written as

x = x(t,x5) = W(t,R(E)A(L,x,))
and, solved for X,

A= AME,x5) = R(=t)W(-t,x(t,x,)).

The formulas for the coordinates x in the
restricted problem show - as one expects of course
from the conmstruction -, that x is represented by
the solution W of Euler's problem with varying
inittial values. Thus, the trajectory of the
restricted problem is not approximated in the usual
manner by one solution of Euler's problems with the
same fixed initial values, but by a one-dimensional
point set of a one parameter family of solutions of
Euler's problem.

The differential equation for A is of a very
complicated form and it has not been tried yet to
approximate its solution analytically. However,
the last formula can be used - and it has been
used extensively = to compute ) numer ically and to
fit it then by suitably chosen functions. The
results are very promising so far, and the numeri-
cal computations show clearly that A is a slowly
varying function of time for the first half (out=
bound leg) of a circumlunar trajectory; A is also
a slowly varying function for small changes in the
initial values, so that families of trajectories
can be represented by one expression for A,
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